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Resume of Transonic-Compressor Research 
at NACA Lewis Laboratory 


During the past decade, the Lewis Laboratory of the NACA was engaged in intensive re- 
search on the aerodynamics of high-performance axial-flow compressors. 


The focal 


point of this program, the development of the transonic compressor, ts briefly reviewed, 


and the bastc significance of the results is discussed. 


Following this, a résumé of suc- 


ceeding experimental single and multistage investigations and analytical studies is 


given to indicate the scope of the work and the major results achieved. 


An extensive bib- 


liography covering the research effort during this time ts included. 


Introduction 


N 1957, after over a decade of intensive research, 
the National Advisory Committee for Aeronautics (now the 
NASA) decided to terminate any further research work on axial- 
flow compressors. The decision to phase out of compressor work 
was based on the realization of an effective body of design in- 
formation, and the compelling needs for research in other aero- 
nautics and space areas. It will be the general purpose of this 
paper to present a summary of the major aspects and develop- 
ments in this research on the aerodynamics of axial-flow com- 
pressors, with the emphasis centered on transonic configurations. 

Compressor research at the NACA Lewis Laboratory in Cleve- 
land was the responsibility of the Compressor and Turbine Re- 
search Division headed by Oscar W. Schey. Compressor work 
was conducted under the direction of Robert O. Bullock, William 
K. Ritter, William A. Benser, Harold B. Finger, John F. Klap- 
proth, Melvin J. Hartmann, Arthur A. Medeiros, and the authors. 
In the decade from 1947 to 1957, on the average about 40 in- 
vestigators were involved in the research effort, which culminated 
in the development of the transonic compressor and its configura- 
tions and in the publication of nearly 150 reports on numerous 
experimental and analytical investigations. 

This paper presents a survey of the Lewis Laboratory research, 
effort on the aerodynamies of the transonic axial-flow compressor. 
In content, it will first review the status of com- 
pressor theory in the late 1940’s and some of the considerations 
that led to the development of the high-performance transonic 
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compressor. The basic significance of the results of the tran- 
sonic performance is then discussed in regard to fundamental 
compressor theory. Following this, a résumé of succeeding ex- 
perimental single-stage and multistage investigations and analy- 
tical studies will be given to indicate the scope of the work and 
the major results achieved. An extensive bibliography covering 
the research effort during this time and indicating the people in- 
volved is also included. The concurrent compressor work con- 
ducted at the Langley Laboratory of the NACA will be discussed 
in a succeeding paper by Messrs. Savage, Boxer, and Erwin [1].! 


Historical Review 

In the late 1940’s, the advent of supersonic flight required that 
the turbojet engine be made lighter and more compact. For 
the compressor, this meant units of smaller diameter and fewer 
number of stages. Aerodynamically, the requirement was trans- 
lated into a need for higher weight flow per unit frontal area and 
higher stage pressure ratio. 

Compressor design theories at that time were generally based 
on the use of symmetrical velocity diagrams [2] and thick-nose 
blade profiles of approximately 10 per cent maximum thickness 
ratio [3]. These design practices were developed primarily 
from consideration of isolated-airfoil and two-dimensional low- 
speed concepts. As a result, serious limitations were imposed 
on the attainable specific weight flow and stage pressure ratio. 

First, the use of thick blade profiles required that relative inlet 
Mach numbers be limited to about 0.70 or 0.75 to avoid serious 
loss penalties or possible choking of the flow. (A typical varia- 
tion of loss coefficient with Mach number for a conventional 
10 per cent thick blade in caseade is illustrated in Fig. 1(a).) 
Second, the use of prerotation to maintain the rotor relative 


1 Numbers in brackets designate References at end of paper. 





Nomenclature 


= frontal area, sq ft 
chord length 
diffusion factor (eq. (1)) 


= change in 


across 


velocity, ft/see 
tangential 
blade 


Subscripts: 


velocity Ah = hub 


element, ft/sec 
rotor 


= incidence 


angle, angle between 
inlet-air direction and tangent 
to blade mean camber line at 


leading edge, deg 


= Mach number 


total pressure, lb/sq ft 
static pressure, lb/sq ft 
radius, ft 

total temperature, deg R 


= blade speed, ft/sec 
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= weight-flow rate, lb/sec 


angle between air velocity and 
axial direction, deg 


= ratio of specific heats (1.4 for air) 


efficiency 
momentum thickness 
solidity 


= total-pressure-loss coefficient : 


(P2 — P,)/(Pi — 71) 
relative to rotor 


stator 
stage 
= tip 
axial component 
tangential component 
inlet. station 
blade-element inlet 
blade-element outlet 
= compressor discharge station 
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Fig. 1 Limitations of conventional subsonic inlet stage 

inlet Mach number within the limiting values or to establish 
the symmetrical velocity diagram restricted the maximum values 
of tip speed and inlet velocity (and consequently specific weight 
flow). In addition, the design velocity diagrams involved such 
large magnitudes of tangential velocity leaving the rotor that 
the condition of radial pressure equilibrium resulted in large 
reductions in axial velocity at the tip of the rotor for low hub-to- 
tip radius ratio designs. As a result, a large decrease in relative 
velocity was incurred across the rotor tip. A sample calculation 
of design values of this relative velocity ratio is shown for a typical 
subsonic inlet stage in Fig. 1(b).? 

The poor flow conditions in the rotor tip region resulting from 
this velocity deceleration reduced the allowable blade circulation 
that could be tolerated across the rotor tip sections, so that this 
effect, in conjunction with the low tip speeds (generally < 1000 
ft/sec), would allow only a relatively low stage pressure ratio. 
As a consequence, a typical variation of inlet-stage design pressure 
ratio with weight flow per unit frontal area might appear as in 
Fig. 1(c).2 Compressor design procedures at that time were, 
therefore, basically incapable of producing both high weight 
flow and high stage pressure ratio. 

From the research point of view, it was clear that, if the ad- 
vanced compressor requirements were to be met, the previous 
aerodynamic limitations would have to be markedly relieved. 
Fundamental research therefore would have to involve: (1) A 
study of tip-section flow conditions and the development of better 
blade-loading parameters; (2) the development of blade sections 
that would allow efficient operation at higher Mach numbers; 
and (3) a re-evaluation of basic velocity diagrams to get a better 
relation between weight flow and pressure ratio. The major 
advances in these areas of fundamental compressor research will 
now be briefly reviewed. 


Blade-Loading Parameter 


The investigation of blade-loading parameters for compressor 
sections resulted in the development of the diffusion factor 
(D-factor) as a criterion of the allowable design blade loading [4]. 
As indicated in Fig. 2, this parameter was based on the diffusion 
in velocity on the blade suction surface, so that 


V; , Ave 


oot : (1) 
Vi 20 V; 


D 1 


2? The calculation of Figs. 1(b and c) was based on limiting Mach 
numbers of 0.75 in both the rotor and stator, an inlet hub-to-tip ratio 
of 0.5, a tip speed of 1000 ft/sec, inlet rotation somewhat less than 
that required for symmetrical velocity diagrams at all radii, and con- 
stant work input radially. 
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Fig. 3 Diffusion-factor correlation for compressor inlet stages 
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Fig. 4 Correlation of wake momentum thickness with equivalent diffu- 
sion ratio at minimum-loss angle of attack 


Correlation of loss coefficient for rotor and stator sections (Fig. 
3) showed that excessive losses were likely if the diffusion factor 
in the tip region of the rotor exceeded a value of about 0.4. A 
simple gross means for relating the limiting blade loading to the 
velocity diagram was thus obtained for use in design and analysis. 

Later work on the loss and stall characteristics of compressor 
cascade blades lead to a more refined parameter called the equiva- 
lent diffusion ratio [5]. This parameter, based on the ratio 
of maximum surface velocity to outlet velocity, produced a 
general correlation of blade wake momentum thickness over a 
wide range of cascade geometries, as shown in Fig. 4. Satisfac- 
tory application to compressor design was also indicated for this 
parameter [6]. 

The preceding blade-loading parameters were found to be 
generally applicable as long as the maximum local Mach numbers 
on the blade surfaces were subsonic or transonic (Mach num- 
bers less than about 1.2). The influence of strong shocks and 
boundary-layer interactions on the loss and blade-loading rela- 
tions in the case of supersonic local conditions will be discussed 
in detail in later papers [7, 8, 9]. 
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Fig. 5 Transonic velocity diagram 
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Fig. 6 Comparison of design pressure ratio. D:; = 0.4; Ms = 0.75; 
n = 0.90; (rr/rd, = 0.5. 


Transonic Operation 


Velocity Diagrams. As far as desirable velocity diagrams are 
concerned, it was indicated that substantial improvements in 
stage pressure ratio and specific weight flow could be obtained if 
the inlet guide vanes could be eliminated and if the rotor blades 
could tolerate higher relative inlet Mach numbers (into the tran- 
sonic region). In this case, the removal of the inlet prerotation 
and the operation at higher Mach numbers would allow both a 
higher tip speed and a more favorable tip-region flow. For ex- 
ample, for a 0.5 hub-tip ratio inlet stage with constant work input 
radially, and a Mach number limit of 0.75 on the stator, the allowa- 
ble design tip speed and relative velocity ratio across the rotor tip 
for a tip relative inlet Mach number of 1.1 might vary as indicated 
in Figs. 5(a and b). Also shown in Fig. 5(b) is the relative veloc- 
ity ratio calculated for the subsonic design example of Figs. 
I(bandc). The tip diffusion ratio was 0.4 for both designs. 

Referring to Fig. 5(b) and Equation (1), it is seen that transonic 
velocity diagrams will not only give higher values of tip V2’/V1' 
but also larger magnitudes of tip Vi’ compared with subsonic de- 
signs. Thus, for a given value of tip diffusion ratio, a substan- 
tially larger magnitude of change in tangential velocity AV’ 
can be achieved. Since work input is the product of wheel speed 
and the change in tangential velocity, increased work inputs can 
be realized in transonic designs. Then, if comparable rotor effi- 
ciencies can be maintained, a higher stage pressure ratio can be ob- 
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Fig. 7 First transonic rotor 


tained, as indicated in the calculated comparison of Fig. 6. The 
question then was: How can rotor blades be designed to operate 
at transonic Mach number levels without serious deterioration of 
efficiency? 

Blade Design. In studying the question of high Mach number 
blading, the thinking was guided by the basic concepts of tran- 
sonic wing theory; namely, that airfoil sections should be as thin 
as practical and produce the least obstruction to the incoming 
flow. The first step was, therefore, not only to reduce the maxi- 
mum-thickness ratio of the blade tip section, but also to move 
the point of maximum thickness farther back on the blade so as 
to give a sharper leading-edge section. This approach was 
further encouraged at the time by the preliminary results ob- 
tained from the supersonic-rotor program [10, 11]. This in- 
vestigation showed that a thin-bladed rotor designed for high 
supersonic operation (M;’ = 1.6) produced its best performance 
in the transonic Mach number range. The basic principle 
adopted for transonic operation was, therefore, that the rotor 
blade maximum-thickness ratio and profile shape should vary as 
the Mach number is increased into the transonic range, with 
considerably thinner sections at the tip. 

Transonic Rotor. Using this concept, an inlet stage was designed 
specifically for transonie rotor operation in 1950. The stage 
had no inlet guide vanes, a design rotor tip relative inlet Mach 
number of 1.1, a tip section of 0.06 maximum-thickness ratio, 
an inlet hub-to-tip ratio of 0.52, and a tip speed of 1000 ft/sec 
{12, 13]. A photograph of this first transonic rotor is shown in 
Fig. 7. Subsonic stators were used, with the stator design based 
on conventional subsonic Mach number limitations. 

The over-all performance obtained from this first transonic 
stage is shown in Fig. 8. The ability of transonic operation to 
produce substantial increases in stage pressure ratio and specific 
221 
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weight flow without loss in efficiency was thus clearly demon- 
trated. On the basis of maximum relative inlet Mach number, 
the transonic rotor efficiency compared with that of a conven- 
tional subsonic design as shown in Fig. 9. The better efficiency 
at the higher Mach numbers, as will be indicated later, was a 
result of both an improved tip loss condition and a higher work 
input level. 

A further demonstration of the ability of transonic operation 
to increase pressure ratio and weight flow was obtained from the 
222 
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operation of a high-speed rotor with and without inlet guide 
vanes. This rotor [14] was designed for a tip speed of 1120 
ft/sec with inlet prerotation such that the rotor tip relative inlet 
Mach number was 0.8. The rotor blades were designed as high- 
speed sections with a double-circular-are profile and a maximum- 
thickness ratio of 0.05 at the tip. The comparison of over-all 
performance with and without inlet guide vanes at a corrected 
tip speed of 1000 ft/sec is shown in Fig. 10. (At this speed, 
maximum tip-region relative inlet Mach number was 0.73 with 
inlet guide vanes and 1.10 without guide vanes.) 

Significance of Results. The principal result of the successful use 
of transonic operation was the greater degree of freedom intro- 
duced into compressor design theory. By removing the Mach 
number restriction on blade performance, a greater flexibility in 
the selection of design velocity diagrams for high performance was 
permitted. The early results also re-emphasized the fundamental 
principle that stage efficiency will depend on the level of both 
the losses and the work input; and, if the two can be maintained 
in the proper relation as Mach number is increased, no serious 
reduction in efficiency will result. 

The loss-work input principle was demonstrated more clearly 
by a qualitative formulation of the relations involved [4]. Speci- 
fically, it can be shown that rotor adiabatic efficiency depends on 
the rotor total-temperature ratio (work input) and the relative 
total-pressure ratio across the blade (P2’/P;’)p. For the case 
of constant radius across the blade, these relations are given by 
Fig. 11. 
efficiency can be expressed in terms of rotor efficiency, rotor total- 


For a stage consisting of rotor and stator, the stage 


pressure ratio, and stator total-pressure ratio, as shown in Fig. 
12. The total-pressure ratio relative to a rotor or stator blade 
(known also as the total-pressure-recovery factor) can be related 
to the relative inlet Mach number and the total-pressure-loss co- 
efficient &’ as shown in Fig. 13. Thus, with Figs. 11, 12, and 13, 
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the basic factors contributing to the stage efficiency can be in 
vestigated and optimized. 

For transonic operation, it was found that the increase in 
work input at a given diffusion ratio was more than sufficient to 
compensate for the effect of the increased relative inlet Mach 
number and possible increases in compressibility and shock losses. 
For the two examples of a typical subsonic and a typical transonic 
stage considered previously (each designed for the same limiting 
diffusion ratio), it can be shown as in Fig. 14 that even a small 
increase in total-pressure-loss coefficient can be tolerated by the 
transonic rotor with no loss in efficiency at the higher levels of 
pressure ratio and weight flow. Furthermore, for transonic rotors 
with conventional subsonic stators, as can be seen from Fig. 
12, a smaller loss in stage efficiency due to a given stator loss 
will result compared with the all-subsonic stage because of the 
higher rotor pressure ratio. The efficiency penalty due to inlet- 
guide-vane losses is also eliminated. 

These basic considerations in conjunction with the results of 
the early transonic rotor indicated that there should be a con- 
tinuous spectrum of stage performance as design Mach number 
is increased from subsonic values clear into the supersonic range. 
Actually, the conventional subsonic and the transonic stages are 
not completely distinct and separate entities. They are, in 
effect, representative of the continuous alterations in blade and 
passage configuration that are necessary to utilize the flow effec- 
tively as Mach number is increased. The crux of the matter is 
knowing how to tailor the stage design to the desired Mach num- 
ber level in order to obtain the highest possible performance. 
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To achieve this end, it is necessary to obtain a good understanding 
of transonic flow and the various diffusion, shock, and three- 
dimensional losses that occur in both rotor and stator blade 
rows and, furthermore, to translate this knowledge into effective 
design principles and techniques. 


Compressor Design Approach 

The flow in the compressor has strong gradients in the three 
physical dimensions (axial, radial, and circumferential), as well 
as time. Viscosity and shock effects are significant and must be 
accounted for. However, in order to provide ease of application, 
the compressor design system must reduce these complications 
and establish rational and usable procedures. 

The research program at Lewis utilized design approximations 
that permitted the use of two-dimensional techniques. These 
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Fig. 16 Flow in meridional plane 


approximations were based on the assumptions of (1) blade- 
element flow and (2) axial symmetry. The blade-element ap- 
proach assumes that flow in the blade-to-blade or circumferential 
plane can be described by considering the flow about blade pro- 
files formed by the intersection of a flow surface of revolution 
and the compressor blading (Fig. 15). Axial symmetry assumes 
that an average value can be utilized to represent the state of 
the air in the blade-to-blade plane. Equations describing radial 
variations of these average values may then be written for con- 
tinuity, energy addition, and pressure equilibrium in the hub-to- 
tip or meridional plane (Fig. 16). The effect of wall boundary 
layers at hub and tip were accounted for through the use of a 
blockage factor in the continuity equation. In essence, then, a 
combination of two-dimensional solutions in the two principal 
planes (circumferential and meridional) was used to approximate 
the complete three-dimensional flow. No rigorous theoretical 
justification can be made for this simplified design approach. It 
appears sufficient that the use of a quasi-three-dimensional 
approach such as this provided reasonably good design control 
and resulted in transonic compressors of high performance. 

The entire transonic-compressor program at Lewis was predi- 
cated upon this design approach. Not only were these concepts 
used in the initial design of the research compressors, but the 
experimental data were taken in such a way as to provide basic 
blade-element and radial-equilibrium data for incorporation 
into a general compressor design system. A brief review of the 
blade-element approach is given in [15]. The radial-equilibrium 
techniques used in establishing velocity distributions and flow 
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passage configurations in the meridional plane are discussed in 


[16 and 17]. 
Rotor and Single-Stage Investigations 


A general understanding of the flow processes in transonic 
compressors was obtained through an extensive experimental 
program on compressor rotors and single stages. This program 
was directed toward developing an insight into the internal 
aerodynamics of flow as well as demonstrating the feasibility 
of advanced concepts by application in actual compressors. 
The following paragraphs will outline the scope of this work 
without attempting to summarize the detailed results. A more 
complete discussion of single-stage transonic-compressor re- 
search is given in [18]. 

Original Transonic Compressor. As discussed earlier, the transonic 
compressor of [12] established the feasibility of extending the 
Mach number level of compressors to transonic values and demon- 
strated that, through proper conceptual design, high stage pres- 
sure ratios and mass flows could be achieved without sacrifices 
in efficiency. In order to exploit the potential advantages of 
compressors operating in this Mach number range, and to pro- 
vide the design information required for incorporating transonic 
compressors in advanced turbojet engines, the experimental 
performance of this initial compressor was studied in greater 
detail. These detailed flow investigations were based on blade- 
element design concepts and were directed at determining the 
variation with incidence angle of such factors as total-pressure 
loss, turning angle (deviation angle), axial-velocity ratio, work 
coefficient, and diffusion ratio. 

Investigations of this type were conducted on both rotor and 
stator of the original configuration [19] and the rotor with blades 
set at an angle 6 deg closer to the axial direction than the original 
rotor [20]. In general, these tests verified the applicability of 
the blade-element approach at transonic Mach number levels. 
They also demonstrated the sensitivity of performance of highly 
loaded transonic compressors to variation in flow characteristics. 
For example, pronounced compressibility effects were found to 
exist, which caused a reduction of axial-velocity ratio across the 
rotor as the blade speed was increased. The resulting increase 
in rotor tip diffusion factor, coupled with the high Mach numbers, 
increased losses at the rotor tip. The resulting steep radial 
variation of losses required a still further reduction in axial 
velocity across the rotor tip in accordance with radial-equilibrium 
requirements. These studies, therefore, highlighted the impor- 
tance of precise blade-element data, which could be coupled with 
radial-equilibrium relations to predict blade-row performance 
accurately and to provide the ‘“‘design control’ necessary for 
the application of transonic compressors to turbojet engines. 
The experiments conducted on this original compressor, therefore, 
provided initial blade-element data and influenced to a considera- 
ble extent the direction taken in the ensuing research program 
on transonic compressors. 

Axial-Discharge Stators. Stimulated by the success of the initial 
transonic compressor and an awareness of the importance of this 
advance in the state of the art, the Lewis staff embarked on sev- 
eral program exten:ions. For example, it was speculated that 
transonic operation need not necessarily be restricted to the inlet 
stage of a multistage unit. Further increases in average stage 
pressure ratio might be obtained without sacrifice of efficiency 
if several of the early stages of a multistage compressor were 
designed for higher than conventional levels of relative inlet 
Mach number. In order to maintain high relative inlet Mach 
numbers in succeeding rotor rows without markedly increasing 
the axial velocity across the stage, it is necessary to reduce the 
amount of absolute rotation (stator-outlet tangential velocity) 
at the entrance to the rotors. In the case of the original tran- 
sonic stage, this would require stators with a considerably greater 
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turning angle than was initially used. In order to study the 
feasibility of such an approach, a set of stators in which the blad- 
ing was designed to turn the outlet air to the axial direction 
was studied in combination with the original rotor [21]. Results 
of these tests showed that, if stator blades are set at the minimum- 
loss incidence angle and if the stator diffusion factor is maintained 
at moderate values, highly cambered stators can be designed 
with practically no sacrifice in stage efficiency, as compared with 
conventional low-turning stators. These tests provided basic 
blade-element data for high-turning stators of this type. 

Double-Circular-Arc Blading. The original transonic rotor used 
an airfoil shape at the rotor tip that approximated a double- 
circular-are section, although it differed slightly in mean-line 
shape and thickness distribution. As discussed earlier, a second 
rotor that demonstrated good transonic operating characteristics, 
even though it was originally intended for subsonic operation, 
was designed with double-circular-are blading [14]. Further, 
an analytical investigation [22] showed that compressor airfoils 
designed to limit the maximum velocities on the blade surface 
are similar to double circular arcs for Mach numbers between 
0.8 and 1.2. Therefore, in order to simplify the problems of 
compressor design, the double-circular-arc blade was chosen as 
the basic profile for the Lewis compressor program. A compres- 
sor rotor of this type was designed and tested to provide basic 
compressor data for double-circular-are airfoil sections [23]. 
This rotor demonstrated an efficiency of 89 per cent at a specific 
weight flow of 30.5 pounds per second per square foot of frontal 
area and a total-pressure ratio of 1.41. This study also provided 
blade-element data for the prediction of loss and deviation angle 
as a function of incidence angle over a range of rotor speeds [24]. 

High Aspect Ratio. The early investigations of transonic com- 
pressors indicated that, by virtue of the high mass-flow and 
pressure-ratio capacities, compressor diameter and number of 
stages could be reduced from the values required for conventional 
subsonic units. However, there was some doubt as to the 
gains to be achieved in compressor length and weight, inasmuch 
as the early tests were conducted using rotors with long-chord, 
low-aspect-ratio blading. Therefore an investigation was con- 
ducted on a short-chord transonic-compressor rotor to establish 
the effects of aspect ratio (25, 26]. It was recognized that a 
change in chord length might influence losses through changes in 
blade-chord Reynolds number, velocity gradients on the surfaces 
of the blade elements, and three-dimensional effects (secondary 
flows and blade-end effects). In addition, the streamline curva- 
ture should increase with reduction in chord length and might 
become an important factor in the radial-equilibrium equation. 
However, it was felt that, through proper application of the 
diffusion factor, blade-element data, and radial-equilibrium 
concepts, a short-chord rotor could be designed to be essentially 
equivalent in performance to the initial long-chord rotor. 

The rotor (Fig. 17) was designed with an aspect ratio of 3.0 
and with the number of blades increased so as to maintain the 
desired solidity (approximately 1.0 at the rotor tip). A compari- 
son of the performance of this rotor with that of a low-aspect- 
ratio rotor (1.5) that had been used to demonstrate the double- 
circular-are blading [23] is shown in Fig. 18. Both rotors were 
designed for double-circular-are blades, a tip speed of 1000 ft/sec, 
a hub-tip ratio of 0.5, and a pressure ratio of 1.35. (The diameter 
of the low-aspect-ratio rotor was 14 in., while that of the high- 
aspect-ratio rotor was 18 in.) These tests, therefore, verified the 
fact that, through proper design, aspect ratio could be increased 
over the values used in the earlier rotors without adversely affect- 
ing aerodynamic performance. The tests also provided additional 
blade-element data for double-circular-are airfoils and gave pre- 
liminary information on wall boundary layers to be expected in 
rotors of this type. 

High-Mass-Flow Stages. The transonic compressors discussed 
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Fig. 17 High-aspect-ratio transonic rotor 
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Fig. 18 Effect of aspect ratio on compressor performance 


thus far achieved improved mass-flow characteristics (of the order 
of 30 (lb/sec)/sq ft of frontal area) through the use of axial Mach 
numbers entering the rotor of approximately 0.6 and inlet hub- 


tip ratios of approximately 0.5. In order to exploit fully the 
flow-handling potential of the transonic type, investigations 
were conducted at Lewis to explore the use of still further in- 
creases in axial velocity and reductions in inlet hub diameter. 
The first of these studies [27, 28] was based on a reduction of the 
inlet hub-tip ratio to 0.4, while maintaining an inlet axial Mach 
number of 0.6 at 1000 ft/sec tip speed. A complete stage uti- 
lizing this rotor produced the design pressure ratio of 1.35 at a 
weight flow of 34.0 pounds per second per square foot of frontal 
area and an adiabatic efficiency of 86 per cent. 

A second investigation utilized a rotor design with the hub-tip 
ratio reduced to 0.35 and the axial Mach number increased to 
0.75 (29, 30]. At the design tip speed of 1100 feet per second, 
this stage attained an equivalent weight flow of 37.6 pounds per 
second per square foot of frontal area, at a total-pressure ratio 
of 1.42 and an adiabatic efficiency of 0.84. The reduced value of 
efficiency was primarily due to high stator losses, especially at the 
stator hub where the inlet Mach number was approximately 0.93. 
The high total-pressure-loss coefficient encountered in this region 
was attributed to a blade surface Mach number of such magnitude 
as to produce a strong passage shock system. 

Performance curves for both of these high-mass-flow configura- 
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Fig. 19 Performance of high-mass-fiow transonic stages 


tions are shown in Fig. 19, together with the results from the 
original transonic stage. This figure demonstrates that very 
high flow capacities can be achieved in transonic inlet stages. 

Mach Number Studies. The original transonic-compressor 
tests [12] were conducted at Mach numbers of approximately 1.1 
relative to the rotor tip. In an attempt to establish the trends in 
performance that would accompany operation at higher relative 
inlet Mach numbers, studies were conducted at Mach numbers 
greater than this value. These studies were based on the premise 
that the losses resulting from increased Mach number operation 
were a function of the peak suction-surface Mach number (and 
the associated shock losses and shock-boundary-layer inter- 
actions), rather than the inlet Mach number per se. As discussed 
earlier, a theoretical analysis [22] indicated that a double-circular- 
are airfoil would approximate the blade shape necessary to mini- 
mize local surface velocities for an entering Mach number of 
approximately 1.2. This conclusion had been at least partially 
validated by the success of the double-circular-are rotor up to a 
Mach number of 1.22 [14]. 

With this as a starting point, several experimental investiga- 
tions were conducted on double-circular-are rotors at increased 
Mach number levels. They included a transonic rotor designed 
for a tip speed of 1300 feet per second with a maximum M,’ of 
1.37 [31] and a transonic rotor used as the first stage of a two- 
stage counterrotating unit and designed for a tip speed of 1260 
feet. per second with a maximum M,’ of 1.29 [32]. Both rotors 
showed poorer design-speed efficiencies than earlier rotors de- 
signed for lower speeds. 

A third experimental investigation utilized a rotor designed for 
equal distribution of static-pressure diffusion across the rotor 
and stator, and with blade profiles obtained by a channel-flow 
design approach [33]. The rotor was designed for a tip speed of 
1400 feet per second and relative inlet Mach numbers that were 
supersonic across the entire blade span for speeds of 90 per cent 
design and above. Tests of the rotor alone gave a pressure ratio 
of 2.17 and an adiabatic efficiency of 89 per cent at design speed 
A maximum efficiency of 94 per cent was observed at 82 per 
cent design speed and a pressure ratio of 1.65. There were no 
appreciable effects of Mach number on blade-element 
below 90 per cent of design speed. At 90 per cent design speed 
and above, there was an increase in the relative total-pressure 
However, based on rotor diffusion factor, 


losses 


losses at the tip. 
these losses for Mach numbers up to 1.35 were comparable to the 
losses in lower Mach number rotors at equivalent values of blade 


loading. This study verified the existence of a continuous spec- 
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Fig. 20 Effect of solidity on blade loss 


trum of performance up to these elevated Mach numbers and 
demonstrated the feasibility of achieving good efficiency even at 
high values of tip speed, relative Mach number, and pressure ratio. 

This experimental program was augmented by a detailed and 
basic examination of the shock-loss phenomenon using high- 
frequency static-pressure transducers [34] and a hot-wire ane- 
mometer [35] in tests of high Mach number transonic compressors. 
Theoretical models for predicting the magnitude of the shock 
losses were developed [36, 34]; the analytical results were cor- 
related with the basic experiments. These studies, which suc- 
cessfully established the significance of local surface Mach num- 
ber in transonic blade-row performance, are summarized in de- 
tail in [7]. 

Solidity Effects. As part of the program on transonic compres- 
sors, several experimental investigations were conducted to estab- - 
lish the effects of blade solidity level. Early in this program, 
both the double-circular-are rotor [37] short-chord 
rotor [38] previously mentioned were run at three levels of solid- 
ity from approximately 1.0 to 0.6. In both cases, it was found 
that efficiency and pressure ratio decreased as solidity was re- 
duced. Blade-element analysis revealed that the decrease in 
efficiency at design speed was predominantly the result of an 
increase in loss in the rotor tip region, as illustrated in Fig. 20(a). 
Inasmuch as the increase in loss could not be explained from con- 
siderations of diffusion factor or secondary flows, it was strongly 
suspected that this effect resulted primarily from an increase in 
shock losses at the lower solidities. 

This problem was studied in greater detail in the investigation 
of [35]. The theoretical model of [36] was used to predict the 
shock-loss variations from the suction surface to the pressure 
surface over a range of solidities from about 1.0 to 0.7. The 
close correlation of the experimental variation in loss (measured 
with a hot-wire anemometer) with the theoretical model verified 
the fact that the increase in loss was primarily a shock-loss effect 
It was found that, 


and the 


associated with the surface Mach numbers. 
as solidity was decreased, the intersection of the blade-passage 
shock wave and the blade suction surface moved rearward along 
the blade as illustrated schematically in Fig. 20(b). As a result 
of this rearward movement, increased peak suction-surface 
Mach numbers and consequently increased shock losses and 
shock boundary-layer interactions occurred. Shock losses were 
found to be significant in designs with low solidity, even where 
the transonic inlet Mach numbers were relatively low. 

Tip Taper. The previous sections have centered about Mach 
number effects as they influence losses in the rotor tip region. 
However, as discussed earlier, increases in blade loading (diffusion 


The 0.4 


factor) can also significantly increase rotor losses. 
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Fig. 21 Effect of tip taper 


hub-tip ratio rotor [27] represented one case where the decrease 
in rotor tip efficiency with increasing tip speed was attributed in 
large part to increased blade loading. The technique used for 
reducing the effect of blade loading in this case was to taper the 
outer casing along the rotor blade row so as to reduce the area of 
the rotor outlet [39] in the manner shown in Fig. 21(a). As a 
result of this modification, the peak efficiency of the tip-section 
blade element was increased from 77 to 92 per cent, Fig. 21(6), 
and that of the over-all rotor from 93 to 95 per cent. 

The effect of the reduced area at the rotor outlet was to in- 
crease the axial velocity leaving the rotor, which in turn reduced 
the diffusion at the rotor tip section. In this case, by tapering 
the tip, the diffusion factor at minimum-loss incidence angle 
was reduced from 0.45 to 0.30. It should be pointed out, how- 
ever, that the altered tip configuration may also have changed 
the local Mach number distribution along the blade surfaces of 
the tip-region elements. 

It was also noted that a larger useful weight-flow range was 
obtained for the modified rotor. It appears, therefore, that the 
contouring of the rotor tip represents another degree of freedom 
in design that can be used to control blade-element losses and 
thereby improve compressor performance. 

Use of Inlet Guide Vanes. One of the virtues of the transonic 
axial-flow compressor was felt to be the elimination of the need 
for inlet guide vanes. However, it was recognized that in certain 
cases the use of inlet guide vanes might provide greater freedom 
in the selection of velocity diagrams for transonic inlet stages as 
well as possible improvement in off-design performance. Also, 
transonic stages in a multistage compressor would operate under 
the influence of a preceding stage. Therefore an investigation 
was conducted to study the performance of a transonic rotor that 
was designed to operate with prerotation introduced by inlet 
guide vanes [40]. In this design, guide-vane turning counter to 
the direction of rotor whirl was utilized to maintain maximum 
rotor relative inlet Mach numbers around 1.2. Design tip speed 
was 1000 ft/sec, r,/r, was 0.5, and the design pressure ratio (with 
moderate diffusion factors) was 1.35. The principal objective in 
this experimental study was to evaluate the effects of blade-row 
interactions on the performance of the transonic rotor. 

The over-all performance of this rotor and guide-vane combina- 
tion was found to be comparable to that of previous transonic 
rotors with similar design characteristics. Detailed studies of the 
performance of this unit, using a hot-wire anemometer, indicated 
substantial effects of guide-vane wakes on the circumferential 
variation of rotor outlet flow at high tip speeds. However, the 
level of average losses was approximately the same as that of 
transonic rotors operating without guide vanes. At design speed, 
a peak adiabatic efficiency of 89 per cent was obtained at a pres- 
sure ratio of 1.39. 

High-Solidity Rotors. 
rotors were tested to investigate the problems associated with 


As part of the program at Lewis, two 


obtaining further increases in pressure ratio in transonic com- 
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pressor [41,42]. These rotors utilized high solidities to accom- 
plish turning: to the axial direction, and were designed on the 
basis of axisymmetric flow theories. Both rotors produced pres- 
sure ratios of the order of 2.0 and demonstrated the ability to 
achieve high pressure ratios in large-axial-length, high-solidity 
rotors of this type. 


Multistage Investigations 

The preceding discussions have concentrated on the major 
fundamental aspects of flow in transonic inlet stages. For multi- 
stage application, however, there were additional factors that 
had to be considered in evaluating the significance of transonic 
operation. Some of these factors were questions of staging, 
range of operation, design accuracy, and practical design com- 
promise. 

As discussed previously, in order to investigate the question 
of staging ability, low-turning and high-turning stators rows were 
tested with the first transonic rotor [19, 21]. Outlet flow con- 
ditions showed that there should be no problem with successive 
staging. In fact, since the high-turning stators returned the 
flow to an essentially axial direction, it was felt that an improve- 
ment in staging would occur. In this case, axial inlet to the suc- 
ceeding rotors would reduce the radial pressure gradients at the 
outlet from the second rotor and again favor an improved tip- 
region flow. 

Cascade results with high-speed blade sections [43] indicated 
that a considerable reduction in low-loss range of incidence angle 
occurs in the high subsonic region (Fig. 22). It was therefore 
initially believed that transonic operation might reduce the effec- 
tive range of operation of the inlet stage and thus penalize com- 
pressor range. However, these fears did not materialize, since 
the early single-stage transonic designs (Figs. 8 and 10) showed 
weight-flow ranges of operation at least as good as those for 
conventional subsonic stages. 

It was found, however, that transonic operation was somewhat 
more sensitive to design accuracy than was subsonic operation. 
This was especially true for the rotor tip regions, where, for 
example, as shown in Fig. 23, small errors in rotor outlet angle 
227 
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Fig. 24 Eight-stage axial-flow compressor 
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Fig. 25 Performance map of eight-stage compressor 


would result in significant variations in diffusion factor and pres- 
sure ratio., Also, the need for accurate selection of tip-region 
design incidence angles was apparent (Fig. 22). Close stage de- 
sign control will therefore be indicated for multistage units. 
Finally, there was the question to what extent transonic inlet- 
stage operation might be influenced by the various compromises 
associated with actual multistage operation. Compromises 
result from the requirements of stage and engine matching, off- 
design or part-speed operation, and various mechanical and fabri- 
cation limitations. In order to investigate problems such as 
these, and to establish the performance attainable in multistage 
compressors using transonic stages, the Lewis Laboratory con- 
ducted a program of research on several different types of multi- 
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stage axial-flow compressors. This section will outline the re- 
search conducted in this area. 

Eight-Stage Compressor. The initial application of transonic 
stages to a multistage unit was in the eight-stage compressor 
shown in Fig. 24 [44, 45, 46]. This compressor utilized two 
transonic inlet stages, followed by six high-pressure subsonic 
stages. As shown in Fig. 25, this eight-stage unit developed 
a pressure ratio of 9.9 with an efficiency of 82 per cent and a 
weight flow of 64.5 pounds per second (29.6 (lb/sec)/sq ft of 
frontal area). Superimposed on the over-all performance map 
of Fig. 25 is a typical engine operating line having its design 
point at 90 per cent of design speed and at a total-pressure ratio 
of 7.5. Such an operating line provides pressure-ratio margin 
for acceleration (even at the knee of the surge line) and lies along 
the locus of the peak efficiency points. This experimental in- 
vestigation demonstrated, therefore, that transonic inlet stages 
can be utilized in multistage units to provide high design-point 
performance, as well as a range of operation sufficient to provide 
an engine with good starting, accelerating, and performance 
characteristics. 

The design of the transonic stages of the eight-stage compres- 
sor was made on the basis of a very limited amount of data ob- 
tained from single-stage tests. An analysis of the stage perform- 
ance of this eight-stage compressor established the fact that this 
design provided too large an allowance for wall boundary-layer 
growth through the compressor. As a result, the rear stages 
stalled while the front stages were still operating at low angles 
of incidence, and the compressor did not attain design perform- 
ance values. In order to correct this difficulty, the annulus-area 
(axial-velocity) variation through the compressor was changed. 
This revision increased the design-speed total-pressure ratio to 
11.0 and the weight flow to 29.9 pounds per second per square foot 
of frontal area [47, 48]. 

A subsequent investigation involved a configuration wherein 
the chord lengths of the two transonic inlet stages were doubled 
while solidity was held constant [49]. This long-chord compressor 
had a larger stable operating range from 60 per cent to design 
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speed than the medium-chord compressor of [50]. This char- 
acteristic of an improvement in range accompanying an increase 
in blade chord length was also observed in tests of two single-stage 
rotors, in which the chord length varied by a ratio of 2.5 [51]. An 
analysis of various diffusion parameters indicated that this im- 
proved range could be due either to a chord-length or to an 
aspect-ratio effect. 

Five-Stage Compressor. Early in the program, it was speculated 
that transonic-rotor operation need not be restricted to the inlet 
stages of multistage compressors. That is, further increases 
in average stage pressure ratio might be realized if all of the 
rotors of a multistage machine were designed to operate at higher 
than conventional levels of relative inlet Mach number. It 
was this thinking that led to the single-stage investigation of 
stators turning the flow back to the axial direction, as mentioned 
previously. Based on these encouraging results, a five-stage 
compressor was designed and constructed to investigate the 
problems and potentials of a high-stage-pressure-ratio compressor 
utilizing transonic rotors in all stages [52]. In this case, each 
stator turned the flow back to the axial direction, thus providing 
similar inlet velocity diagrams in each of the five stages. This 
compressor produced a pressure ratio of 5.0 (average stage total- 
pressure ratio of 1.38) with a weight flow of 31 pounds per second 
per square foot of frontal area and an efficiency of 81 per cent 
[53]. The experimental studies of this compressor provided 
data on stage performance characteristics, as well as detailed 
blade-element data for all rotor and stator blade rows [54, 55]. 
A summary of this multistage transonic-compressor investiga- 
tion is given in [56]. 

As was the case in the eight-stage compressor, it was found that 
the stages of the five-stage compressor were mismatched at design 
speed, and that peak efficiency was obtained at speeds between 
80 and 90 per cent of design. This again was the result of incom- 
plete information available at the time of design, both from the 
point of view of optimizing individual stage designs, as well as 
stage matching. With modification and development, improved 
design-speed efficiency could probably have been achieved in 
both the five-stage and eight-stage compressors. 

Two-Spool Compressor. The two-spool type of compressor has 
certain inherent advantages that stem from the opportunity 
to operate each spool at its best speed. Particularly in the case 
of supersonic aircraft applications, where a compressor is forced 
to operate at low aerodynamic speeds, the two-spool compressor 
has the potential of avoiding serious rotating-stall conditions. 
It appeared logical, therefore, to combine the advantages of 
transonic operation with the two-spool principle. The experi- 
mental investigation of a two-stage transonic compressor that 
was designed for use as the first spool of a two-spool unit is 
summarized in [57]. This compressor produced a pressure ratio 
of 1.92 with an efficiency of 82.5 per cent and a weight flow of 
32.2 pounds per second per square foot of frontal area. No 
further work was conducted in this program because of the termi- 
nation of compressor research at the Lewis Laboratory. 

Counterrotating Compressor. It had long been recognized that 
counterrotation of successive stages of an axial-flow compressor 
offered the potential of high pressure rise per stage without ex- 
cessive rotational speeds. As long as aerodynamic considera- 
tions limited the Mach numbers relative to the blades, however, 
the low over-all pressure ratios obtainable from two counterro- 
tating stages did not warrant the additional mechanical complex- 
ity involved. With the development of compressors that could 
operate efficiently at transonic Mach numbers, and with en- 
couraging performance being obtained in supersonic compressors 
[11], a re-evaluation of the counterrotating compressor appeared 
to be in order. This was initiated by a theoretical analysis of 
several typical counterrotating-compressor designs, to determine 
the pressure-ratio potential and the order of magnitude of the 
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design variables at these pressure ratios [58]. Following this, 
a two-stage unit embodying a transonic first rotor (maximum 
M,’ = 1.29) and a supersonic second rotor (maximum M,’ = 
1.83) was built and studied [32, 59, 60] to determine over-all 
performance characteristics and to provide blade-element design 
data. At the design speed of 1260 ft/sec, the transonic rotor 
had a peak efficiency of 87 per cent at a pressure ratio of 2.0 and 
a specific weight flow of 29.2 pounds per second per square foot. 
Analysis indicated that high rotor tip losses resulting from high 
blade-surface Mach numbers compromised the over-all efficiency 
of this rotor. 

In the investigation of the performance of the complete two- 
stage counterrotating unit, a pressure ratio of 4.3 was obtained 
at a specific weight flow of 27.2 pounds per second per square 
foot of frontal area and an efficiency of 75 per cent. These 
tests indicated that a weight-flow mismatch existed between the 
two rotors, which caused the first-stage rotor to operate at less 
than peak efficiency at design speed and in a stalled condition 
at speeds below design. A modification was made to the second 
rotor to remove this flow limitation; the flow rate and stability 
were both improved, and a wide combination of first and second- 
stage speeds was found to be possible [61]. 


Miscellaneous Aerodynamic Studies 


In addition to the single-stage and multistage investigations 
already discussed, certain studies were made to obtain an under- 
standing of various aerodynamic phenomena encountered in 
transonic-compressor operation. These studies, which utilized 
both single-stage and multistage transonic compressors, are 
outlined below. 

Rotating Stall. As part of the over-all program on transonic 
compressors, studies were made of the rotating-stall characteris- 
tics of various single-stage and multistage units. These data are 
cataloged in several reports [23, 37, 25, 38, 50, 49]. Of particu- 
lar interest was the fact that large blade spacings appeared to 
eliminate periodic rotating stall. For example, in both the 
circular-are rotor [37] and the short-chord rotor [38], only non- 
periodic stall was detected at the reduced values of solidity 
(obtained in both cases by reducing the number of blades). 
Similarly, in the eight-stage compressor [49], no rotating stall 
was encountered for the configuration in which the chord length 
of the two transonic stages was doubled (in this case, maintain- 
ing the same solidity and therefore using half the number of 
blades). 

Reynolds Number. The effect of Reynolds number on the per- 
formance of the modified eight-stage transonic compressor [47] 
was studied by reducing inlet pressure at a constant inlet-air 


temperature [62]. As shown in Fig. 26, sizable reductions in 


EFFICIENCY 





SURGE 
PRESSURE 
RATIO 








MAX WEIGHT 
FLOW, LB/SEC 


1 L 
6 8 
REYNOLDS NO. 





| J 
10 12x10° 


Fig. 26 Effect of Reynolds number on multistage performance 
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peak efficiency, maximum weight flow, and surge pressure ratio 
were observed at design speed as the Reynolds number (based 
on blade chord at tip of the first rotor) decreased from 1.05 X 108 
to 9.6 X 104. In addition, rotating stall was found to exist up 
to higher equivalent compressor speeds as chord Reynolds num- 
ber was reduced. 

Similar Reynolds number studies were conducted in the eight- 
stage compressor configuration in which the blade chord lengths 
of the first two stages were doubled [63]. Comparing the per- 
formance characteristics with the configuration discussed in the 
foregoing, it was found that there was a smaller reduction in 
efficiency at the low Reynolds numbers for the long-chord unit. 
However, the variations of maximum weight flow or surge pres- 
sure ratio with Reynolds number were comparable. 

inlet Distortion. The performance of the five-stage transonic 
compressor [52] was investigated with the imposed inlet flow dis- 
tortions that were varied both in magnitude and circumferential 
extent [64]. The purpose of this study was to determine the 
effects of inlet flow distortion on over-all compressor performance 
and to trace the distortion patterns through the compressor. In 
so doing, it was hoped to isolate the regions of the compressor 
most sensitive to distortions. It was found that the effects of 
distorted inlet flow on over-all performance were small, with 
pressure ratio and efficiency remaining essentially unchanged and 
weight flow falling off approximately 3 per cent. At the com- 
pressor discharge a significant velocity distortion was still found 
to exist, but the total-pressure distortion was virtually eliminated. 
A detailed analysis of performance showed that stator-blade rows 
had little or no ability to reduce distortions. This suggests that 
energy addition is required to remove significant amounts of any 
distortion that may exist at the compressor inlet. 

Windmilling. When an axial-flow compressor is used in a high 
flight Mach number application such as a turborocket, it may 
be desirable to windmill the compressor at high flight Mach num- 
bers to obtain better fuel economy. The required pressure 
ratio at takeoff for compressors for this type of application is 
in the neighborhood of 1.5 to 2.0. In order to determine the 
windmilling characteristics of such a transonic compressor, 
the two-stage compressor that was designed as the first spool of 
a two-spool unit [57] was studied experimentally [65]. It was 
found that the maximum windmilling speed was 30.2 per cent 
of design speed and the maximum windmilling flow was 57.4 
per cent of design flow. An analytical method developed for 
predicting the maximum windmilling speed and flow based on 
known compressor design values and geometry was presented in 
conjunction with the experimental results. 


Compressor Design Summary 
The desire to provide a sound compressor design system has 
motivated a great deal of the research on axial-flow compressors, 


beth in the U.S. A. and abroad. The research program on tran- 
sonic compressors, as conducted at Lewis, contributed to this 
store of design information. As was pointed out earlier, this 
work was not done on the basis that this was a new compressor 
type that had unique characteristics, but rather on the basis 
that this research represented an extension of the state of the 
art into a higher Mach number region 

During the period that the transonic-compressor program was 
being conducted, the Lewis Laboratory staff embarked on a 
summarization of the existing aerodynamic knowledge in the 
field of axial-flow compressors. This effort had three general 
objectives: 

1 To provide a single source of compressor design infor- 
mation within which the major contributions in the literature 
were summarized. 

2 To correlate and generalize compressor design data that 
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were available in many different forms and in widely scattered 
reports. 

3 To indicate the most essential avenues for future research, 
since, in a summarization of this type, the missing elements 
become readily apparent. 


This compressor design summary was published in a series of 
three volumes [66, 67, 68] containing 17 chapters on various 
phases of compressor aerodynamics. The various chapter head- 
ings are listed under the separate volumes to indicate the scope 
of the work. Further references on related subjects are included 
with each chapter. 

Blade-element design data were generalized into a continuous 
spectrum, with Mach number level as one of the correlating 
parameters and with transonic-compressor research information 
being fed into the correlations as the data became available. 
The design summary therefore includes a great deal of the tran- 
sonic-compressor research that has been discussed in this paper. 

Certain phases of the transonic-compressor program, however, 
were not completed until after the compressor design summary 
was published. One of the most notable of these was the re- 
search into the effects of passage shocks [7] as it relates to the 
inlet Mach number and passage geometry. Also, certain of 
the experimental investigations reported in this paper were 
conducted subsequent to the design summarization, and the 
blade-element data were therefore not included in the general 
data correlations. Despite these omissions, the design compen- 
dium is felt to be a document that is useful in the design of axial- 
flow compressors, both in the subsonic and transonic regions. 


Summary Remarks 

This paper has attempted to outline the scope of the research 
conducted on transonic axial-flow compressors at the NACA 
Lewis Laboratory. No attempt was made to summarize the 
detailed results; instead, the effort was directed at providing an 
over-all picture of the evolution of the program. This program 
has demonstrated that there is no Mach number “barrier’’ for 
axial-flow compressors, but rather that a continuous spectrum 
of performance exists as design Mach number is increased 
from subsonic values into the supersonic range. It has 
shown that, through the application of proper design concepts, 
high-pressure ratios and high mass-flow capability can be achieved 
with little, if any, penalty in efficiency. It is hoped that the 
perspective provided by this paper will be of some value to those 
interested in the field 
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DISCUSSION 
Frederick C. Gilman® 


It is very gratifying to have résumé papers such as this one 
coming out of NASA even after the decision has been made to 
terminate research work on axial flow compressors. While the 
military and space age requirements may have advanced beyond 
the need for axial flow compressors, this cannot be said for indus- 
try. The same economic pressures (to do more with less) which 
caused the axial flow compressor to displace the radial flow com- 
pressor in jet aircraft power plants will one day bring about the 
supplanting of many radial flow or centrifugal compressors in 
industrial applications. We of industry should be happy to 
have the most advanced state of the art which has been 
achieved by government research, clearly brought to our at- 
tention. 

This paper is of special interest to this discusser because in a 
number of ways the experience of NACA both at Langley and at 
Lewis Laboratories followed a pattern similar te that of the 
Worthington Corporation in its research on supersonic and 
transonic axial flow compressors between the years of 1945 and 
1954. 

In 1943 Dr. G. F. Wislicenus, then Senior Research Engineer 
at the Harrison Division of Worthington Corporation, reasoned 
that since existing subsonic axial flow compressors were limited 
to 0.75 inlet relative Mach number by choking problems, and since 
there was general agreement in the literature that maximum drag 
losses occurred in the transonic region, a real break-through in 
axial compressor capability might be found in a machine designed 
to operate with inlet relative Mach numbers of 1.5 and upward. 
It should be possible to accomplish a given pressurization with 
one quarter the number of stages required in existing axial 
compressors. 

Reduced speed tests of the units built for the supersonic com- 
pressor test program not only demolished the bogey of the for- 
bidden transonic range but showed it to be the most suitable for 
commercial application. Single-stage pressure ratio of 1.35 was 
obtained with over-all compressor efficiency of 78 per cent and a 
useable weight flow range of 24 per cent. 

In September, 1946, we were able to attend the NACA con- 
fidential conference on Compressor Research at the Lewis Labora- 
tory and learned of the supersonic work by Kantrowitz at Lang- 
ley. We thereupon remachined one of our compressor wheels to 
incorporate the abrupt area contraction that he recommended 
for supersonic operation. With this change we were able to reach 
a stage pressure ratio of 1.93 and an over-all efficiency of 75 per 
cent, using air as our test medium. This change consisted of re- 
moving the curvature from that portion of the suction surface of 
the blades which was forward of a normal drawn from the inlet 
edge of the succeeding blade by milling a straight helix of about 
two degrees difference from the pressure surface helix. The hub 
was also milled to a slightly smaller radius in the inlet zone to 
provide passage normal area contraction along a second surface. 
This modified wheel successfully swallowed its inlet shock system 
at 1.5 relative Mach number, becoming dramatically quite in 
contrast to previously tested forms. The noise increased sharply 
as speed was reduced to the transonic operating zone. 

In 1949 we decided to build an experimental three-stage 
transonic axial compressor. It was to compress 17,000 cfm of 
atmospheric air over a ratio of 2.45 when operating at 15,300 
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rpm. We expected to achieve 80 per cent compressor efficiency. 
The casing was provided with side suction and side discharge. 
The rotor inlet tip diameter was 15 inches and the hubs of all 
three stages were constant at 9 inches. Inlet tip speed was there- 
fore 1000 feet per second. The design of the untwisted interstage 
stator blades was considerably compromised so as to be able 
to use lathe operations in their production. Furthermore, we 
selected too low a solidity for the required stator turning angle. 
In spite of these defects the compressor produced the required 
pressure ratio at 17,300 cfm with a polytropic efficiency of 78 per 
cent, but unfortunately this was also the surge point. 

Difficulties in securing a driver for this unit had delayed the 
testing until late in 1953. A market survey indicated that in- 
dustry was not yet ready for this type of equipment so the testing 
was discontinued without any modification of the stator blade 
rings. Another factor influencing this decision was the expecta- 
tion that NACA research on transonie axial compressors would 
be made available to industry. Now that this has happened we 
should not be surprised if we see some of these most compact 
compressors providing some of the larger flow requirements of 
industry. 


R. A. Novak? 


This paper is an excellent over-all review of the work done by 
NACA in the field of high Mach number compressors. 

It is an undeniable fact that, even yet, the NACA work repre- 
sents the most complete and the most consistent data available 
for compressors of this type. To someone who continues to work 
in the field, it is evident that there are a number of areas in which 
the NACA work was prematurely terminated. There are no 
areas, however, where the NACA experience has proved to be in- 
correct. 

The 1400 ft/sec tip speed rotor designed by Klapproth, Jack- 
litch, and Tysl is referred to in this paper. Subsequent ex- 
perience with transonic compressors has shown that this is, per- 
haps, the most significant of the series designed and tested by 
the NACA. In its design, a consistent attempt was made to 
satisfy the equation of motion through the blade row, rather 
than to rely on computations on either side of the blade row with 
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arbitrary double circular arc blades between. For high energy 
input stages, with sharp side wall curvatures, a careful satisfac- 
tion of the equations of motion and continuity through the blade 
passage itself appears to be, in the writer’s experience, the real 
secret to consistent and successful design control. In this re- 
spect the reported NACA work was exploratory, and it was 
stopped too soon. 

In short, though existing technology has been extended beyond 
the NACA experience, it has not seriously contradicted it in any 
respect. It is very evident that the field, as a whole, would be 
further along now if the very competent group of people, formerly 
at Lewis and Langley, were still actively engaged in the field. 


P. Schwaar® 

The Compressor Research Staff of NACA Lewis Laboratory 
has to be commended for a very systematic and successful ap- 
proach to transonic compressor research, design, and develop- 
ment. Here I would like to point out that the “Société Nationale 
d’ Etude et de Construction de Moteurs d’ Aviation’ (SNECMA), 
Paris, initiated in 1955 a transonic compressor research program 
partially directed toward supercharging existing ATAR axial jet 
engine compressors with front stages of high specific mass flow 
capacity. This program was successfully conducted till 1958 with 
only 2-3 research engineers under this writer’s direction. Table 1 
summarizes some design data and test results of those transonic 
units which fully substantiated the calculated design per- 
formances. 

At the time these stages were designed, the NACA blade load- 
ing diffusion factor was not known to us. However, as outlined 
in Ref. [1],° a qualitative theoretical analysis of the transonic 
cascade flow pattern resulted in selecting rotor tip section solidities 
corresponding to the subsequently calculated D-factor values 
given in the Table. It must be emphasized that the higher TS-7 
values constituted an attempt to evaluate the influence of con- 
paratively low solidities on the efficiency of rotor tip sections de- 
signed to operate in the higher transonic range. All other D-fac- 
tor figures clearly show that our transonic design philosophy was 
firmly established in this respect at an early stage of our in- 
vestigations. 

5 Chief, Component Research and Analysis, Gas Turbine Depart- 
ment, Lycoming Division of AVCO Corporation, Stratford, Conn. 

* Numbers in brackets designate References at end of this 
discussion. 


Design data and test performance of SNECMA transonic compressor units 
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More than with aerodynamic blade loading as such, for which 
we knew Zweifel’s criterion (Ref. [2]) to be reasonably applicable 
up to 0.7-0.8 entrance Mach level, we were seriously concerned 
with having a reliable criterion for limiting cascade deceleration 
as affected by wall boundary layer. We thus designed several 
rotor and stator hub blading sections according to de Haller’s 
limiting incompressible cascade velocity ratio of 0.70—-0.75 (Ref. 
{3]), and we surprisingly found this criterion to be applicable to 
shrouded stator hub sections up to 0.8 entrance Mach numbers. 

As a matter of definition, and according to our preliminary 
analysis, we termed a transonic stage as one operating with, and 
utilizing for, effective static pressure rise, shock waves detached 
This 


seems to me a more consistent definition than the usual one, for it 


from the leading edges of rotor, stator, or both bladings. 


stresses the essential differences with the supersonic stage from 
the fluid dynamic standpoint, namely (i) the flow immediately 
upstream of the leading edges of a transonic cascade is subsonic, 
no matter whether subsonic or supersonic flow conditions prevail 
at infinity upstream, and (ii) pressure perturbations originating 
downstream of a transonic cascade propagate upstream, modify- 
ing the cascade entrance conditions. 

We therefore designed transonic stages (TS-4 and TS-5, not 
with supersonic relative upstream condi- 
The TS-4 stage was 


included in the Table 
tions along the whole rotor blade height. 
tested and achieved the design compression ratio of 1.5 at re- 
ferred design speed, but missed the expected efficiency by 8 points 
and the design mass flow rate by 5 per cent. The TS-5 rotor con- 
ception was similar to that of Ref. [4], with a design stage com 
pression ratio of 1.7. This stage was not built, mainly because a 
satisfactory aero-thermodynamic conception could not be evolved 
for the required 160 kg/sec m? specific mass flow capacity. 

There were also some differences with NACA, especially in the 
general blading conception, as we were concerned to design for 
We also 


ns, rather than for highest efficiency. 
em of the deterioration of the velocity distribu- 


high surge marg 


i 
l 


tackled the prob 
tions in multistage units by taking in account the radial variation 


i 


of the blading efficiency, as we already did for supersonic com- 
pressors tef 5 Nevertheless, 
other points, too, and I hope that this very brief résumé will 
show that NACA and SNECMA essentially arrived at the same 


at least as far as single-stage configurations are con- 


we shared identical views on 


conclusions, 


cert ed 
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Authors’ Closure 

It is quite gratifying to learn of corroborating experiences with 
transonic compressor design and operation both here and abroad 
and that transonic compressors may find continued application 
in wider industrial areas. Further work in many 
doubtedly remains to be done in high Mach number compressor 
development and the recognition of this led to sizable ‘‘mixed feel- 
ings’’ when the decision to terminate active research was made. 

The debt owed by the transonic compressor to the early super- 


areas un- 


sonic rotor investigations in industry and the NACA is well 
acknowledged. In particular, the authors would like to point 
to the constant encouragement given by Dr. Wislicenus during 
the execution of the NACA transonie compressor program while 
serving as a member of the NACA Compressor and Turbine Sub- 
committee. 

The authors wholeheartedly agree with Mr. Novak’s conten- 
tion that the secret of successful design control lies in the design 
satisfaction of the fundamental equations of flow through the 
blade passages. We feel that it is the very use of such blade-to- 
blade and hub-to-shroud solution techniques, with real-flow 
effects, that will ultimately permit the realization of the continu- 
ous spectrum of best performance all the way into the supersonic 
range. In this respect, Mr. Schwaar’s definition of the transonic 
region is well taken, since it calls attention to the nature of the 
inlet flow in the blade passage. 

The practical designer, beset with the prospect of a large 
number of trial and compromise designs, has always been pressed 
for simplified design procedure. The use of ‘complete’ blade- 
passage design calculations may therefore pose difficulties. In 
fact, it was this consideration, to a large extent, that motivated 
the continued use of the blade element approach in the NASA 
Lewis Laboratory transonic program, despite the recognition of 
its limitations. In a way, it is very fortunate (or maybe even 
remarkable) that blade-element techniques which are based 
essentially on low-speed two-dimensional flow concepts, can still 
be used to design successful compressor units at relative inlet 
Mach numbers up to 1.0 to 1.2. 

With the continued development of high-speed computing 
machinery, the possibility of using blade passage solutions for 
If so, further 
sizable advances in compressor development at inlet Mach num 
bers greater than 1.0 to 1.2 should be forthcoming. 


general design procedures becomes stronger. 
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Introduction 


iia, compressors were, for many years, limited 
to relative flow velocities equal to a Mach number of 0.75 or 
below. This limitation was a result of increasing losses, which 
occurred above this relative Mach number and, for the low energy 
additions utilized, caused a sizable loss in compressor efficiency. 
However, by the use of blade shapes less susceptible to shock 
losses, good compressor performance was obtained with a tran- 
sonic compressor (ref. [1])! in which the tip relative flow velocity 
was slightly supersonic. The data from this early transonic 
compressor seemed to be a simple extension of that obtained 
from subsonic compressors. The loss data obtained from this 
transonic compressor rotor could be correlated with subsonic 
compressor losses by use of the loading parameter D factor. The 
D factor is described in reference [2] and defined in the symbol 
list in the Appendix. Because of this correlation, it was felt 
that the shock losses in this transonic compressor rotor were 
negligible. However, as more data became available over a 
wider range of loadings, Mach numbers, and solidity it was 
obvious that the D factor was not sufficient to establish design 
conditions of transonic compressors. A study was made of the 
blade element loss taken from 14 transonie compressor rotors 
in reference [3]. Fig. 1 is reproduced from reference [3] in which 
the tip element loss has been plotted against the D factor for 
minimum loss operation. Superimposed on this plot is the usual 
loss band as shown in the D factor report (ref. [2]). It is ap- 
parent that the bulk of the transonie data falls well above the 
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Fig. 1 Variation of the tip element total-pressure-loss coefficient with 
diffusion factor of rotors from reference [3] 


1 Numbers in brackets designate References at end of paper. 
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December 2, 1960, of THe AMerRICAN Society OF MECHANICAL 
ENGINEERS. Manuscript received at ASME Headquarters, July 26, 
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Shock Losses in Transonic Compressor 
Blade Rows 


loss coefficient band established by the D factor. Since all these 
data have supersonic relative inlet Mach numbers, it seemed 
reasonable to suspect that the higher loss is related to the shocks 
encountered in the blade row. An inspection of these data 
indicated that the increase in flow over that predicted by the D 
factor band was not a simple function of the relative inlet Mach 
number. That is, some of the higher relative Mach number 
points fall close to the band, whereas relatively low Mach number 
points fell above the band. It was also observed that a reduction 
of solidity caused a rapid increase in loss. Therefore, if these 
losses are to be related to the shock in the rotor passage, the 
effect of solidity and blade shape, as well as relative inlet Mach 
number, must be considered in the correlation. 

The object of this study is to obtain a physical understanding 
of the nature of the shock losses, to correlate these losses, and 
to determine methods of predicting the losses in transenic blade 
rows. The approach will be to review several studies of shock 
losses in transonic compressors and to compare the results of 
these studies with an analytical solution of the flow field. A 
simple flow model for estimating blade element shock losses was 
utilized in reference [3]. In addition, two experiments were 
conducted to obtain an understanding of the shock configurations 
in transonic blade rows. A hot-wire anemometer was utilized 
to determine the blade-to-blade loss distribution in a rotor with 
shock losses in reference [4]. High-frequency-response barium 
titanate crystals were used to indicate shock location in the blade 
passage in reference [5]. Finally, a method utilizing estimated 
shock losses for design of transonic blade rows was suggested 
by the analysis. 


A Simple Flow Model for Estimating Shock Losses 

To estimate the magnitude of the shock loss, a shock pattern 
or configuration as shown in Fig. 2 was assumed (from ref. [3]). 
In this case, the shock was assumed to stand near the entrance 
of the blade passage, striking the suction surface at the point B, 
extending in front of the blade at point A, and then bending back 
similar to a bow wave. It was then assumed that the loss across 
this shock could be approximated by the normal shock loss taken 
for the average of the Mach numbers at points A and B. The 
Mach number at point A was assumed to be equal to the inlet 
relative Mach number. The Mach number at B would be some- 
what higher because of the turning along the blade suction 
surface. This Mach number can be calculated from the upstream 
relative Mach number and flow direction and the angle of turning 
along the suction surface to point B (expansion waves along blade 
surface). To obtain the turning to this point, it is necessary to 
have a consistent and reasonable method of locating B. This 
location was chosen as the intersection of the suction surface 
and a line drawn normal to the mean passage camber line and 
through the leading edge of the next blade. Note that the loca- 
tion of B is affected by blade spacing. If the blades are moved 
farther apart (lower solidity), point B falls farther back from the 
blade leading edge. Thus, the loss calculated from the average 
Mach number is a function of relative inlet Mach number and 
blade row solidity, which were two parameters observed to affect 
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Fig. 2 Passage shock-wave for estimating shock-loss 
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DIFFUSION FAC 
Fig.3 Variation of tip element profile losses with diffusion factor of rotors 
from reference (3] 


the distribution of the measured loss data, as discussed from 
Fig. 1. 

The method for estimating shock loss values described above 
was applied to the data from the 14 transonic compressor rotors 
of reference [3]. Even with the assumptions involved in the 
averaging method, some interesting results were obtained per- 
taining to the magnitude of shock losses, as shown in Fig. 3. The 
shock losses calculated by the method just described have been 
subtracted from the over-all measured losses and are plotted 
here as a difference or profile loss coefficient against diffusion 
factor. When this was done, the profile loss fell within or below 
the usual D factor band (Fig. 3). From this it was concluded 
that the shock losses were the major factor causing the scatter 
of loss data above the D factor loss band. The suction-surface 
Mach number at point B (indicated in the previous figure) was 
surprisingly high, resulting in Mach numbers in the order of 
1.8 for many of the high loss points. At such Mach number 
levels, shock-boundary-layer interactions undoubtedly result 
in separation from the blade suction surface. Under such circum- 
stances, it is really surprising that the profile loss, or difference 
between the total measured loss and estimated shock loss, falls 
in the D factor band, which was determined as the total loss 
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coefficient at subsonic Mach numbers. However, the consistent 
nature of the data falling into the D factor band merits some 
further consideration. . 

The reference report subsequently showed that shock losses 
as calculated constituted 0.35 to 0.55 of the total loss. All the 
data shown in the figures were for tip element performance; 
however, at other supersonic blade elements the same percentages 
of loss (0.35 to 0.55) were attributed to the shock. Thus, it 
becomes apparent that shock loss can be of such a magnitude that 
it must be considered in the design of transonic rotors. 


Blade-to-Blade Loss Distribution 


In the previous discussion it was indicated that blade row 
losses can be divided into two loss coefficients. Namely, those 
losses associated with the blade profile @, and those associated 
with the passage shock @,. The profile losses would result in 
a total-pressure distribution behind a blade row as shown in 
Fig. 4. This type of total-pressure distribution was obtained 
by the use of a hot-wire anemometer in reference [6]. In this 
case, the losses are concentrated in the blade wake regions and 
the free-stream region is relatively loss free. In fact, it has been 
shown in reference [6] that, if the free-stream loss is taken as 
zero and the loss distribution is integrated, the wake loss is equal 
to that measured by the usual instrumentation downstream of 
the blade row. If, however, there is a shock across the passage, 
the free-stream loss is no longer equal to zero. This is shown in 
Fig. 5. At the top of the figure, a blade row operating at super- 
sonic relative Mach numbers is indicated with a series of expan- 
sion waves followed by a passage shock. Under such conditions, 
the total pressure in the free stream must vary from a rather low 
value on the suction surface to a rather high total pressure near 
the nose of the next blade because of the variation of passage 
shock loss, that is, the loss of the passage shock would vary 
according to the Mach number ahead of the shock. Now if 
this total-pressure distribution in the free stream is superimposed 
on that of the subsonic blade row, in which only profile losses 
appeared, a total-pressure distribution such as that shown at the 
bottom of Fig. 5 would be obtained. The blade wake is repre- 
sented by the region of low total pressure. The total pressure 
gradually increases from the suction surface toward the pressure 
surface where another wake region is encountered. Thus, the 
total-pressure distribution shown at the bottom of the figure is 
that which would be expected when shock losses are encountered. 

The data of Fig. 6 are based on the results of hot-wire anemom- 
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Fig. 4 Variation of total pressure downstream of a blade row 
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Fig. 5 Circumferential variation of relative total pressure at outlet of 
blade element operating with supersonic inlet relative Mach numbers 
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Fig. 6 Blade-to-blade loss distribution in flow with passage shock as 
indicated by hot-wire anemometer 





(e) 


eter data taken behind a blade row operating at supersonic 
relative Mach numbers (from ref. [4]). In this case, however, 
the hot-wire measurement is converted to a total-pressure loss 
coefficient plotted against per cent of blade spacing. This partic- 
ular plot is for a transonic rotor with a tip solidity of about 0.83 
operating at a tip speed of about 1100 feet per second and near 
the point of maximum efficiency. The region between the blades 
(which is normally the free-stream flow) shows a varying loss 
coefficient, being relatively high near the blade suction surface 
(0 per cent blade spacing) and decreasing toward the pressure 
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surface (90 per cent blade spacing). The high losses at the two 
sides of the passage represent the profile loss regions. A sketch 
of the shock configuration probably associated with this loss 
distribution is shown at the top of Fig. 6. Near the nose of 
the next blade (pressure surface) the Mach number of the shock 
is relatively low, approximately inlet relative Mach number, 
and the shock loss associated with this region is small. As the 
shock approaches the suction surface of the blade, the Mach 
number ahead of the shock continues to increase and thus the 
loss coefficient shows a gradual rise. These hot-wire data show 
a change in slope near the middle of the passage. This may be 
explained by the shock configuration above, which illustrates a 
considerable shock-boundary-layer interaction. Under such 
circumstances, the static-pressure rise across the shock, being 
relatively high, is felt back through the boundary layer along 
the suction surface of the blade, causing the boundary-layer 
thickness to increase upstream of the shock. This requires the 
flow to bend away from the wall through a series of compression 
waves which coalesce to form the shock in the free stream. The 
losses associated with this gradual compression are somewhat 
smaller than normal shock losses at the theoretical Mach number 
without boundary-layer compression waves. In general, the 
loss distribution obtained from the hot-wire trace confirms a 
Mach number variation ahead of the shock similar to that used 
in the simple flow model of reference [3]. 


Shock Configurations in Rotor Tip Regions 


Experimental data which substantiate the shock configuration 
used in the simple flow model were obtained from high-frequency, 
static-pressure transducers and presented in reference [5]. An 
installation of these barium titanate crystal pickups is sketched 
in Fig. 7. Four crystal pickups were located along the wall of 
the rotor housing. The dashed lines indicate the blade-to-blade 
path surveyed by each crystal, the first crystal being near the 
leading edge and the others located at various axial positions as 
shown. In Fig. 8 some oscilloscope traces from the static-pres- 
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Fig. 7 Location of barium titanate crystal probes for indicating static 
pressure variations at blade tip 
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measured with a hot-wire anemometer and calculated 
by the detailed shock model 


Fig. 8 Oscilloscope traces taken at the four crystal-probe stations and 
used to locate shock pattern in transonic rotor operating at design speed 


near maximum efficiency 
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Fig. 9 Flow at inlet of cascade of airfoils operated with supersonic relative inlet Mach number 


sure crystal pickup are shown. The static pressure decreases 
rapidly as the blade passes the crystal, followed by a gradual 
build up in pressure as the pressure surface approaches. The 
sudden rise in pressure between the blades indicates the presence 
of a shock. The location of this sudden static-pressure rise or 
shock relative to the blades was used to locate the passage shock. 
The shock shape and location as determined by these crystal 
pickups is shown by the solid line in Fig. 8 for an operating point 
near maximum efficiency of the particular rotor used in this in- 
vestigation. Also shown on Fig. 8 for comparison is a dotted 
line indicating the approximate shock shape and location assumed 
in the simple flow model used to estimate shock losses. It can 
be seen that the shock location obtained from the crystal data 
is very close to that assumed in the simple flow model. 


A More Detailed Model for Calculating Shock Losses 


It has been shown by two experimental techniques that the 
shock configuration assumed for the simple flow model is similar 
to that which exists at the design point for a transonic compressor 


rotor. Also, it was indicated that some rough approximations 
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to the loss obtained over this flow model gave reasonable experi- 
Still to be obtained, however, are a more 
comprehensive evaluation of the flow conditions and refinement 
with this shock configuration. 
of flow conditions and shock 


mental correlations. 


of the loss estimates associated 
The more complete evaluation 
losses will be described from Fig. 9, a two-dimensional sketch of 
the flow field and a similar shock model, which can be utilized 
for a more detailed calculation of the shock losses (as given in 
ref. [5]). The dashed lines represent Mach lines in the expansion 
region obtained over the suction surfac+ of the blade as deter- 
mined by the upstream flow Mach number, flow direction, and 
the turning on the suction surface of the blade. Along each of 
these Mach lines, the flow is assumed to be parallel to the blade 
suction surface at the origin of the line. The flow Mach number 
and direction are thus determined everywhere in the expansion 
field. The flow quantity for this blade passage is known from 
the upstream flow conditions. Since the flow conditions along 
each of the expansion lines are also known, continuity will estab- 
lish the stagnation streamline through the supersonic flow region. 
This solution can be extended back to the passage shock. A 
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theory of bow waves on cowl lips for supersonic inlets was used 
to establish the intersection of the shock line with the stagnation 
streamline (ref. [5 and 7]). It requires a knowledge of the up- 
stream Mach number and the streamline deflection behind the 
shock, shown as h in this figure, and results in an evaluation of the 
length L or the distance the bow wave stands ahead of the blade. 
This theory was based on bow waves of isolated bodies for which 
the upstream Mach number was constant. For the case of a 
blade row, however, the Mach number is varying slightly along 
the face of the shock. For this analysis the Mach number was 
assumed to be that calculated on the stagnation streamline at 
the face of the shock. 

A previous investigation (ref. [5]) calculated the losses as- 
sociated with the portion of the bow wave extending beyond the 
stagnation streamline and indicated that for small incidence 
angles these losses were relatively small compared with the 
passage shock losses. Therefore, this discussion will deal with 
the passage shock losses only (between the blade and stagnation 
streamline). Now that the origin of the shock is established, 
it is necessary to assume a direction taken by the passage shock. 
For the purposes of this analysis, it was assumed that the shock 
direction was the same as that of a line drawn through the nose 
of the leading edge of the blade and extending across the blade 
passage normal to the mean passage camber line. Thus, the 
necessary assumptions have been made to define the shock shape 
and location. The Mach number and flow direction are available 
all along the face of the assumed passage shock. Then the loss 
variations along the shock can be established and a mass averaged 
shock loss can be obtained. It should be noted that this shock 
shape and location is slightly different from that used in the ini- 
tial calculations. We now have an analytical two-dimensional 
method for predicting the flow field and shock losses in a transonic 
blade row. Some results of calculations made by this method 
will be compared with experimental data obtained at the point 
of minimum loss operation. 

The loss distribution from blade to blade can be computed and 
is shown on Fig. 10 along with measured loss distribution. The 
total-pressure loss coefficient is plotted against blade spacing. 
The measured data are the same hot-wire data as previously 
shown. It can be seen that, in the midpassage region, the shape 
of the calculated loss distribution is very close to that obtained 
from the hot-wire anemometer. The analytical method just 
described does not account for boundary-layer shock interactions 
and thus does not show the dip near the suction surface as indi- 
cated on the hot-wire anemometer trace. However, this com- 
parison indicates that the shock shape and strength assumed must 
be reasonably close to that existing at the design conditions. 


Comparison of Experimental and Analytical Shock Losses 


Now that some confidence has been gained from experimental 
evidence supporting both the simple flow model and the more 
detailed flow model shock loss estimates, the magnitude of losses 
In the table 
of Fig. 11, such a comparison can be made for the minimum 
loss points of tip elements of a representative sample of transonic 


obtained from these methods must be compared. 


compressor rotors. The operating conditions of these blade 
elements are indicated here as element relative Mach number and 
D factor. It can be noted that, for this sample of data, the D 
factor ranged from about 0.34 to 0.55 and the relative Mach 
number ranged from 1.07 to about 1.28. The estimated shock 
losses obtained by the simple flow model (column 5, @,) and the 
shock losses obtained by the more detailed method (column 6, 
w,) are compared on Fig. 11. The loss coefficients agree sur- 
prisingly well for these data. The magnitude of shock loss 
estimated ranges from about 0.04 to 0.14 for the simple flow model 
and thus a representative range of shock losses has been obtained 
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Fig. 11 Table of calculated and measured total-pressure losses for trans- 
onic compressor rotors 


in these sample data. It may be assumed that for the range of 
variables shown above it is not necessary to use the more de- 
tailed flow calculation to obtain the design-point shock-loss 
coefficient. 

Considering the simple flow model, it was suggested that for 
design-point operation a reasonable approximation to the total 
loss would be obtained if a shock loss was added to the profile 
loss. The profile loss for these data was taken from a mean line 
drawn through the data obtained from the 14 transonic compres- 
sor rotors previously described in Fig. 3 (and ref. [3]). This 
is tabulated in the column designated “Profile loss’? (column 7). 
In the next column (8), the profile loss has been added to the 
shock loss as determined by the simple flow model. The last 
column is measured loss coefficient. It can be noted that in 
general the predicted loss coefficient is close to the measured loss 
coefficient. This method of loss superposition seems to be a 
reasonable method for predicting the losses in transonic blade 


rows. 
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Fig. 12 Profile loss curve faired through data points from Fig. 3 


As a matter of interest, the profile loss used in preparing this 
table is shown in Fig. 12. This represents the mean profile loss 
for the tip element of the 14 transonic compressor rotors. This 
mean line is about one-third of the distance between the band 
width given for the D factor loss correlation. The comparison in 
the table of Fig. 11 of the estimated loss (column 8) and the meas- 
ured loss (column 9), is influenced greatly by the fairing of this 
curve through the profile loss data. 


Shock Losses at Various Rotor Radii 

In some transonic rotor designs, blade elements at radii below 
the tip element are operating at supersonic relative Mach numbers 
and shock losses should be considered. The magnitude of this 
problem can be indicated in Fig. 13. The relative inlet Mach 
numbers for three transonic compressors have been plotted 
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Fig. 13 Radial distribution of inlet relative Mach number and shock loss 
for three transonic compressor rotors 


against per cent of discharge passage height. (These data are 
from rotors I, H, and P of ref. [3].) The lower part of Fig. 13 
shows estimated shock loss coefficients (simple flow model). It 
can be observed that the calculated shock loss can be large even 
though the inlet relative Mach number is sonic at reduced radii 
(0.50 or 0.40 radius ratio). 
can occur even at relative inlet Mach numbers of the order of 1. 
The effect of shock loss along the radius can be seen somewhat 
better in Fig. 14 where the various loss components are plotted 
against radius ratio for rotor H of Fig. 13. The dashed line 
is a replot (from Fig. 13) of the shock losses calculated by the 
simple flow model. The dotted line is the distribution of profile 
losses determined from the profile loss curve shown in Fig. 12. 


Apparently, significant shock losses 
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Fig. 14 Radial distribution of shock and profile losses of transonic 
compressor rotor H of reference [3] 


The profile loss curve is faired upward in the rotor hub region to 
the upper edge of the D factor loss band to account for the hub 
effects not previously considered. These two loss components 
have been added together to obtain a total loss distribution, 
shown as the solid line in Fig. 14. This line, which would be 
considered as the design loss distribution, compared reasonably 
well to the measured loss distribution shown on this figure. 


Variation of Calculated Shock Losses With Incidence 


Since the methods of predicting shock losses at the design 
point seem adequate, it is desirable to consider the effect of shock 
losses at off-design conditions. The detailed flow model described 
above lends itself to analysis over a range of operating conditions. 
This method requires only a knowledge of the upstream Mach 
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Fig. 15 Off-design bow waves distance versus incidence angle for 
transonic compressor rotor H of reference [3] 


number, the flow angle, and the blade geometry in order to deter- 
mine the shock location and to estimate the magnitude of shock 
loss. 

The dimensionless distance L that the bow wave stands ahead 
of the blade leading edge for the rotor of reference [5] was calcu- 
lated over a range of incidence angles and is compared with the 
measured distance in Fig. 15. The measured distance was ob- 
tained from crystal probes previously described and indicates 
that the theory reasonably well predicts the shock location over 
a range of incidence angles. Some other rotors for which such 
data were available have indicated measured shock distances 
somewhat greater than the predicted distance; however, the 
difference between the measured and calculated locations was 
small. This agreement between predicted and measured condi- 
tions was encouraging and indicated that the analytical method 
has some validity over a range of incidence angles. The method 
was then used to estimate the variation of shock losses at the tip 
of one transonic rotor at these off-design operating conditions. 
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Fig. 16 Typical variation of total-pressure-loss coefficient with incidence 
angle for transonic compressor rotor H of reference [3] 


The results are shown in Fig. 16. The estimated shock loss 
does not vary appreciably over the range of incidence angles. 
This is the result of the fact that, as the incidence angle increases, 
the shock moves forward so that the Mach number at the shock 
remains essentially constant. Also shown on Fig. 16 is the meas- 
ured element loss for the blade row tip element. The measured 
total blade element loss increases very rapidly with incidence 
angle. Thus, the trend of rapidly increasing loss with incidence 
angle was apparently not primarily the result of increasing shock 
losses. If the calculated shock loss at the off-design incidence is 
reasonably correct, the large loss change with incidence angle 
must be due to a large change in profile loss. Into these profile 
losses have been lumped the viscous loss and the large unknown, 


Transactions of the ASME 





shock boundary layer interaction effects. It has been shown in 
subsonic compressor rotors and cascade tests that the profile 
losses do increase in this manner with incidence (for example, 
fig. 10, ch. 7, ref. [12]). It should also be pointed out that the 
more complete methods of predicting losses over a range of 
incidence angles (D factor applies only at design incidence angle) 
as given in reference [13] would probably indicate a loss increase 
similar to that measured. 


Remarks 

The simple flow model is adequate for predicting the magnitude 
of shock losses in transonic compressor blade rows at or near 
design point operation. The more detailed flow model did result 
in a better understanding of the flow conditions in a transonic 
blade row, and to some extent may be useful to predict shock 
losses over a range of blade incidence angle. However, since the 
entire shock loss analysis has been based on the two-dimensional 
blade element approach, further refinement of such simplified 
methods of predicting the shock losses probably would not im- 
prove the understanding of the flow conditions or the prediction 
of transonic compressor performance. 

It should be kept in mind that the methods used were developed 
to understand and improve the correlation data from 14 transonic 
compressor rotors. All examples shown were data used in the 
over-all correlation. Although these methods seem equally 
applicable to predict the performance of similar machines, it is 
not known to what extent these correlations apply outside the 
range of variables (Mach number, solidity, etc.) covered by these 
14 transonic compressor rotors. 


Summary of Results 
The rather extensive study of the shock losses in transonic 
compressors can be summarized by the following remarks: 


1 A simple flow model can be used to estimate shock losses 
at the design point for transonic compressor blade rows and results 
in reasonable correlation of loss data. It is indicated that shock 
losses can constitute a sizable portion of the total losses in a 
transonic compressor rotor. This includes all blade elements 
at which sonic or higher relative velocities are obtained. 

2 Shock losses can be shown to exist across the blade passage 
(free-stream loss) and by the method of superposition with the 
blade profile losses result in an estimated design total loss coeffi- 
cient. 

3 The shock configuration was experimentally determined 
by the rapid pressure rise between the blades as measured by the 
use of barium titanate crystals. At the minimum loss operating 
conditions the shock is very similar to that assumed in the simple 
flow model. 

4 Shock losses obtained from a more detailed flow model 
were compared with the losses obtained by the simple flow model. 
Measured loss distribution from blade to blade closely approaches 
the analytical shock loss distribution. The measured distribu- 
tion shows the effect of a shock boundary layer interaction. 

5 The analytical method (from the detailed flow model) of 
determining the shock location ahead of the blade seems to 
apply reasonably well over a range of incidence angles. The 
analytical shock losses do not vary a great deal with blade element 
incidence angles. 


APPENDIX 
Symbols 


D = diffusion factor, D = 1 — V2'/V;' + Vo/2Vi'o (ref. [2]) 
7 = incidence angle, angle between relative inlet-air direction 
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and tangent to blade mean camber line at leading 
edge, deg 
= streamline deflection behind shock 
distance of bow wave ahead of blade leading edge 
relative inlet Mach number 
total pressure 
static pressure 
air velocity, ft/sec 
blade solidity, ratio of chord to spacing 
relative total pressure loss coefficient, (P2,;—P2)/(P1—p1) 
= calculated shock loss coefficient (total pressure) (simple 
flow model) 
calculated shock loss coefficient (total pressure) (de- 
tailed flow model) 
profile loss coefficient, ®, = @ — a, 


M,' 


rotor inlet 
rotor outlet 
ideal 
= tangential direction 


Superscripts 


’ 


= relative to rotor 
— = mass-averaged value 
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DISCUSSION 
R. 0. Bullock? 


The authors have made an excellent advancement in the art of 
transonic compressors. The analytical work and the discussion 
of results are nicely presented. 

The authors have modestly omitted the details of the work of 
developing the hot-wire anemometer and crystal pickups into 
useful tools for compressor research. The problems that were 
met and overcome would be worthy of another paper by itself. 
The importance of these developments in this and vossibly future 
work, however, should not be unnoticed. 

Only limited comparisons between data and theory are made 
in the paper. The authors have previously presented more ex- 
tensive comparisons in NACA reports. 
in another paper.’ Fig of that 
relation achieved for a variety of rotors operating over a wide 
The data are remote from the tip and are 


These are reproduced 
25(b paper shows the cor 
range of conditions. 
Comparing these data with 


not confused by blade end effects. 
the data summarized in Fig. 17 of my paper’ shows that with the 
exception of the data from rotors 1b, 7, and 8, the uncertainty 


? Chief of Aerodynamics, AiResearch Manufacturing Company of 
Arizona, The Garrett Corporation, Phoenix, Ariz. 
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bands are comparable. The improvement in correlation 
achieved by the authors is emphasized by comparing Fig. 23(b)§ 
with 25(b). For the most part the correlation technique is 
within experimental error. 

A comment can be made about rotors 1b, 7, and 8. 
was originally designed for one blade setting, then tested at 
another. In the original design, the mean flow between the blades 
was intended to have vortex distribution. The flow distribution 
in the reset blade must, therefore, deviate from that of a vortex. 
Radial flows will result which may change the Mach number 
ahead of the shock and thus impair the correlation achieved 
The casings of rotors 


The former 


by purely two-dimensional considerations. 
7 and 8 changed diameter. Radial motions were forced on the 
flow and the pertinent Mach number estimates are again in 
error. 

These observations indicate that the author’s technique can 
be used with confidence when the design is such that the radial 
flows are small. When radial flows are not small, either be- 
cause of the casing configuration or because of marked non- 
vortex flow distributions, it may be advantageous to extend the 
technique to take these into account. 


3 R. O. Bullock, “Critical High Lights in the Development of the 
one 


Transonic Compressor,’’ published in this issue, pp. 243-257 
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R. 0. BULLOCK 


Chief of Aerodynamics, AiResearch 
Manufacturing Company, Phoenix, Ariz. 


Introduction 


= since the National Aeronautics and Space 
Administration (NASA) first efficient’ tran- 
sonic compressor that realized the potential of high flow and high- 
pressure ratio there has been intense activity to capitalize on 
research organizations, 


demonstrated an 


this discovery. Private industry and 
including the NASA, have devoted a large amount of effort to- 
ward widening this field. 

In some instances, transonic compressors were designed and 
built with little more information than that such a compressor 
Such designs werg intuitive. A few of these 


was possible. 
in many others, the results 


attempts were rewarded by success; 
were disappointing. 

In other areas, the work was directed toward establishing new 
records in flow capacity and pressure ratio per stage. The re- 
sults again were a somewhat confusing mixture of suecess and 
failure. The bulk of the effort, however, was devoted to under- 
standing more precisely the principles of transonic compression 
and to acquiring the information necessary to make intelligent 
designs. This information is the backbone of our present state 
of the art. 

Because of security restrictions, proprietary interest, and other 
problems, the communication of available information was 
The available information was buried in a large number 
of reports. Moreover, there was no record of open discussion of 
critical points; the potential user of the information in a paper 
could not benefit from the discussions and criticisms of other 


spotty. 


competent leaders in the field. 

In view of the recent declassification of much of this work, it 
is timely to collect and publicly appraise the available material. 
The program planners of THe AMERICAN SocreTy OF MECHANICAL 
ENGINEERS are to be congratulated for their efforts in presenting 
various cross sections of transonic-compressor research at this 
meeting. 

The principal function of this paper is to summarize the im- 
portant information acquired from single-stage transonic-com- 
pressor research at the NASA. This source of work was se- 
lected because it is the only declassified, published, and coherent 
information readily available at this time. 

The secondary function of this paper is to appraise the cur- 
rent state of the art and indicate the outstanding problems and 
possibilities of transonic compressors. 

A historical approach was adapted for this presentation, since 
it provides a continuous framework upon which new discoveries 
and ideas can be properly oriented. Inasmuch as the program 
itself was logical, this approach permits a logical treatment of the 
subject. The paper thus reviews the critical phases in the de- 
velopment and understanding of transonic compressors. 

The Mach-number problem in conventional subsonic compres- 
sors is first discussed. Information and ideas suggesting ways 
and means of overcoming these problems are presented. The 
incorporation of these ideas into the first successful transonic 
then reviewed. The selected by the 


compressor is program 


Contributed by the Gas Turbine Power Division and presented at 
the Winter Annual Meeting, New York, N. Y., November 27 
December 2, 1960, of THe AMERICAN SocteTy OF MECHANICAL 
ENGINEERS. Manuscript received at ASME Headquarters, October 
3, 1960. Paper No. 60—WA-290. 
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Critical High Lights in the Development of 
the Transonic Compressor 


NASA to pursue this development efficiently is then examined, 
and the results of this program are discussed. The current views 
about the important similarities and differences between sub- 
sonic and transonic-compressor design are then indicated. 

The problems of realizing available performance in practical 
designs are considered. Some possible effects of design errors 
are indicated. Finally, the possible effects of flow aberrations are 
noted. 


The Mach-Number Problem in Conventional Subsonic 
Compressors 


From the very beginning of its role in gas-turbine engines, 
there has been an increasing incentive to raise the Mach numbers 
at which axial-flow compressors could operate efficiently. In- 
creasing the Mach number increases the flow capacity of a com- 
pressor and thus reduces its frontal area and weight. A typical 
example of this trend is shown in Fig. 1. Increasing the Mach 
number also raises the pressure ratio a stage can produce. A 
typical example of this trend is shown in Fig. 2. This effect re- 
duces the number of stages required and the weight. 

The deterrent to the use of high subsonic Mach numbers was 
the alarming fall in efficiency observed as the relative flow ex- 
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Fig. 2 Pressure ratio versus Mach number 
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Fig. 3 Mach number effect on isolated airfoil 


Mach Number 


0.8 


Coefficient 


Lo 


5 ° 
Incidence Angle 


Effect of Mach number on cascade losses 























Fig. 5 Effect of Mach number on conventional subsonic compressor 


ceeded Mach numbers slightly higher than 0.7. This not un- 
expected result was observed on isolated airfoils, in two-dimen- 
sional cascades, and in full-scale compressor tests. Fig. 3 shows 
a typical example of how the lift/drag ratio of an isolated air- 
foil suddenly falls off as the critical Mach number is exceeded. 
The similar trend for two-dimensional cascades is exhibited in 
Fig. 4. The highest Mach number shown exceeds the operational 
limit of this blade. As shown in Fig. 5, the behavior of actual 
compressors seemed to agree with that of isolated airfoils and 
two-dimensional cascades. 
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Fig. 6 Location of minimum flow area in subsonic cascade 











Fig. 7 Location of minimum flow area in supersonic cascade 


A plausible explanation for the behavior of cascades and com- 
pressor-blade rows was not too hard to find. Consider the cas- 
cade and streamlines shown in Fig. 6. For a given angle of 
attack, a minimum spacing of two adjacent streamlines occurs 
at B-B. There is some subsonic upstream Mach number (at 
station A-A) where the average Mach number at B-B is unity. 
Any attempt to push more flow through the cascade results in 
supersonic flow behind B-B and a terminal normal shock. Once 
the average flow becomes sonic at B-B, the maximum capability 
of the cascade is realized. Thereafter, the performance of the 
cascade deteriorates. An interesting point to note is that these 
results could be correlated by the Karman-Tsien relationships 
by using a Mach number appropriate to the cascade instead of 
the upstream Mach number. At high angles of attack, the mini- 
mum area occurs upstream of the cascade; in this case, however, 
the flow separation at the leading edge is so severe that the per- 
formance is quite unsatisfactory. 


Some Possibilities of Supersonic Compressors 

In view of the explainable experimental results, it was generally 
conceded that poor performance in the high subsonic or tran- 
Attention was therefore given to 
supersonic compressors, where a cascade like that of Fig. 7 would 


sonic regime was inevitable. 
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behave like a supersonic diffuser. The analysis and experi- 
ments of Kantrowitz [1]! at the Langley Laboratory of the old 
National Advisory Committee for Aeronautics (NACA) en- 
couraged this attention, and Kantrowitz himself made pioneering 
experiments of supersonic compressors |2]. Kantrowitz’s experi- 
ments were made in Freon and were of relatively short 
duration, but the data obtained were very encouraging. In view 
of these successes, the decision was made by the NACA to build 
a supersonic compressor that would run in air at an equivalent 
tip speed of 1600 ft per sec. Such a compressor was built 
and tested at the Lewis Laboratory of the NACA. 

Before the tests were run, there was a great deal of specula- 
tion about how the supersonic flow would start; that is, how the 
throat would swallow the bow wave created at lower than design, 
supersonic, relative Mach numbers. Various techniques for in- 
suring a successful start were conceived and held in abeyance. 
In the actual tests, however, there was no dead zone in the tran- 
sonic flow regime. On the contrary, Fig. 8 [3] shows that the 
best performance of the compressor was observed in the very 
regions where the worst was expected. In other words, the tran- 
sonic performance was the best. Although the performance was 
not spectacular, the bugaboo about transonie-compression opera- 
tion was partially dispelled. 
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Fig. 8 Performance of supersonic compressor rotor 


The Possibilities of Transonic Compressors 


Because of these results, a new hard look was taken at the pos- 
sibilities of compressor operation at transonic Mach numbers. 
It was concluded that the tests with the supersonic compressor 
indicated no severe deterioration of performance occurring in a 
blade section that was relatively thin and that had its maximum 
thickness well behind the leading edge. 

A study of Fig. 7 suggests reasons for this. It shows, for ex- 
ample, that the thin section and the low camber angle would ease 
the choking problem. From one-dimensional considerations, the 
minimum flow area is upstream of the blades when the angle of 
attack exceeds some small nominal value. 

Locating the maximum thickness well behind the leading edge 
also permits a small wedge angle. This minimizes the strength 
of possible bow waves and the attendant losses. 

The large blade angle permits a large amount of energy to be 
added to the air with only a small amount of turning—or cam- 
ber. This means that a relatively high amount of energy is 


1 Numbers in brackets designate References at end of paper. 
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added to the flow. If the ratio of the added energy to the losses 
is large, the efficiency is high. 

After looking at the problems from a two-dimensional point 
of view, it appeared that efficient compressor-rotor performance 
might be obtained at Mach numbers slightly below or slightly 
above unity. This would be possible by making the blades thin, 
and by placing the maximum thickness close to the mid-chord 
position to minimize the adverse affects of bow waves at the lead- 
ing edge. (Placing the maximum thickness near the trailing 
edge would be even more beneficial in this respect. This would 
encourage large wakes, however, which would manifest themselves 
as unavailable energy.) At the same time, the rotor blades must 
be designed to add a large amount of energy to the air. 

At Mach numbers close to unity, the situation was undeter- 
mined. While it appeared that reasonable two-dimensional per- 
formance might be possible in this regime, the possibility could 
be abetted or completely negated by what happened in the third 
dimension. ‘The radial flows required by equilibrium considera- 
tions could close the throat or open it. 

Consider Figs. 9(a) and 9(b), for example, and notice what is 
happening at the tip, where the Mach number is the highest. 
Equilibrium and continuity requirements force the streamlines 
radially outward in Fig. 9(a), and this diminishes the available 
flow area near the center of the blade—-where the throat is. In 
this case, high angles of attack would be required to prevent 
choking at high subsonic Mach numbers. The effectiveness of 
such a blade row would be questionable. On the other hand, the 
radially inward flow of the streamlines in Fig. 9(b) would tend 
to diminish the choking and improve the performance of the tip 
at transonic Mach numbers. 








(a} Streamlines closing throat 





(b) Streamlines opening throat 


losing throat 





Fig. 9 Radial displacement of streamlines op 
cascade 


These observations indicate that some estimate must be made 
of the radial distribution of the streamlines. Fortunately, re- 
search on mixed-flow and centrifugal compressors [4, 5] had 
shown that at least some of the gross effects of the radial dis- 
tribution of streamlines could be anticipated. This is done with 
a stream filament technique based on the requirements of radial 
equilibrium or vorticity. Other developments in the same 
mixed-flow compression program yielded approximate methods 
of analyzing two-dimensional flow in cascades at high Mach 
number [6]. 


The First NACA Transonic Compressor 


Armed with the foregoing concepts and techniques, the design 
of a transonic, single-stage compressor was begun at the Lewis 
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Laboratory of the NACA. The basic purpose of this design was 
to determine if reasonably efficient performance could be ob- 
tained by applying the new concepts. At the same time, how- 
ever, a modest improvement in the output over that of subsonic 
(There is no point in operating at tran- 
sonic conditions just to operate at transonic conditions.) The 
to produce a pressure ratio of 1.35 


compressors was sought. 


unit was thus designed [7] 
at a weight flow of 29.6 lb per sec per sq ft of frontal area. 

Method of Design. A method similar to that of Stanitz [6] 
was used to design the rotor-blade profiles at the hub, mean, and 
tip. As previously noted, this method is only approximate, but 
its reliability increases with the blade solidity. Since high so- 
lidities happened to be dictated by the results of this study, this 
The design tip solidity was 

The hub was given a coni- 


method was considered adequate 

1.25 and the hub solidity was 2.05. 
cal surface, and the blade profiles were designed along conical 
surfaces assuming a linear variation in the stream tube height h 


across the blade row, see Fig. 10. The inlet and outlet values of 








a 


a" 


Fig. 10 Blade element between two adjacent conical surfaces 
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Fig. 11 Design velocity diagram 
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h were determined from the design velocity diagrams which were, 
in turn, based on the requirements of simple radial equilibrium 
[8]. The design method required an assumption of pressure dis- 
tribution along the chord: to determine the shape of a mean 
streamline. An elliptical pressure distribution was used, since 
it obviated sharp peaks and did not complicate the calculations. 

Any wave formation at the tip was assumed to be at or up- 
stream of the leading edge. A continuous decrease in the mean 
velocity was stipulated in order to determine the distribution of 
the passage area. At the other radii, the passage area was de- 
termined by the requirement that the velocity should always be 
subsonic. Once the passage area was determined, the blade 
shape was found by adjusting the thickness and solidity, con- 
sistent with the requirements of the mean streamline. 

It should be noted that the blade thickness selected allowed 
for an assumed growth of the boundary layer—amounting to 
about 0.08 in. at the trailing edge. The mean camber line of the 
blade was based on an assumed deviation angle of 4 deg and an 
incidence angle of 3 deg. 

The velocity diagrams for the rotor are shown in Fig. 11. The 
shape of the rotor blades at the tip and the hub are shown in 
Fig. 12. It is noteworthy that the tip shape turned out to be so 
similar to that of a circular are profile that this shape was stip- 
ulated in the final design. 

After these flow and blade configurations were established, 
a check was made of the radial flow distribution, using the tech- 
niques previously noted [4]. This check indicated that no sig- 
nificant changes in velocity distribution would result from radial 
flow effects. This result was caused by the fact that nearly 
exact vortex flow distribution obtained along the mean stream- 
lines of the blade row. 

Performance. ‘This rotor was then run in a conventional test 
rig. The results, as shown in Fig. 13, were highly gratifying. 














Fig. 13. Performance of first transonic rotor 
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A pressure ratio of above 1.47 was obtained at an efficiency above 
90 per cent for a flow of about 29 lb per sec per sq ft. The rela- 
tive Mach number of the tip was about 1.05. This weight flow 
was lower than design, but the pressure ratio and efficiency were 
well above the values anticipated. 

Although the indicated average performance of the rotor was 
excellent, the degree of turbulence behind the rotor was unknown. 
High rotor efficiencies had been demonstrated several times be- 
fore with supersonic compressors, but the flow behind these 
rotors was so time-unsteady that a sizable portion of the kinetic 
energy could not be recovered in the stators, and these compres- 
sors as a whole had little practical value. Before the investiga- 
tors became too excited with the results of Fig. 13, the rotor had 
to be operated with stators designed for it. 

The stators had circular are camber lines with symmetrical 
thickness distributions. Low losses were previously observed 
from this blade section at Mach numbers up to 0.8 [9]. 

The results of the tests with rotor and stator are shown in 
Fig. 14. 
through in the state of the art of compressor design had been ac- 
complished, and that the transonic compressor was a fruitful 


These results conclusively demonstrated that a break- 


field for further research and development. 
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Fig. 14 Over-all performance of first transonic compressor 


The NACA Single-Stage Transonic Compressor Program 


The next problem was that of supporting this break-through 
with general design information as soon as possible. 
The following questions naturally arise: 


1 Exactly what design information is required? 

2 What blade shapes should be investigated? 

3 Over what range of operating conditions is design informa- 
tion required? 

4 What is the best way of acquiring the design information? 

5 How can the design information be correlated or inter- 
polated? 


The methods selected to answer these questions are discussed 
below. 


Design Information Required. The required design information is 
naturally stipulated when a blade-element approach is adopted. 
This technique is fully described in the NACA summary of axial- 
flow compressor design [8]. In brief, axial-flow compressor 
blades are conceived to be evolved from the radial stacking of in- 
dividual airfoil shapes called blade elements. The blade ele- 
ments are assumed to be along surfaces of revolution generated 
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by rotating a streamline along the compressor axis. This sur- 
face, in turn, is assumed to be approximated by an equivalent 
cone. Each element along the height of the blade is designed 
to direct the flow of air in a certain direction as required by the 
velocity diagram selected for the blade row. The basic variables 
defining the blade element flow are shown in Fig. 15. 

The blade-element flow itself is defined by the loss in relative 
total pressure and the angle through which the air is deflected. 
Design information on the blade element is achieved with curves 
showing the variation of a loss coefficient and deviation angle with 
the incidence angle, with the relative inlet Mach number, and 
with the position of the blade element expressed as the per cent 
of blade height from the compressor tip. 

The direction and state of the flow behind the blade row is 
subject to the requirements of radial equilibrium also. These 
requirements are extensively discussed in the afore-mentioned 
design summary. In essence, the location of the streamlines 
between the blade rows is determined by the requirements of 
The locations of these streamlines, in turn, 
The definition of a blade element 


radial equilibrium. 
define the blade elements. 
and its performance are thus mutually dependent. 
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Fig. 15 Blade-element nomenclature 


Near the hub and casing, the flow varies so rapidly and is so 
confusing that the blade element technique just described is not 
applicable. Since the air in these regions primarily occupies 
space, transports little mass, and offers only a small contribution 
to the radial pressure gradients, these regions are recognized 
only by stipulating the per cent of the blade height that must be 
set aside for them. 

The design information required is thus: 

1 Data concerning radial equilibrium so that the blade ele- 
ments can be defined correctly. 

2 Data defining the air deflection and relative total pressure 
losses as a function of incidence angle, inlet Mach number, and 
the radial position of the blade element. 

3 Data concerning the per cent of the blade height occupied 
by the hub and casing boundary layers. These data are known 
as blocking factors. 

Blade Shapes Selected. In the interest of obtaining a useful 
range of results in the minimum time, attention was focused 
on one general blade shape—the double circular are. This 
shape was selected for several reasons. 
drews [9] showed the utility of this blade from purely two- 
dimensional cascade considerations. Analytical studies by 
Klapproth [10] demonstrated that this shape was typical of that 
desired for good velocity distributions between the inlet Mach 
Preliminary results from the work of 
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Fig. 17 Variation of total pressure loss with diffusion factor 


Robbins and Glaser [11] showed this general shape to have ex- 
cellent subsonic and transonic characteristics. 

Range of Operating Conditions Selected. Again in the interest of 
acquiring significant design information in the minimum time, 
it was decided to test these sections primarily over the range of 
conditions pertinent to gas-turbine engines. The compressor 
program was thus closely linked with the turbine aerodynamic 
and turbine cooling programs [8, 12]. 

Method of Acquiring Design Data. A thorough study of the sev- 
eral ways of obtaining the design experimental data led to the 
decision to get the data directly from compressor blade rows. 
There were several reasons for this decision. 

As previously noted, the behavior of a blade element is a func- 
tion of its radial position. An example of this is shown in Fig. 
16. In order to obtain the most significant data, it should be 
obtained on actual blade rows. 

The desired range of data included both subsonic and super- 
sonic inlet conditions, and it included rotors and stators. This is 
most readily accomplished in actual blade rows. 

Recent developments in instrumentation techniques offered 
the promise of obtaining accurate detailed data on blade rows. 
Previously, the use of blade rows for this purpose was considered 
inadvisable because of the difficulties of obtaining accurate data 
when the radial gradients were large. 

Methods of Correlating Data. Several possible methods of cor- 
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relating blade element, or cascade, data were worthy of con- 
sideration. The method described by Carter [13] or a modi- 
fication of it was a possible means of correlating the data con- 
cerning nominal incidence angle and deviation angle. Pre- 
liminary analysis to determine the same type of information was 
started by Lieblein, and it showed great promise. Its later de- 
velopment is reported in the NACA design report [8]. 

At this time, a new approach to the correlation of the total 
pressure loss had recently been reviewed at the Lewis Laboratory 
of the NACA [14]. In this approach, boundary-layer growth 
was related to the deceleration of the velocity, or diffusion, on the 
suction surface of the blade element. The boundary-layer 
growth, in turn, was reflected by the total pressure losses. The 
type of correlation achieved by this technique [8, 14] is shown 
in Fig. 17. Previous work [15] had also indicated effective 
means of correlating the radial distribution of flow. 

Armed with these possibilities, the investigation of a series of 
blade rows designed to obtain the desired information was con- 
fidently begun. 

Results of Program. Nine basic rotor designs were selected for 
investigation [11, 16-27]. Complete data on this work are pre- 
sented in the cited references. Not only did these various con- 
figurations cover a range of blade designs and operating condi- 
tions, but they explored the effect of solidity (by varying the 
number of blades in the blade row), the effect of aspect ratio, the 
effect of contouring the passage, the effect of the over-all hub/ 
tip ratio, and other variations. A typical example of the results 
presented is shown in Figs. 18 through 22. 

Fig. 18 presents the rotor data concerning the observed varia- 
tion of losses and deflection with the incidence angle at two rotor- 
tip speeds. For convenience, the losses are expressed in two 
ways—as a total-pressure loss coefficient and as a temperature- 
The deflection is expressed as turning angle and 
as deviation angle. The relative inlet Mach number is given, 
as is the work coefficient (the energy added divided by the square 
of the tip speed), and the ratio of the outlet and inlet axial veloci- 
ties. These data are included because it was suspected that 
future improvements in data correlation might include these 
factors as variables. 

Data for the stators used with the foregoing rotor are shown in 
Fig. 19. With the exception of temperature rise efficiency and 
work coefficient, the same variables are presented as in Fig. 
18. Temperature-rise efficiency and work coefficient are not 
applicable to stators. 

The observed static-pressure distribution required by radial 
equilibrium is shown in Fig. 20. Also shown, for comparison, 
is the distribution required by elementary theory, neglecting 
radial directions of the flow and radial entropy gradients. 
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The effect of diffusion factor on the losses is shown in Fig. 21. 
These particular data are shown to fall within the tolerance band 
previously observed for subsonic data. 

The corresponding blockage factor data are shown in Fig. 
22. A comparison of the distribution of mass flow leaving the 
blade row with that entering it indicates the increase (or de- 
crease) in boundary-layer thickness attributable to the blade 
row 

This type of treatment was given to nearly all the data taken 
during this program. As more and more data were acquired, 
they were compared with existing subsonic blade-row data and 
cascade data. Certain definite patterns began to form. Many 
of them are discussed in Chapters 7 and 8 of the NACA report 
on the ‘Design of Axial-Flow Compressors’’ [8]. In general, 
the optimum incidence angle, deviation angle, 
losses followed a very consistent pattern that fell into the in- 
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tended correlation scheme within a reasonable tolerance band. 

In addition to these data, the mass-averaged performance of 
the blade rows and the complete stage were determined to eval- 
uate the over-all effectiveness of the blade row, or stage. The 
prominent features of this evaluation were given by Lieblein 
and Johnsen [28]. The important result of this aspect of the 
work was that wide variations in the hub/tip ratio, the aspect 
ratio, and the passage contouring exerted no extraordinary effect 
on the behavior of the blade elements other than the expected 
one of influencing the radial distribution of the flow. 

Comparatively high flow rates and pressure ratios with good 
efficiency were almost invariably observed. Moreover, the stall- 
free range of operation was as good if not better than those ob- 
served in conventional subsonic blade rows. No unusual rotat- 
ing stall problems were identified. 


Discrepant Supersonic Flow Losses 


The one discordant note in the data from the program was the 
losses observed in the regions of the blade where the flow was 
definitely supersonic. This was particularly true near the tip, 
where the Mach numbers were, of course, the highest. The 
random deviations in tip losses previously observed in the D- 
factor correlations were expected, but even wider variations were 
observed in the supersonic portions of the blade, some of them 
quite remote from the blade tips. The loss data are shown in 
Tables 1 and 2, together with the blade element description and 
A graphical portrayal of the loss results 
These data include observations made 


inlet flow conditions. 
is shown in Fig. 23. 
on a multistage compressor. 
sults [14] is shown. 

At the beginning there seemed to be no rhyme or reason to 
with high D-factors, 
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and vice versa. The level of the inlet Mach number was not 
decisive. A reasonably complete and consistent explanation 
could not be uniquely associated with solidity, chord angle, 
camber angle, or inlet Mach number. As more and more of 
these results came in, it became obvious that a more sophis- 
ticated flow model was required to reconcile the data. An in- 
vestigation to unravel this problem was therefore begun. This 
work is summarized by Miller, Lewis, and Hartmann [30] and 
in NACA Reports by Schwenk, Lewis, and Hartmann [31] and 
Miller and Hartmann [32]. 

Detailed Analysis of Supersonic Flow. This investigation was 
reinforced by the use of barium titanate crystals to study the 
time unsteady variations of static pressure at the rotor tip, and 
the use of hot-wire anemometers for studying the blade wakes. 
These techniques provided hitherto unavailable eyes for studying 
the development of pressures and losses. 

By mounting barium titanate crystals on the casing of com- 
pressors, the time unsteady variations in static pressure were 
observed. After considerable work was devoted to the use of 
these instruments, it was possible to estimate the distribution in 
static pressure between the blades. In particular, the strength 
of the shock and its location with respect to the blades were de- 
terminable. 

Development of the fast-response hot-wire anemometer reached 
the point where it could be used to assess the losses in blade 
wake. The change in mass-flow rate in the wakes was sensed 
by the anemometer and the results were interpretable in terms 
of total pressure losses in turbines and compressors [33]. Good 
agreement was observed between subsonic-rotor losses thus 
computed and those observed using more conventional tech- 


DIFFUSER 
FACTOR 


LOSS 
EFFICIENCY COEFFICIENT 


PRESSURE ADILABATIC 
RATLO 


MACH 


SURFACE) NUMBER 


INC LDENCE 
DEGREES 


ANGLE (TO RELATIVE 


SUCTLON 


TO CHORD 
RATLO 


LEAD LNG 
EDGE 


TO CHORD RADLUS 
RATIO 


niques. 

These investigations, together with persistent analysis of the 
flow, eventually yielded methods for explaining and correlating 
the losses for supersonic flow. One method was approximate 
[31] and the other used more exact computational techniques 
[32]. Both of these methods conceived the losses as being com- 
posed of two parts: a “‘passage shock loss’’ which results from a 
normal shock in the flow passage formed by two adjacent blades, 
and a profile loss which originates from viscosity on the blade 
boundaries. This profile loss includes the effects of viscous 
friction, blade-end effects, flow separation, and shock-boundary 
layer interaction losses that are over and beyond that predicted 
by the normal shock-loss computations. 

In the normal shock-loss computations, the position of the 
shock is located, Fig. 24, and the distribution of Mach number 
ahead of it isfound. The shock losses are then determinable from 
supersonic-flow tables. The profile losses are assumed to be the 
same as those obtained in subsonic compressors 
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Fig. 24 Flow at inlet of cascade of airfoils operated with supersonic 
relative inlet Mach number 
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The effectiveness of these techniques is illustrated in Fig. 25. 
This figure presents the calculated profile losses as a function of 
diffusion factor. The calculated profile losses equal the observed 
experimental losses minus the passage shock losses resulting from 
a normal shock similar to that shown in Fig. 24. These results 
are compared to typical subsonic rotor behavior, Fig. 17, and 
typical cascade results [14]. 

Comparing Fig. 25 with Fig. 23 shows, first, that the amount of 
scatter has been reduced, and second, that the corrected tran- 
sonic data are more uniformly grouped about the indicated sub- 
sonic norm. While the correlation is not perfect, it represents : 
significant forward step in the design and control of transonic- 
blade performance. 
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Fig. 25 Variation of corrected over-all losses with diffusion factor 


Significance of Results 


Although good transonic compressors can be developed using 
the results described herein, considerable work remains to be 
done to make the understanding of transonic compressors more 
exact. More accurate means of predicting deviation angles are 
required. More refined methods of accounting for radial equi- 
librium and hub and casing boundary layers are desired. Meth- 
ods of estimating the losses need refining. These are the same 
problems, however, that currently inhibit the exactness of sub- 
sonic designs. Excursions into these various avenues have un- 
doubtedly been made by various industrial groups, and they 
may be expected to offer welcome contributions in the near 
future. 

Two recent papers by Lieblein are expected to provide a sound 
basis for some of this work. One of these papers [34] gives an 
excellent correlation of losses in cascades. He generalizes the 
important relations between velocity distribution and boundary- 
layer growth with a few significant parameters. Boundary-layer 
growth is, in turn, related to the cascade losses. The basic 
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understanding derived from this work is almost immediately 
applicable for correlating the profile losses throughout most of the 
blade section. The losses at the blade ends appear to be more 
controlled by several varieties of secondary flows. These varia- 
bles, then, have to be integrated into the loss correlations. 

In the second paper [35], Lieblein refines his early work on 
correlating deviation angles. Again, this technique appears to 
be applicable to transonic compressors—requiring some modifica- 
tion based on subsequent refinements in actual transonic-com- 
pressor data. 


Sensitivity of Transonic Compressors to Misdesigns 


In the pratical application of transonic compressors, it should 
be noted that small changes in flow area cause relatively large 
changes in the Mach number and static pressure. Errors in 
flow angle resulting from misestimates of deviation angle, 
boundary-layer blockage, and manufacturing tolerances there- 
fore may be more serious than for the conventional subsonic 
compressor. 

Fig. 26(a) shows the effect of a 1 per cent error on a representa- 
tive transonic-velocity diagram. The design conditions are in- 
dicated by the solid lines. The dotted lines show what happens 
when the effective passage area of the blades is 1 per cent less 
than desired, while the required flow angle is maintained. The 
length of the vectors indicates the ratio of the velocity to the 
speed of sound for stagnation conditions at the rotor inlet. 
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Fig. 26(a) Effect of 1 per cent error on transonic velocity diagram 


Relative Absolute 
55.0° 


37.4° 





Fig. 26(b) Effect of 5 per cent error on subsonic velocity diagram 


As indicated by the figure, the Mach number into the stators 
is increased 5 per cent, and the flow angle is decreased 5.8 deg. 
At the same time, the energy input is reduced by 30 per cent and 
the isentropic static pressure rise in the rotor is reduced from 1.2 
to 1.11. 

An outlet-angle error which changes the relative flow angle 
leaving the rotor from 48.2 to 48.7 deg also decreases the relative 
flow area by 1 percent. The dotted curves in Fig. 26 very closely 
represent this situation also, and the two situations can be made 
practically equivalent by rotating the relative and absolute rotor 
discharge velocities about 0.5 deg to the left. 

The effect of a small error in area is large, and this indeed is 
the transonic problem. In an actual compressor of low hub/tip 
ratio, this magnitude of deviation could not exist. The low in- 
253 
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dicated pressures would not be in equilibrium with centrifugal 
force at the tip, and the flow would move radially inward. The 
error in area would be partially compensated with only a slight 
shift in the streamlines. At large hub-tip ratios the compensa- 
tion would be less effective. The flow must be self-compensat- 
ing in transonic compressors; otherwise, they would not work. 

Subsonic compressors generally permit more two-dimensional 
Fig. 26(b) shows the effect of a 5 per cent error in 
passage area. The consequences of this error are far less than 
those of the per cent error in Fig. 26(a). An error in outlet angle 
of 3'/, deg would produce about the same change in area and 
velocity. The flow directions would be further changed. In 
this case, the absolute flow angle leaving the rotor would be re- 
duced by about 3 deg. 

Another point to notice concerns trailing-edge thickness. The 
reported work on transonic compressors emphasizes the desira- 
bility of using high-solidity cascades. The relative flow leav- 
ing the rotor has a large angle with the axial direction. The 
Mach number of the relative leaving flow is large. Each of 
these factors tend to augment the losses associated with the finite 
thicknesses of the trailing edge [36]. If the trailing-edge thick- 
ness is small in comparison to the chord, the losses remain low. 
If, however, circumstances require relatively large trailing-edge 
thickness, a rapid drop in efficiency will follow. 


freedom. 


These remarks are not intended to warn compressor designers 
from transonic compressors. Instead, they are made recogniz- 
ing that a transonic compressor is a fine instrument that must 
be fabricated skillfully. When its requirements and limitations 
are recognized, its performance is rewarding. When these are 
ignored, either in design or by excessive tolerances in fabrication, 
the results at best are disappointing. 


Sensitivity of Transonic Compressors to Nonuniform Inlet 
Flows 


Another point of practical interest about transonic compressors 
deals with nonuniform flow conditions at the inlet. To approach 
the problem, consider the flow in a passage whose beginning is at 
1 and whose ending is at 2, Fig. 27. Neglect for the moment the 
details of the flow between 1 and 2 except that there be no change 
in entropy between these stations. Let the flow areas be such 
that if the flow were uniform and had a Mach number of 1.05 
it Station 1, it would have a Mach number of 0.89 at Station 2. 

Now assume that only the static pressure and total temperature 

t Station 1 is uniform. Let 80 per cent of the weight flow at 











Fig. 27 Boundaries and flow distribution at beginning and end of flow 
passage 
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Station 1 have a Mach number of 1.05. Denote this flow by (a). 
The other 20 per cent of the weight flow (b) has a total pressure 
equal to 80 per cent of that in (a). 

At Station 2, the static pressure is again uniform and the flow 
is considered to be still divided into (a) and (b), each region still 
having its original total pressure and total temperature. The 
space occupied by the flow is different from what it originally was. 
This difference is readily calculable from the principles of con- 
servation of energy and mass flow, using standard flow tables. 

Table 3 summarizes the flow properties at la, 1b, 2a, and 2b. 
In addition, the flow properties at Stations 1 and 2 with uniform 
flows at these stations is given. 


Table 3 
Flow 
condition —Uniform— - Nonuniform 
Station 1 3 la lb 2a 2b 
Mach number 1.050 0.891 1.050 0.852 0.968 0.756 
Area 1.318 329 1 0.318 0.999 0.330 
Total pressure 1 1 1 0.8 1 0.8 
Static pressure 0.498 0.597 0.498 0.498 0.548 0.548 


An example of the relative changes with subsonic flow is 


presented in the following table. 


Table 4 
Flow 

condition —Uniform—~ 
Stations 1 2 la 1b 
Mach number 0.650 0.528 0.650 0.296 0.61 0.197 
Area 13.18 1.497 1 0.318 1.035 0.462 

Total pressure l 1 1 0.8 1 0.8 
Static pressure 0.753 0.827 0.753 0.753 0.784 0.784 


——— Nonuniform-———-— 
2a 2b 


A comparison of the two tables shows that the static pressure 
equalization at Station 2 requires much less readjustment for the 
transonic case than it does for the subsonic case. This again 
reflects the fact that small changes in flow area result in large 
changes in flow properties in the transonic range. The signi- 
ficance of this result is now examined by considering the details 
of the readjustment in a cascade. 

Consider the high solidity cascade in Fig. 28(a). This cas- 
cade is the device deflecting the flow to cause the changes in flow 
area just discussed. Because of its high solidity, all the flow 
immediately behind the cascade has the same direction as the 
trailing edge. This is a consequence of the Kutta condition. 

Now suppose the nonuniform flow ahead of the cascade is 
partially or entirely readjusted behind the cascade; that is, 
changes in the two-dimensional flow area take place behind the 
cascade. The flow situation is depicted in Fig. 28(b), where the 
streamlines shown divide the high and the low total-pressure 
regions. In the region of low total pressure (the shaded region), 
the static pressure must increase in the direction of flow. The 
flow area must therefore increase. In order for the area to in- 
crease and the Kutta condition to be satisfied, the streamlines 
must be initially curved so that their center of curvature is on 
the high static pressure side. This is contrary to the require- 
ments of equilibrium, however, so the premise shown in Fig. 
28(6) is incorrect. The implication of this analysis is that all the 
readjustment in tangential flow variations must take place ahead 
of the cascade. 

Spanwise, variation can of course take place ahead of and with- 
in the cascade, causing secondary flows. Inasmuch as no con- 
dition similar to the Kutta condition is required at the inlet, it 
is entirely feasible for all the readjustment to take place ahead of 
the cascade. In fact, this elementary treatment indicates that 
all the tangential readjustment does take place ahead of the 
cascade, Fig. 28(c). This result is similar to the well-known oil 
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Fig. 28 Flow distribution in a high solidity cascade 


cooler effect, which permits wide-angle diffusers to be placed 
ahead of the coolers without danger of flow separation. The 
explanation is the same. 

Referring now to Tables 3 and 4, one may see that the stream- 
line displacement required of the low total-pressure flow ahead 
of the cascade is greater for the subsonic than for the supersonic- 
flow case. The angle of attack is further from design at the in- 
terface of the two flow regions for the subsonic case than for the 
transonic case. In view of this discussion, one would suspect 
that nonuniform flows ahead of a cascade should be at least as 
easily accommodated in the transonic regime as in the subsonic 
regime. 

The direction of the flow behind a cascade of finite solidity is 
different from that of the mean line at the trailing edge; some 
curvature of the flow thus appears downstream of the 
A tangential variation in this curvature permits some adjust- 
ment of the flow behind the cascade. Moreover, secondary flows 
take place if the interface or a velocity gradient occurs between 
two blades. In general, however, the same concepts should apply 
when the solidity of the cascade is finite as long as the extent of the 
low total-pressure and high total-pressure regions is large in com- 
parison to the distance between the blades. 

The implication of this analysis is that tangential variations 
in the flow ahead of cascades require nearly complete readjust- 
ments in the flow ahead of the cascade. Spanwise variation on 
the other hand, may be readjusted by the required displacements 
of the flow within the cascades and by secondary flows. Sub- 
sonic flows require greater displacement of the streamlines than 
transonic flows do. 

The same concepts apply to a compressor. The flow must be 
completely readjusted before the last blade now is reached— 
In the 
usual compressor design, the blades of succeeding blade rows are 
so close together that little readjustment can take place within 


whether the compressor is a single or a multistage unit. 
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the compressor for circumferential variations in the flow. 
wise variations, of course, can be continuously readjusted. 

Consider the compressor performance curve in Fig. 29. As- 
sume that 80 per cent of the mass flow at the inlet has a total pres- 
sure of 1 while 20 per cent has a total pressure of 0.9. The static 
pressures are uniform far upstream. Let the Mach numbers of 
the two flows hence be 0.595 and 0.441. Their relative flow areas 
are 0.952 and 0.326. 

At the compressor face, the Mach numbers of the two flows 
become 0.560 and 0.519, respectively. The corresponding static 
pressures are 0.808 and 0.749, and the flow areas are 0.989 and 
(0.289. 


Span- 
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Fig. 29 Compressor performance with two operating points 


With these flows at the inlet, the compressor develops static= 
pressure ratios of 5 and 5.4, Fig. 29. The static pressure at the 
outlet face is 4.04. Notice that no upstream adjustments of the 
flow are required if the curve of Fig. 29 is horizontal. 

Since the absolute inlet flow is subsonic, one cannot distinguish 
between subsonic and transonic flows. Transonic compressors, 
however, generally permit relatively high subsonic inlet Mach 
numbers. The spatial adjustments required for a given per 
cent total pressure variation diminish as these Mach numbers 
increase. Transonic compressors should not be any more sus- 
ceptible to these flow variations than subsonic compressors are. 

When the low total-pressure flow region is small in comparison 
with the blade spacing, the previously noted ideas are not valid. 
Jahnsen and Fessler [37] have shown that the wakes of a sta- 
tionary blade row can augment the losses in the following tran- 
sonic-rotor blade row. The augmentation and the magnitude of 
the passage area affected increase with blade speed (or possibly 
with Mach number). The authors note, however, that the aver- 
age loss is comparable to that observed in similar blade rows with- 
out upstream stators. It is also worthy of note that this mag- 
nification of loss does not appear to decisively affect the per- 
formance of multistage transonic compressors. Perhaps a phe- 
nomenon similar to secondary flow provides an entropy trap which 
accumulates flows having degraded energies. In any event, the 
predominant evidence indicates that the performance of tran- 
sonic compressors is not unduly sensitive to aberrations in the 
flow. 


The various transonic compressor studies indicate that tran- 
sonic compressors can be designed which are at least comparable 
in efficiency to conventional subsonic designs. The same basic 
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techniques are used in both designs; many of the design data 
correlations [8] are apparently identical. 

Transonic compressors do not impose any penalties in the 
useful operating flow range. In fact, blade shapes similar to 
those recommended for transonic compressors at high subsonic 
Mach numbers have been used in Europe to achieve a wide range 
of flow. (This is done in stationary gas-turbine-power generating 
stations where a wide range of flows at constant speed are re- 
quired to efficiently meet a wide range of power demand. 
When the compressors do stall, they develop the usual rotating 
stall. No unusual characteristics of this stall have been ob- 
served. Transonic compressors do not appear to require ex- 
ceptionally uniform inlet flow. From some considerations, they 
may be less sensitive to flow aberrations than are the conven- 
tional subsonic variety. 

Thin blades, having their maximum thickness near the mid- 
chord point, seem to be needed. The solidities must be high 
or, what is probably more significant, the distance between the 
leading edge of one blade and the suction surface of the next must 
be small in comparison to the radius of curvature of the suction 
surface) to avoid large losses in the passage shock. The trail- 
ing edges should be thin to minimize wake losses which become 
more severe at high subsonic Mach numbers. 

Excellent dimensional reliability is required for transonic com- 
pressors. This is especially true when the hub/tip ratios are 
high and the Mach numbers are very close to 1. 

Although it was done in only the first transonic compressor 
design, a detailed study of the radial flow distribution [4] is 
recommended. It is perhaps noteworthy that this unit yielded 
the highest efficiency of all the single-stage compressors having a 
constant tip diameter, Tables 1 and 2. 

In the two compressors having higher efficiency, Figs. 4(b) 
ind 6(a), the casing was curved to intuitively change the pres- 
sure distribution and diffusion near the tips by altering the radial 
flow distribution. 

It is also noteworthy that transonic turbines of high ef- 
ficiency have been designed by computing the flow distribution 
with methods similar to those previously discussed [4, 6]. The 
same concepts employed in the first transonic compressor design 
were adopted. 

Similar concepts have been used in other turbomachinery de- 
signs. An outstanding example is an experimental mixed-flow 
compressor designed at the AiResearch Manufacturing Com- 
pany of Arizona under a research contract from WADD. As 
shown by the curve of Fig. 30, this compressor efficiently pro- 
duces high-pressure ratios in a single stage, with relative inlet 
Mach numbers well above 1. Here, again, the radial and tan- 
gential flow distributions were studied as completely as possible 
to minimize undesirable velocity peaks. 

In view of these experiences, the detailed study of the radial- 
flow distributions and of possibly even the chordwise distribu- 
tion of velocity is recommended for designs that extrapolate the 
results of proven blade rows. In other circumstances, the less 
time-consuming techniques are adequate. 
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1 Introduction and History 


supersonic compressor has generally been con- 
sidered as any compressor utilizing supersonic flow relative to one 
or more of the blade rows. As a rule, this is applied only to those 
designs which have supersonic velocities along the entire blade 
span. Those designs which utilize Mach numbers ranging from 
supersonic to subsonic along the span are generally classified 
as transonic. 

Before about 1950, conventional axial flow designs were limited 
to velocities relative to the blading equivalent to Mach numbers 
of about 0.7. This results in serious limitations on the mass 
flow capacity, rotational speeds, and stage pressure ratio capa- 
bilities. Large potential gains in compressor performance were 
possible if the Mach number limit could be removed without un- 
due sacrifice in efficiency. 

The use of supersonic Mach numbers with a normal shock was 
recognized as early as 1937 (Ref. [1])! as a means of realizing a 
substantial theoretical static pressure rise through a single row 
of compressor blading. For relatively low supersonic Mach 
numbers, the theoretical total pressure less is small, providing 
a potentially good efficiency. For example, a normal shock at 
an inlet Mach number of 1.4 theoretically provides a static pres- 
sure ratio of 2.12 with an adiabatic efficiency defined on the static 
state of about 94 per cent. 

The potential gains in compressor performance capabilities 
that could result from removing the Mach number limitations, 
as well as the possibility of utilizing supersonic flow and capitaliz- 
ing on the substantial theoretical pressure rise across a single blade 
row at very acceptable efficiencies has encouraged a number of 
investigations in the field of supersonic compressors. 

The earliest concerted experimental investigation of supersonic 
compressors was apparently by Weise (Ref. [1]) in 1937. The 
initial experimental results were not encouraging, with the test 
program considerably hampered by mechanical difficulties. As 
a consequence, the work was apparently not actively pursued 
after about 1940. 

Arnold Redding, at Westinghouse, in 1941, experimentally 
determined the total pressure recovery across the normal shock, 
ising a cylindrical diffuser with a normal shock stabilized at the 
entrance (Ref. [2]). Reasonable agreement between theory 
and experiment was obtained. Corresponding tests in a cascade 
of blades were disappointing, with the difficulty attributed to 
nonuniform entrance conditions. However, a rotor was de- 
signed for an entrance Mach number of 1.5 with a normal shock 
in the rotor blading. Test results of the complete stage were 
Over-all stage performance was low 
Apparently, no significant 


reported in October, 1942. 
by corresponding axial standards. 
development effort was undertaken and the work was discon- 


tinued. 


! Numbers in brackets designate References at end of paper. 

Contributed by the Gas Turbine Power Division and presented at 
the Winter Annual Meeting, November 27—-December 2, 1960, of THE 
AMERICAN Society OF MECHANICAL ENGINEERS. Manuscript re- 
ceived at ASME Headquarters, September 30, 1960. Paper No. 
60—W A-294. 
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A Review of Supersonic Compressor 
Development 


Dr. Arthur Kantrowitz of the NACA began serious experi- 
mental development of supersonic compressors in about 1942. 
The supersonic cascade starting and inflow process was discussed 
in Ref. [3], and incorporated results from earlier diffuser studies 
(Ref. [4]). This work and his discussions of various possible 
supersonic compressor configurations was the starting point of 
a relatively extensive research program by the NACA. 

The NACA supersonic compressor investigations were initiated 
at the Langley Research Laboratory (Ref. [5]). A closed loop 
test facility was developed and the early compressor testing was 
conducted using Freon 12. (The Freon testing significantly 
reduced power requirements and permitted simplified rotor fabri- 
cation techniques.) Following relatively encouraging results 
after modification of the initial design, the final version of the 
rotor was mechanically redesigned and fabricated for operation 
at the design tip speed of 1600 ft/sec in air. The mechanical 
design, fabrication, and air tests were carried out at the NACA 
Lewis Propulsion Laboratory where adequate power and an air 
supply system was available (Ref. [6]). After about 1947, a 
parallel effort was carried out at both NACA laboratories. 

The supersonic compressor research activity of the NACA 
Lewis Laboratory has been summarized in Ref. [7], where a com- 
plete bibliography of that work is listed. The published NACA 
Langley work is in References [3, 5, and 8-14]. Reference [15] 
contains a summary and discussion of the published, as well as 
other unpublished results from the Langley Laboratory. 

Extensive investigations of the supersonic compressor were 
also carried out at Thompson Ramo Wooldridge, Inc. between 
1949 and 1954. This work is described in References [16-19]. 

The first application of a supersonic compressor to a turbojet 
engine was made by Frederich Flader, Inc., in the J-55 engine. 
This compressor was a shock-in-rotor type to be discussed later. 

All of the known published work on supersonic compressors 
is now available in the open literature. The initial intent of 
this paper was to collect and summarize the essential results of 
the available material. In exploring the subject from this point 
of view, however, it became apparent that relatively little further 
value would be anticipated. There did appear to be a need, 
however, to evaluate the past work on supersonic compressors 
in the light of the more than fifteen years’ experience accumulated 
in this and closely related fields. 

Since the NACA work was the most extensive continuous devel- 
opment effort of the supersonic compressor and it is relatively 
completely reported, this work will be used as the primary basis 


of the discussion to follow. 


2 Design Procedures 


2.1 Approach. The design approach for supersonic com- 
pressors was developed more from supersonic diffuser design 
The 
blading was considered essentially as a cascade of supersonic 
diffusers, designed in accordance with diffuser requirements as 
regards starting, etc. The inlet flow patterns were hypothesized 
in Ref. [3 and 20]. The designs were essentially two-dimensional 
which allowed the use of convenient design methods based on the 
characteristics solution. 


criteria than from conventional compressor design criteria. 
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The early classification of the various designs were based 
primarily on which blade row performed the function of the super- 
sonic diffuser (Ref. [21]). The common classifications were: 


(1) shock-in-rotor, subsonic stator 
(2) shock-in-rotor, shock-in-stator 
(3) supersonic rotor, shock-in-stator 
(4) subsonic rotor, shock-in-stator 


The supersonic rotor in (3) generally had high turning with super- 
sonic flow throughout, and frequently was referred to as an im- 
pulse-type supersonic compressor. 

The initial NACA investigations were based on the shock-in- 
rotor, subsonic stator type. Later studies were concerned with 
the supersonic rotor, shock-in-stator configuration, which lead, 
in turn, to the shock-in-rotor, shock-in-stator type. Only sub- 
sonic absolute velocities entering and leaving the compressor 
stage were considered. 

In selecting the design conditions, specific attention was pointed 
toward attainment of attached wave systems and a cancellation 
of all waves internal to the blade passage. Bow waves were rec- 
ognized as leading to a series of disturbances extending upstream 
to infinity in the linearized ideal model, introducing the pos- 
sibility of substantial losses. Consequently, Mach numbers be- 
low that required for attachment at the physically attainable 
leading edge wedge angle of the blades were carefully avoided. 
As a result, the minimum design Mach numbers were about 1.45. 
Also, for the same reason, considerable care was exercised in 
attaining as small a leading edge radius as possible. 

As a consequence of the diffuser approach and the use of mini- 
mum Mach numbers of about 1.45, the supersonic compressor 
did not develop as a gradual extension of the conventional sub- 
sonic blading design into the supersonic regime, but was sepa- 
rately evolved. At that time (about 1946) the resultant diffuser 
channel flow approach for the supersonic blading bore little re- 
semblance to the conventional subsonic compressor approach 
where the compressor cascade performance was more closely 
related to the isolated airfoil experience. It is hardly surprising 
then, that the usual vector diagram types, loading criteria, etc., 
were not carried over into the supersonic compressor design. 


2.2 Design Point Selection. A tip speed of 1600 ft/see was used 
in almost all of the initial NACA supersonic compressor develop- 
ment. This was considered representative of the maximum 
useful wheel speed, and in addition, permitted hub Mach numbers 
generally acceptable as regards shock attachment. In order to 
capitalize on the high-flow capacity of this compressor type, inlet 
axial Mach numbers from 0.7 to 0.85 were used. 

A representative selection of the early shock-in-rotor designs 
is listed in Table 1, lines 1-6. These designs are reported in 
References [5, 11, 13, 22, 23, and 24]. Design values of Mach 
number and angle are shown for the pitch (mid-radius) streamline 
unless otherwise noted. Pitch-line velocity ratios across each 
blade row are also shown. The stators were assumed to diffuse 
only to the inlet velocity to the stage. A corresponding tabula- 
tion for supersonic rotor, shock-in-stator compressors, and shock- 
in-rotor, shock-in-stator designs is shown in lines 7-12. These 
designs are reported in References [14 and 25-29]. Line 13 
is the last supersonic compressor designed and tested at NACA 
Lewis. 

The designs listed in Table 1 are spotted on a plot representa- 
tive of rotor loading (expressed as 1 minus relative velocity ratio) 
versus stator loading expressed similarly in Fig. 1. Also shown 
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is a limit suggested for subsonic compressor cascades (Ref. [30]) 
All 1600 ft/see shock-in-rotor designs are characterized by un- 
usually high rotor loading parameters, as well as a substantial 
axial velocity reduction across the rotor. For shock. in-stator de- 
signs, the stators are loaded well beyond reasonable values for 
conventional subsonic designs, and, except in Ref. [14], are also 
accompanied by substantial reductions in axial velocity. Num- 
hers adjacent the points of Fig. 1 are reference numbers. 

Excepting Reference [49], the supersonic diffuser approach 
led to designs which deviated considerably from the more con- 
ventional compressor experience. In looking back over the ex- 
perience obtained in supersonic compressors, as well as subsequent 
developments from conventional compressors, the complete 
separation in approach for the supersonic compressor may well 
have lead to designs which represented either a poor balance of 
the loading between blade rows or an unjustifiably optimistic 
blade loading capability or, in most cases, both. 


2.3 Flow Around Supersonic Compressor Blading. 

2.3.1 Internal Shock. The flow patterns initially proposed by 
Kantrowitz were of the internal shock type illustrated in Fig. 
2(a). The designs were selected so as to provide adequate area 
at the minimum section to pass the flow after having suffered 
normal shock losses at the inlet Mach number, thereby permitting 
the passage to swallow the shock and establish the desired flow 
pattern. Ref. [3] shows that the upstream flow direction will 
be parallel to the suction surface of the blade between a and b 
when this surface is straight. Ref. [20] accounts for blade cur- 
vature between a and b. For any given rotational speed, the 
blading will then operate at a single inlet flow angle when the 
design supersonic inlet conditions have been established. 

The inlet Mach number was generally reduced to the mini- 
mum section Mach number, Main, by oblique shocks off the 
pressure surface at or near the blade leading edge. The suction 
surface was designed to cancel the shocks at Point c and provide 
a uniform Mach number in the minimum section. 

The desired rotor passage turning can be designed to take place 
in the supersonic portion (Ref. [13]), in the subsonic portion, 
or in any combination. 

During operation, back pressure is increased until the normal 
shock is forced into the minimum area section. The design intent 
was then to have the normal shock stabilized at the minimum 
area section with subsonic diffusion behind the shock to the dis- 
charge Mach number Mg. 

When the back pressure is increased too much, the normal 
shock is forced into the convergent section where it becomes un- 
stable (Ref. [31]). The shock moves ahead of the blade row, 
creating either a shock pattern similar to the unstarted or ex- 
ternal shock pattern to be discussed next, or a compressor surge. 

2.3.2 External Shock. The flow pattern associated with super- 
sonic blading prior to starting of the cascade or with excessive 
back pressure is shown in Fig. 2(6). A bow wave originating 
ahead of each blade will extend upstream (provided the axial 
component is subsonic). The losses which might be anticipated 
from the extended wave pattern have been estimated in Ref. [32 
ind 33] 

An essentially normal shock will occur ahead of each channel 
it a Mach number M, which will generally be greater than the 
inlet Mach number M,, with the corresponding normal shock 
Following the section Ain, the flow decelerates sub- 
sonically to the discharge Mach number M,;. The degree to 
which this is actually attained will depend to a considerable ex- 
tent upon the shock-boundary layer interaction at M, to be 
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discussed later. 
The external compression or spike-type diffuser approach was 
ipplied in References [23 and 24] in an effort to reduce the Mach 


number and hence the normal shock losses at M,. The resultant 
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Fig. 2 Typical supersonic flow patterns in shock-in-rotor blading 
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blading is shown in Fig. 2(c). Successful operation requires that 
the inflow velocity be parallel with the surface a-b. The design 
intent was not accomplished, probably due to separation in the 
region of 6, increasing the inflow angle and reducing the effective 
area contraction at the minimum section. 

2.3.3 Supersonic Turning Passages. Experience with shock-in- 
rotor blading indicated that designs with shock-in-stator might 
have advantages from the standpoint of control of shock-induced 
flow separation. In addition, the pressure ratio potential of the 
supersonic rotor, shock-in-stator designs appeared to be sub- 
stantially greater than the shock-in-rotor, subsonic stator type 
(Ref. [9 and 21]}). 

The amount of diffusion that can be incorporated and still 
maintain supersonic flow through the rotor blading is small, 
being limited by the area ratio that would permit starting of the 
supersonic flow. Since the channels were supersonic throughout, 
the passages were generally designed by the method of character- 
istics. Two-dimensional blading was investigated in References 
{10 and 12]. Fig. 3 is a typical blade channel from Ref. [10). 
Three-dimensional supersonic channels were investigated in Ref. 
[34]. 

An axisymmetric design procedure for supersonic flow through 
rotating impellers was developed in Ref. [35]. Ref. [27] in- 
cludes an approximate design procedure based on the stream fila- 
ment approach. 

2.3.4 Radial Matching. Essentially all designs attempted to 
satisfy radial equilibrium ahead and behind the compressor by 
either annulus curvature (Ref. [5]) or by the use of preswirl 
vanes (e.g., Ref. [22]). The latter led to turning opposite the 
direction of rotor rotation at the hub, thereby increasing the 
hub Mach numbers. In general, this was considered desirable 
because it also simplified the problem of shock attachment at the 
hub streamlines. The need for considering radial equilibrium 
was generally considered as important because of the possibility 
of large radial accelerations and discontinuous changes in flow 
direction if the shock were not normal to the streamlines. 
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3 Operational Experience 


3.1 Cascade. Several cascade and single channel investigations 
of supersonic blading were carried out with varying degrees of suc- 
cess. References [2, 5, 20, and 32] include data of tests on shock- 
in-rotor type blading cascades. In general, separation was ob- 
served on the suction surface of the blade. Consequently, dis- 
charge Mach numbers were substantially higher than design. 
Additional questions were also raised as to whether the infinite 
cascade had been simulated and the proper internal normal shock 
established. 

Cascade investigations of impulse-type blading are reported 
in References [9, 10, 12, and 34]. The amount of diffusion pos- 
sible through the channel is severely restricted by the starting 
requirements, resulting in little or no static pressure rise across the 
blade row. The cascade tests showed that high turning could 
be obtained with reasonable losses in total pressure. For ex- 
ample, Ref. [34] reported 36 deg turning of a Mach 2.0 inlet flow 
with a mass averaged total pressure loss of three per cent and 
Ref. [10] reported 90 deg turning of a 1.71 inlet Mach number 
with a total pressure loss as small as five per cent. 

Although some cascade data were available for both shock-in- 
rotor and impulse-type blading, the rotating blade rows were 
generally not designed by direct utilization of the cascade data. 
At best, the cascade was used to estimate the discharge Mach 
numbers from the rotor blade rows for shock-in-rotor blading and 
to estimate losses for impulse-type blading. 


3.2 Rotor Alone. 

3.2.1 Shock-In-Rotor. Shock-in-rotor compressors were generally 
tested without stators. The performance characteristics of all 
designs listed in Table 1, lines 1-6 were relatively similar. Maxi- 
mum efficiency at supersonic operating conditions occurs at 
maximum pressure ratios, consistent with anticipated results 
based on diffuser experience. Table 1 includes the design and 
observed pressure ratios at design tip speed. Pressure ratios of 
around 2.0 were obtained, although the design intent was for pres- 
sure ratios of around 2.9. Ref. [11], which shows an observed 
pressure ratio of 2.23 as opposed to a design value of 2.23, differs 
more in assumed effective diffusion in the rotor passages than in 
actual blading differences. The over-all performance for this 
rotor is illustrated in Fig. 4 and is indicative of the best perform- 
ance attained by NACA for this rotor type. 

Efficiency measurements at design speed ranged between 75 
per cent to 84 per cent for shock-in-rotor compressors. Some 
questions in equivalence exist between tests, inasmuch as some 
tests were conducted in ‘‘Freon’’ 12 and others in air (see, for 
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Fig. 4 Performance of a shock-in-rotor type supersonic compressor rotor. 
Freon test results corrected to air (Ref. [11], Fig. 13 a, b) 
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example, Fig. 9 of Ref. [11], and Ref. [36]). Maximum efficiency 
at part speed was generally three to four per cent higher than de- 
sign speed performance. 

The radial distributions at the rotor discharge invariably in- 
dicated very poor performance at the outer radii. A substantial 
redistribution of the flow toward the hub was observed for all 
rotors. 

Most design configurations incorporated inlet guide vanes turn- 
ing counter to the direction of rotation at the hub to raise the 
hub Mach number to insure attachment and/or to help establish 
simple radial equilibrium behind the shock. However, in general, 
removing the inlet guide vanes improved the over-all performance 
of the rotor (see, for example, Refs. [11 and 37]). 

The various shock-in-rotor compressors, shown in lines 1-6 of 
Table 1, differed substantially in specific blading design approach. 
However, they were all uniformly very highly loaded relative to 
conventional compressor blading designs. Later discussions 
will raise the question as to whether the initial design point selec- 
tion did not essentially preclude unseparated flow and that under 
these conditions, detail differences in blading shape would have 
relatively little difference on over-all performance. 

3.2.2 Rotors With Supersonic Flow Throughout. The considerable 
difficulties experienced in approaching design performance with 
shock-in-rotor compressors led to designs in which the shock 
was located in the stator. More effective positioning and control 
of the normal shock was anticipated by placing it in the stator 
passage. Also, boundary layer control devices might also be 
incorporated in the stators. 

The experience obtained with high-turning supersonic passages 
indicated that high-stage pressure ratios might be potentially 
available at good efficiency, at least as far as rotor performance 
was obtained. As a consequence, all rotors designed for super- 
sonic flow throughout and listed in lines 7-11 of Table 1 were 
designed for relatively high pressure ratios. The design pressure 
ratios associated with the indicated vector diagrams, assuming 
an adiabatic efficiency of 85 per cent, are also shown in Table 1 
along with the observed values. 

In general, design rotor pressure ratio was nearly achieved 
or even exceeded. The energy input at this condition, however, 
was almost entirely in the form of kinetic energy with design 
stator entrance Mach numbers ranging from 1.75 to as high as 
2.6. This Mach number was to be diffused in the stator to 
velocities acceptable to the combustor. 

The over-all performance characteristic of this type of rotor 
is shown in Fig. 5. At design speed, maximum pressure ratio 
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Fig. 5 Performance of an impulse-type supersonic compressor rotor (from 
Ref. [29], Fig. 9 a and b) 


1961 / 261 


JULY 





is obtained for supersonic flow through the rotor, with supersonic 
axial velocities existing at the measuring station. (Measured 
total pressures were corrected for normal shock losses to obtain 
the performance indicated in Fig. 5.) As the back pressure is 
increased, a normal shock on the axial component is forced for- 
ward through the discharge annulus behind the rotor. As the 
shock moves ahead of the measuring station the indicated per- 
formance is reduced, although there is no change as far as the 
rotor is concerned. Further increase in back pressure forces the 
shock into the rotor blading, with generally a further reduction 
in both pressure ratio and efficiency. In some cases, (Ref. [26, 
28, 29]) the shock could be forced ahead of the rotor passage, 
reducing weight flow. 

Indicated efficiency of the rotor alone was generally acceptable; 
particularly at the operating condition with supersonic flow past 
the measuring station. Forcing the shock into and ahead of the 
rotor reduced the efficiency. Designs whose rotor discharge 
angle approached or exceeded axial resulted in characteristics 
with a positive slope. 


3.3 Stage Performance. 
3.3.1 Shock-in-Rotor. 
were tested only as rotor alone. 
sidered as being made more difficult by the poor radial distribu- 


In general, shock-in-rotor compressors 
The stator problem was con- 


tions; but, in general, was not considered to be an insurmountable 
problem, providing acceptable rotor performance could be at- 
tained. As a consequence, all effort on this type compressor 
was concentrated on the rotor. 

Complete stage performance was obtained for the compressor 
of the J55 engine, although over-all performance is not readily 
available. In this case, two rows of stators were used to return 
the flow to the axial direction. 

3.3.2 Supersonic Rotor-Shock-In-Stator. 
7-11 of Table 1 were all tested as complete stages. 
acceptable rotor alone performance was so severely compromised 


The rotors listed in lines 
In all cases, 


as to make stage performance unsatisfactory (Refs. [38-41] ). 

[he experience obtained with supersonic stators at NACA 
Lewis is well summarized in Ref. [7]. The various configurations 
tested, along with the best observed total-pressure recoveries 

Fig. 6 is taken directly 
from Fig. 18 of Ref. [7], and shows the best total-pressure re- 
coveries as a function of stator inlet Mach number. The total- 
pressure recovery is seen to fall off rapidly with Mach number. 
At the high stator entering Mach numbers existing at the rotor 


for each configuration are presented. 


design or impulse condition, stage efficiency was reduced to un- 
weceptable levels. The large increase in loss with Mach number 
generally led to the best stage performance point being with 
shock-in-rotor operation. Although the rotor alone performance 
was not as good as impulse, the reduced stator losses more than 
offset the increased rotor losses ( Ref. [39] ). 

Fig. 7 shows the over-all performance of a high-pressure ratio 
supersonic stage 

The stator development programs, in general, did not attempt 
to apply boundary layer bleed or other means of controlling the 
shock-boundary-layer interaction. 

Again, as in the case of the shock-in-rotor compressors, the 
question might be raised as to whether the even higher stator 
Mach numbers and stator blade loadings of the shock-in-stator 
design did not essentially insure separation in the stators. 


4 Loading Limits Without Separation 


4.1 Over-All Diffusion. 
limit the diffusion on subsonic blading is still a critical factor 


The boundary layer phenomena which 


letermining performance even though the compressor is given 
the name of supersonic. Unless powerful boundary layer con- 


trol devices or drastic changes in design configurations occur, 
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maximum diffusion limits consistent with subsonic limits can 
be expected. 

The physical limitations on the amount of diffusion that can 
be accomplished on the blade surface of subsonic blading have 
been the subject of several investigations (Ref. [30, 41-44]). 
These limits, in general, were established for low Mach number 
conditions. The accurate extension into high Mach number re- 
gions is not generally available, with some question as to whether 
the compressible form should be: 

Vv, 1 


» 


P, — pi’ 
ees 


It is not proposed here to develop or justify a particular form. 
Further, it should be recognized that the subsonic limit was ob- 
tained with a generally typical velocity distribution on the blade 
suction surface. High Mach number blading with supersonic 
regions and shocks can have substantially different blade velocity 
distributions, and the absolute limits established for subsonic 
blading should not be expected to hold exactly for super- 
sonic blading. 

For the purpose of this paper, the form V2/V; will be used, 
primarily from the standpoint of simplicity. The suggested 
limit of Ref. [30] of V:/V, = 0.72 will be used in the following 
consideration only to establish approximate estimates of super- 
sonic performance potential. This value is not inconsistent with 
diffusion limits expressed either as D or Deq and eliminates the 
requirement of defining solidity or maximum blade surface veloci- 
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Fig. 6 Peak total pressure recovery as a function of stator-inlet Mach 
number for the stators investigated (from Ref. [7], Fig. 18) 
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ties. Since the allowable limit can be expected to vary between 
blading having different blade surface velocity distributions, 
design procedures or blade shapes which closely control and limit 
velocity peaks (Ref. [45-46] ) can be expected to result in more 
favorable limits of V2/V;. Thus conclusions based on the limit 
V2/V1 = 0.72 can only be considered as approximate to the extent 
that V2/V, represents the proper compressible loading limit. 

4.2 Shock-Boundary Layer Interaction. In addition to the limita- 
tion on over-all diffusion, blading with supersonic flow must also 
consider the shock-boundary layer interaction. Most supersonic 
blading will generally incorporate a normal shock, either in- 
ternal to the passage, Fig. 2(a), or ahead of the blade passage, 
Fig. 2(b) or 2(c). 

The maximum static pressure rise through shocks that can 
exist without separation has been investigated in Ref. [47] and 
others. For laminar boundary layers, separation can be expected 
at Mach numbers only slightly above 1.0. Consequently, every 
effort should be made to insure a turbulent boundary layer at 
the location of this shock. With turbulent boundary layers, 
a normal shock at Mach numbers of about 1.3 or higher can be 
expected to produce a separation. 

Designs with internal shock patterns, such as Fig. 2(a), can 
conceivably accomplish additional diffusion with oblique shocks 
upstream of the normal shock. The primary problem would 
presumably then be one of determining the length or distance 
required between shocks for the boundary layer to recover suffi- 
ciently from the first oblique shock to withstand the second or 
subsequent shocks. However, limited cascade tests at NACA 
Langley to investigate this problem indicated difficulty in ob- 
taining a stable tandem oblique-normal shock pattern. In 
view of the observed difficulty, the freedom to design for tandem 
shock patterns in supersonic compressors with no separation 
should not be presumed unless more favorable cascade results 
are obtained. 

The velocity ratio across a normal shock of 1.3 is 0.66. This 
is relatively consistent with the over-all diffusion limit of V2/V; 

= 0.72, since the normal shock will normally occur at the maxi- 
mum surface Mach number, which, in turn, will generally be 
larger than the inlet Mach number. 

The maximum upstream inlet relative Mach number that can 
be used without separation will be dependent upon the ability 
to control and minimize the difference between the maximum 
blade surface Mach numbers and the inlet Mach number. Thus 
blading with large angle of incidence and/or large camber ahead 
of the shock position can be expected to encounter shock-bound- 
ary layer separation at lower inlet Mach numbers than blading 
operating at low angle of incidence with little camber ahead of 
the shock position. For the purpose of the following discussion, 
a relatively close control of the velocity distribution will be pre- 
sumed and inlet Mach numbers up to 1.2 will be assumed without 
separation. (Using the two-dimensional methods proposed 
in Ref. [48], this implies less than 3 deg difference between the 
inlet angle and the tangent to the blade surface at the shock loca- 
tion.) 

Blading which uses supersonic flow throughout, such as Fig. 3, 
could conceivably bypass the shock-boundary layer interaction 
problem, but they will be restricted in the amount of diffusion 
that can be accomplished and still establish the supersonic flow. 
Fig. 8 shows the minimum velocity ratio, as a function of inlet 
Mach number, that can be used and still satisfy the starting 
criteria of Ref. [4]. This limitation severely restricts the useful- 
ness of the blade row as far as increasing the static pressure level 
is concerned and results in poor utilization of the blade row by 
conventional standards. While this type of blading can be used 
in the rotor, a rotor with acceptable work coefficient levels would 
result in an extremely low reaction stage. This may be of in- 
terest in those cases where special devices such as boundary layer 
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control are used to substantially increase the loading capabilities 
of the stator. However, this type of design will not be considered 
further in this discussion. 


5 Performance Potential Within Conventional 
Limits for No Separation 


If the design approach to the supersonic compressor is to stay 
within those limits which when exceeded lead to probable separa- 
tion of the boundary layer, then an over-all diffusion limit and 
a maximum surface Mach number must both be observed. For 
this discussion, no devices such as boundary layer bleed or blow- 
ing is presumed. The dimensionless loading limits existing 
in subsonic compressors are assumed to hold in supersonic com- 
pressors, with the additional limitation that the inlet Mach num- 
ber not exceed 1.2. 

The level of work coefficient available within the diffusion limit 
of V2/Vi = 0.72 will, of course, depend upon the choice of the 
velocity diagram. This, in turn, will be influenced by such fac- 
tors as single-stage versus multistage, stage location if multistage, 
discharge velocity requirements, ete. To illustrate the perform- 
ance potential within the prescribed limits, a simplified diagram 
for a single stage will be used, having no inlet guide vanes and 
an axial velocity ratio of 1.0 across the rotor and stator. The 
available work coefficient is then a function only of the inlet 
flow coefficient and is shown in Fig. 9. 

Fig. 10 shows the element pressure ratio as a function of rotor 
wheel speed that would result using the work coefficients of 
Fig. 9 and assuming an efficiency of 90 per cent. Increasing 
axial Mach number permits a higher pressure ratio within the 
limitation of the diffusion limit expressed as V2/V; = 0.72. 
The limitation imposed by a relative Mach number of 1.20 or 
less is also shown. 

The pressure ratios illustrated in Fig. 10 represent only approxi- 
mate limits. Designs using different conditions such as axial 
velocity ratio, preswirl vanes, ete., can change the absolute value. 
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In addition, the limiting diffusion parameter is not firmly de- 
fined. Also, various other considerations, such as clearance, 
inlet distortion, etc., will alter the performance of otherwise 
similar stages, or use of wall curvatures can be used to favor the 
limiting region and modify, slightly, its maximum performance 
potential. 

The designs that would result within the restrictions illustrated 
in Fig. 10 fall more nearly in the transonic classification. How- 
ever, any design which approaches these limits either in Mach 
number or loading should receive close attention to blade and 
annular wall shapes in order to minimize the Mach number at the 
shock location (Ref. [49, 50]). 


6 Operation With Separation 


Consideration of usual diffusion limits and shock-boundary 
layer restrictions indicates that the design freedom satisfying 
these criteria is rather restrictive, and that stage pressure ratio 
potentials are generally less than about 1.6. Furthermore, 
rotational speeds much above 1200 ft/see will require preswirl 
vanes to hold relative Mach numbers to less than 1.20. 

Experience has shown, however, that higher tip speeds can 
be used and that pressure ratios above 1.6 can be obtained at 
reasonable efficiencies (Ref. [49]). This raises the question as 
to whether the limits for unseparated flow, suggested by transonic 
or subsonic compressor experience and shock-boundary layer in- 
teraction are too conservative. The following discussion postu- 
lates that these limits can, in fact, exist and that the flow does 
separate. The performance that might be anticipated under 
these conditions is then examined and compared with experience. 

The flow model for the discussion is based on the external shock 
configuration of Fig. 2(b), since this is presumed to be the most 
frequent. The analysis, however, is applicable as well to the in- 
ternal shock blading [Fig. 2(a)] with corrections for differences 
associated with the normal shock and bow-wave losses. 

6.1 Assumed Flow Pattern. The flow pattern from far upstream 
of the blading to the normal shock at the passage entrance is iden- 
tical to that discussed in the foregoing and shown in Fig. 
2(b). However, the flow is assumed to separate at the intersec- 
tion of the passage shock and blade suction surface. The effec- 
tive flow area after separation is the critical area after the 
normal shock. The channel could conceivably be designed 
following convergent-divergent diffuser experience to have a 
constant area mixing length whereby the boundary layer re- 
attaches. followed by further subsonic diffusion. However, 
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most designs have not incorporated this feature. In fact, the 
required mixing length in the compressor might easily be 
significantly longer than simple diffusers because of the presence 
of the centrifugal field which can be expected to delay the mixing 
process. As will be shown later, experience appears to more 
nearly justify the assumption of an essential dumping of the 
flow between the minimum area and the discharge area. 

For the sake of simplicity, the performance after separation will 
be treated as a dumping into a constant area duct. The inlet 
Mach number at the start of the dump is assumed equal to 1.0. 
The inlet or minimum area will then be that area required for 
Mach 1.0 flow after the normal shock losses. The discharge 
area is dependent upon the effective flow discharge angle and the 
arinular contraction. 

The mixing process actually takes place.in two steps. First 
is the diffusion inside the rotor blade row. At the blade end, 
however, the flow is far from being mixed to a uniform velocity 
condition. The second step is then the mixing downstream of 
the blade row. This second part is analogous to the flow treated 
in Ref. [51]. In the case of supersonic stators turning to axial 
ahead of the shock, the assumed process reduces to one simply of 
constant area mixing. 

The conditions that will exist far downstream of the blade row 
will be dependent upon not only the inlet Mach number and area 
ratio, but will also depend on the conditions existing at the blade 
trailing edge. Thus the losses should be computed separately 
for each step. However, again for the sake of simplicity, it is 
assumed that the total-pressure loss from the two-step process is 
equal to that of the constant area dumping loss. However, the 
Mach number existing at the blade-trailing edge is not considered 
as necessarily being the Mach number after complete mixing. 

The dumping loss can be expressed as a total-pressure ratio 
between the minimum section and the downstream station after 
complete mixing and, for the condition of sonic flow at the mini- 
mum section, is a function only of area ratio. This recovery is 
shown in Fig. 11. 

6.2 Blade Losses. The total loss for the blade element of the 
model mentioned is made up of (1) the profile loss, (2) the ex- 
tended wave loss and normal shock loss, and (3) the mixing loss 
The profile loss coefficient, @, is estimated as being 0.03. 

The extended wave losses and normal shock losses can be esti- 
mated using the procedures described in Ref. [32]. For most of 
the examples considered in this discussion, however, the extended 
wave losses, either from blunt leading edges or because of an un- 
started supersonic flow will be omitted and only normal shock 
losses will be assumed at the inlet Mach number. 

_ The mixing loss will be estimated using the required area for 
Mach 1.0 flow after normal shock losses and the downstream 
flow area. _. 

Performance attainable with the separated model can be il- 
lustrated by using pitch line conditions of Fig. 2(d), Ref. [5]. 
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Fig. 11 Total pressure recovery for dumping at Mach 1.0 and constant 
area mixing 
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Using measured discharge angles and Mach numbers to establish 
the actual expansion ratios, the following comparison is found: 
Separated model Observed 


1.796 
80.6 per cent 


P2/P, 1.80 
Nad 79 per cent 


The procedure can also be applied to the compressor of Ref. [49] 
which also exceeds the Mach number limit for flow without 
separation assumed for the foregoing discussion, but yielded rea- 
sonable performance. 

Again, using measured data to determine area ratios (Point 
B, 100 per cent N/+/6): 

Separated model Observed 


P2/P;, 2.15 2.10 
Nad 92 per cent 89 per cent 


The shock losses for this case were based on the pitch conditions 
at the inlet to the rotor, and assumed the shock losses at the inlet 
Mach number. In view of the 5 deg incidence angle at this point, 
the shock losses are probably conservative. Also, small ad- 
ditional losses due to the extended wave pattern that will exist 
ahead of the blading can be expected. 

For supersonic flow, a separated flow does not appear to be 
necessarily prohibitively inefficient. The following section will 
consider the performance that might be anticipated using the 
separated flow model. 


7 Estimated Performance With Separated Flows 


An estimate of the approximate losses in the blade row can 
be made using the following assumptions: (1) The profile loss 
coefficient, @, is assumed to be 0.03; (2) the external shock pattern 
will be assumed with the normal shock at the inlet Mach number. 
Losses from the extended wave pattern are considered as being 
small in view of the subsequent requirement of adequate channel 
area to start the supersonic flow into the passage. 

The minimum section will be determined by starting require- 
ments for supersonic flow—that is, the area necessary to pass the 
flow at Mach 1.0 after suffering the normal shock losses. The 
discharge area at rotor exit will be at least as large as that re- 
quired at the minimum section, plus blade thickness. Since the 
discharge area will generally be some distance downstream of the 
inlet or normal shock area, an additional allowance for boundary 
layer growth should also be made. For the purpose of this 
example, an eight per cent ailowance will be made for blade thick- 
ness and boundary layer. The eight per cent. allowance is ad- 
mittedly arbitrary and could require modification as further ex- 
perience is obtained. 

The resulting total-pressure ratio across supersonic blading is 
shown in Fig. 12 as a function of the relative inlet Mach number 
M,. 
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Fig.12 Estimated blade element recovery for separated flow, Amin/A: = 
0.92; a = 0.03 
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Presumably, the effective discharge Mach number at the blade 
exit is an independent variable, determined, to a large degree, 
upon the rate at which mixing takes place. However, experience 
of Ref. [5] and others has shown mixing to be much less effec- 
tive in rotors than in single channel or cascade tests. Thus, 
while the discharge Mach number could be an added variable once 
the requirements for accomplishing it in the compressor blading 
have been established, it is assumed equal to 0.85 in the following 
computations. This corresponds to observed diffusion in Ref. 
[49] and is relatively consistent with observed diffusion in other 
supersonic compressors when estimated on the basis of static 
pressure rise. 

Assuming the stage vector diagram used in the foregoing 
with no inlet or discharge swirl, and constant axial velocity 
across each blade row, the rotor turning angle is a dependent 
variable, fixed by the axial velocity and the specified relative 
leaving velocity Mz: = 0.85. As a consequence, the foregoing 
conditions lead to a single pressure ratio for each rotor speed 
and inlet axial velocity. The element pressure ratio result- 
ing from these assumptions is shown in Fig. 13 as a function of 
rotational speed for inlet Mach numbers of 0.6 and 0.7. 
Standard inlet temperature is assumed. The efficiency of the 
rotor element alone, based on the recovery of Fig. 12, is also 
shown. For element rotational speeds of about 1400 ft/sec and 
above, the rotor is indicated as being capable of adding sufficient 
swirl to overload tue stators, presuming the stators return 
the flow to axial. 

7.1 Designs With Highly Loaded Stators. Higher pressure ratios 
could be obtained within the assumed conditions of rotor relative 
leaving Mach number of 0.85 if the requirement of equal rotor 
inlet and discharge axial velocity is removed and stator loading 
limits are intentionally exceeded. The effect of axial velocity 
ratio on pressure ratio is shown in Fig. 14 for an element rotational 
speed of 1400 ft/sec. The stator inlet Mach number is also 
shown. High pressure ratios are indicated if supersonic stator 
inlet conditions are permitted. However, with these loadings and 
Mach numbers, the stators can be expected to separate, with cor- 
responding adverse effects on performance. If the separated 
flow model used in the foregoing is assumed, then very sub- 
stantial losses would occur in those designs which attempt to re- 
duce the stator discharge velocity to levels compatible with 
current combustor design. 

Applications which can use high stator discharge Mach num- 
bers (say about 0.7 or above) could possibly utilize separated 
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Fig. 13 Estimated element performance of a supersonic compressor rotor 
with separated flow; Cx = Cr = Cu; a; = a; = O; M, = 0.85 
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stators with acceptable efficiencies. A further avenue of devel- 
opment might be by establishing a sufficiently long stator throat 
‘or minimum area section so as to obtain reattachment of the flow. 
However, the required equivalent length-diameter ratio for 
stators can be expected to be appreciably larger than those found 
to be effective in supersonic diffusers because of the centrifugal 
pressure gradients and the usual secondary flows of compressor 
blading. Because of the very high stator solidity that should 
be anticipated, the stator performance, even with reattachment, 
can be expected to have high loss coefficients when compared to 
the performance of conventional subsonic stator blading. As a 
consequence, a significant sacrifice in performance should be 
anticipated for designs utilizing supersonic stators, even though 
reattachment is obtained. 

Application of bleed to the stators or to the annulus down- 
stream of the stators has yet to be properly investigated. The 
location and amount of bleed required for effective diffusion must 
be more definitely established before this approach can be ade- 
quately evaluated. On the basis of supersonic diffuser experi- 
ence, the proper control and use of bleed could result in a higher 
over-all performance than the use of the long stabilization length 
without boundary layer control, particularly if high stator inlet 
Mach numbers are used. 


8 Other Supersonic Configurations 


No attempt will be made to consider in detail all other possible 
compressor configurations utilizing supersonic flows. However, 
specific mention will be made of two configurations, (1) the 
counter-rotating supersonic compressor and (2) the compressor 
using supersonic axial velocities. 

8.1 Counter Rotating. Early estimates of the performance poten- 
tial of the counter rotating supersonic compressor were made in 
Ref. [52]. An experimental investigation is reported in a series 
of reports concluding with Ref. [53]. 

The use of the counter-rotating stage permits the possible use 
of a highly loaded first stage without the restrictions of the stator 
loading limits. The second stage has a very high inlet Mach 
number, but does not, in general, require diffusion to low sub- 
sonic Mach numbers. Thus the design could conceivably be 
compatible with the assumed separated flow model and still 
provide moderate element efficiencies. For example, a counter 
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Fig. 14 Effect of axial velocity ratio on rotor pressure ratic and stator 
Mach number (separated flow model) 
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rotating compressor with an element rotational speed of 1400 
ft/sec, an axial velocity of 648 ft/sec between all blade rows and 
no preswirl vanes, would have a pressure ratio of 4.67 and an 
efficiency of 81 per cent, using the blade element performance 
estimate of Fig. 12. Stator problems should not be severe in 
this design since the stator inlet Mach number is oniy 0.505 at 
an angle of only 26 deg 30 min. 

8.2 Supersonic Axial. The compressor with supersonic axial ve- 
locities has been proposed for use either as a single stage, placed in 
the throat section of a convergent-divergent diffuser with a shock- 
in-rotor type blading (Ref. [15]) or as a multistage compressor 
with a relatively small reduction in axial velocity taking place 
across each blade row. In the latter configuration the blading 
would be designed for supersonic flow throughout. The loca- 
tion of the transition from supersonic axial to subsonic axial 
would adjust itself axially in the compressor, being near the rear 
stages at the high supersonic flight Mach number and at the front 
in sea level static operation. 

Each of the foregoing configurations has certain advantages 
and disadvantages, and their evaluation requires a combined con- 
sideration of the inlet, compressor, and engine operational charac- 
teristics. This is beyond the scope of this paper and no attempt 
will be made to estimate performance potential of designs with 
supersonic axial components. However, a discussion on super- 
sonic compressors would not be complete without at least recog- 
nizing the possibility of these configurations. 


9 Summary 

The initial design approach for supersonic compressors followed 
more from supersonic diffuser experience than from an extension 
of the conventional compressor designs to high Mach numbers. 
As a consequence, when judged on current compressor design 
criteria, most of the supersonic compressors experimentally evalua- 
ted represented a poor balance between rotor and stator blade 


loadings as well as generally excessive loadings on one blade row 

Current blade loading iimit criteria, which would be applicable, 
at least in principle, to supersonic compressors, would predict 
severe separation in essentially all but one supersonic compressor 
tested by the NASA. 

If designs are confined to Mach number and loading limits 
which could normally be expected to operate without separation, 
only those pressure ratios and wheel speeds generally associated 
with transonic compressors would be available. However, the 
assumption of separation at relative Mach numbers slightly above 
about 1.2 does not lead to catastrophic reduction in perform- 
ance. Using a flow model based on separated flow and associated 
dumping losses, estimated performance is seen to be relatively 
consistent with current transonic experience, both as regards 
efficiency and permissible work coefficients. As relative Mach 
number and rotational speeds increase, the efficiency reduces 
gradually. Within the assumption of a relative discharge Mach 
number of 0.85 after separation, the rotor work coefficient in- 
creases with increasing axial inlet velocity and rotational speed. 

The assumed model used normal shock losses based on the inlet 
relative Mach number. For Mach numbers above about 1.4 
internal shock configurations with supersonic diffusion (within 
the limits of passage starting criteria) should yield lower shock 
losses and higher element efficiencies. Experience to date, how- 
ever, is more consistent with losses based on the inlet Mach 
number. 

Pressure ratios based on very high rotor work coefficients can 
be realized if the stator Mach number and loading are permitted 
to increase beyond conventional limits, by increasing the axial 
velocity across the rotor. Moderate efficiencies (about 85 per 
cent) should be realized for those designs using highly loaded 
or even separated stators in applications which do not require 
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subsonic diffusion in the stators below a Mach number of about 
0.7. For applications requiring diffusion to velocities compatible 
with conventional combustors, further development of stators 
are required. Approaches can be by (1) use of multiple blade 
rows, (2) use of a constant area minimum section in an attempt to 
reattach the flow after shock-boundary layer separation, or by 
(3) boundary layer control. 

Supersonic compressors can be expected to be subject, at least 
in principle, to the same design limit criteria regarding separation 
as conventional compressors. In addition, the shock-boundary 
layer interaction imposes further restrictions on designs which will 
operate without separation. However, designs presuming sepa- 
ration can yield moderate performance levels. The potential 
of supersonic compressors using more reasonable blade loadings 
and a more effective balance between the blade rows, and aerody- 
namic blading consistent with the separation hypothesis has not 
yet been adequately evaluated. 
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DISCUSSION 
P. Schwaar? 


The author has presented a commendable attempt to re- 
evaluate the prospects of supersonic compressors. The agree- 
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ment found between the calculated performances based on the 
separated flow model and experimental results is interesting, 
especially for the rotor of Ref. [49]. However, the argumenta- 
tion is incomplete, as rotor performance alone is considered. 
Accordingly, author’s conclusions are rather vague and of specu- 
lative nature. 

The best suggestion therefore would be to test the rotor of Ref. 
[49] with a few configurations of downstream stators. Once this 
is done, there will be plenty of matter for a useful discussion! 


Author’s Closure 

Unfortunately, the NACA work discussed in Ref. [49] did not 
include tests with stators. However, there have been tests of 
other rotors designed similarly to that of Ref. [49] using compa- 
rable loading levels and Mach numbers in excess of the conven- 
tional transonic levels which have yielded equally encouraging 
rotor performance consistent with Ref. [49]. These rotors when 
tested with downstream stators have provided, in addition to 
interesting discussion matter, some very promising products. 
Stage performance indicates that the stators operate as would 
be expected at the subsonic Mach numbers and loading levels 
existing for this design. The estimated stage performance made 
in Ref. [49] is consistent with later stage experience. 
2? Chief, Component Research and Analysis, Gas Turbine Depart- 
ment, Lycoming Division of AVCO Corporation, Stratford, Conn. 
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Resumé of Compressor Research at the 
NACA Langley Laboratory 


This paper describes the compressor research program conducted at the NACA Langley 
Laboratory and highlights the significant developments obtained prior to the discon- 


tinuance of this program in 1957. Results of low speed, high speed, and transonic 


cascade testing are noted. 


Transonic and supersonic compressor test results and 


analyses are presented, 


Introduction 


= existence of a continuing, long range turbo- 
machinery research and development program at the Langley 
Laboratory of NACA was due primarily to Eastman N. Jacobs, 
then Head of the Air Flow Research Section, and to Dr. George 
W. Lewis, then Research Director of the NACA. 

Jacobs’ realization of the need for such a program came about 
during two major projects: one, a full-seale Campini type pro- 
pulsion system powered by a seven-cylinder radial engine driving 
a 2'/.-stage axial flow fan [1]! and, second, the 8-stage axial flow 
compressor which has been extensively reported in the literature 
[2, 3]. At that time Keller’s book [4] on axial flow fans was the 
best text available. Jacobs and Kkugene Wasielewski, who worked 
with Jacobs on this compressor design, realized the limitations 
imposed on axial-flow compressor design when fan blade loading 
Although both 
of these projects were remarkably successful, considering the time 
of their design and construction, Jacobs recognized the great need 


parameters described by Keller are employed. 
for information in axial flow turbomachinery. 


Early Low-Speed Cascade Investigations 

Preliminary low-speed cascade tests were conducted in a very 
crude and simple fixed angle wind tunnel by Kantrowitz and 
Daum [5]. This tunnel was later modified by Bogdonoff to per- 
mit rotation of the test cascade to simulate various air inflow 
Bogdonoff and others ran an extensive series of tests of 
Under Jacobs’ 


angles. 
compressor blade sections in this facility [6, 7]. 
encouragement Kantrowitz and Erwin ran a series of turbine 
blade cascade tests in this same 5-in. cascade tunnel in attempting 
to improve the performance of turbosuperchargers which were 
then being used for the B-17 [8]. 

Following the successful cascade testing in the 5-in. low- 
speed facility, Bogdonoff and Herrig constructed a low-speed axial 
flow compressor of approximately 30-in. tip diameter. Quite 
satisfactory correlation of the turning angles produced by the 
rotor blades with those measured in cascade were achieved using 
this test compressor [9, 10, 11]. 


Preliminary High-Speed Cascade Tests 

The need for high-speed cascade tests to provide information for 
axial compressor design was great because jet propelled aircraft 

1 Numbers in brackets designate References at end of paper. 

Contributed by the Gas Turbine Power Division and presented at 
the Winter Annual Meeting, New York, N. Y., November 27—Decem- 
ber 2, 1960, of THe AMERICAN Society OF MECHANICAL ENGINEERS. 
Manuscript received at ASME Headquarters, November 25, 1960. 
This paper was not preprinted. 
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were being developed. Bogdonoff modified the 4-in. jet for cas- 
cade testing. Because of the urgency to use this facility for super- 
sonic inlet research only a short time was available for this testing. 
No development of the facility as a high-speed cascade tunnel 
was possible at the time. The setup consisted of little more than 
fixed side plates bolted to the settling chamber of the 4-in. jet 
with little provision for boundary-layer control or modification of 
the cascade boundaries. Considering the circumstances, a very 
interesting set of tests was conducted by Bogdonoff and useful 
results were obtained. Comparison of measured surface pressures 
with values extrapolated from low-speed tests indicated four to 
five per cent higher critical Mach number than use of the Karman- 
Tsien relation predicted. Little change in turning angle with in- 
creasing Mach number was observed [12]. 


Development and Use of Porous Wall Technique 

During analysis of the low-speed cascade data, some difficulty 
was observed in attempting to correlate the results of various 
cambers, solidities, and inlet angles. The inconsistencies ob- 
served were believed to be due to the rapid growth of boundary 
layer in the cascade, the strong secondary flow observed, and the 
resulting effects upon the flow through the unity aspect ratio 
test airfoils. To investigate this possibility, a 20-in. wide tunnel 
permitting the use of aspect ratio four test airfoils was con- 
structed. Cascade tests using this facility confirmed that aspect 
ratio had a significant effect on the performance of the test air- 
foils. During this investigation, the possibility of using continu- 
ous boundary layer removal through the use of porous test section 
sidewalls was conceived. An investigation of the proper porous 
materials and of the proper tunnel configuration in general was 
conducted [13]. Using the results of these investigations a new 
5-in. low-speed cascade tunnel was constructed (Fig. 1). A 
rather extensive investigation of the effects of the various 
geometric and aerodynamic variables on the performance of air- 
foils in cascade was conducted over the next five or six years. 
The airfoil sections used had NACA 65-series thickness distribu- 
tions and a = 1 meanlines. These results have been reported in 
[14] and have been analyzed by various investigators. 


Derivation of Modified Compressor Blade Sections 


Although the basic airfoil type investigated extensively during 
the systematic program appeared to have satisfactory character- 
istics for axial flow compressors, it was obvious that other types 
1 could be used advantageously in 
high-speed compressors. The reasons for improvement can 
be seen from the following simple diagrams (Fig. 2). Let it be 
assumed that it is desired to increase the inlet Mach number at 
which sonic flow first occurs over the blade surfaces and retain 
the same lift coefficient. As an isolated airfoil the a = 1 meanline 


of meanlines than the a = 
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Fig. 1 Photograph of 5-inch cascade tunnel equipped with porous walls 
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Fig. 2 Change in pressure distribution between theoretical isolated 
airfoil and actual incompressible and compressible cascade 


has an acceptable velocity distribution although the type of 
thickness distribution which is used with the meanline does have 
an influence on the optimum. In low-speed (inéompressible) 
cascade flow, due to the pressure rise which is produced by the 
blading, the discharge velocity is less than the inlet and, there- 
fore, the velocity distribution takes the shape shown in the second 
These effects are further exaggerated when compressi- 
ble flow is considered. The third sketch indicates the velocity 
distribution of a cascade at an inlet Mach number close to the 
critical value. An optimum meanline would have a loading dis- 
tribution at high speed as indicated in the fourth sketch. Taking 
one step backward to the incompressible cascade, the velocity 
distribution of this meanline would be as shown in the fifth 
diagram. As an isolated airfoil in incompressible flow the load- 
ing diagram would appear as shown in the sixth sketch. 


diagram. 
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Velocity or loading distributions of this type can be obtained 
very easily by a combination of the various basic meanlines given 
in the airfoil report, NACA Report §24 [15]. In synthesizing 
airfoils of the loaded trailing edge type sketched in diagram 4, 
combinations of two or more of the basic meanlines were fre- 
quently employed. In attempting to designate these airfoils by 
the usual airfoil system very long profile designations resulted. 
For this reason a somewhat simplified system was evolved in 
which the basic meanlines were symbolized by letters of the 
alphabet rather than by a = 1, a = 0.8, etc. The relative pro- 
portion or weighting of each of the basic meanlines used was in- 
dicated by subscript. When convenient, the total of the co- 
efficients given in the subscripts totals ten; i.e., AyKs. Because 
potential flow theory was employed in deriving the meanlines 
and thickness distribution given in Report 824, the flow direction 
is reversible. If the meanline is used backwards, that is, re- 
versed witli the trailing edge forward, the subscript is given the 
letter b; i.e, AsTIs. Sections having rearward loading distributions 
were tested in the 5-in. low-speed cascade tunnel and were found 
to exhibit surface pressure distributions conducive to improved 
high-speed performance [16]. 


The 7-In. High-Speed Cascade Tunnel 

For the purposes of investigating the relative high-speed per- 
formance of the conventional airfoil sections and of the loaded 
trailing edge sections, a high-speed cascade tunnel was designed 
and constructed, and a high-speed axial flow rotor employing 
loaded trailing edge sections was designed and constructed. The 
high-speed cascade tunnel was constructed with a 7-in. wide test 
section and with a tunnel height which varied from about 12 in. 
at low inlet flow angles to about 8 in. at high inlet flow angles 
(Fig. 3). Boundary-layer removal slots were employed upstream 
of the test section and provision for using either porous walls for 
boundary-layer control or for using glass walls for schlieren 
photography were provided in the test section. Comparative 
tests of airfoils using the a = 1 meanline and loaded trailing 
edge (A,Iy) sections were conducted using this facility [17]. 
Systematic tests of cascade sections typical of compressor hub 
sections and of compressor tip sections were also conducted using 
this facility [18, 19, 20}. 

Some interesting and useful generalizations have been ex- 
tracted from the results of NACA high-speed cascade testing. 


ee 


Fig. 3 High-speed cascade tunnel, Langley Aeronautical Laboratory 
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Fig. 4 Variation in limiting surface diffusion factor with chordwise 
location of minimum pressure 
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Fig. 5 NACA 65-(A;)10 airfoils 
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Fig. 6 Circular arc airfoils 


Savage’s analysis of low-speed cascade data [21] indicated a 
limiting surface diffusion factor C = pz —pmin/F’o — Pmin of 
about 0.80. In low-speed testing the minimum pressure almost 
always occurred very near the leading edge at angles of attack 
for twice minimum drag. In high-speed tests, particularly with 
loaded trailing edge airfoils, the drag rise frequently occurred 
with the minimum pressure located between zero and 50 per cent 
chord. Study of these data indicates a sharp decrease in the 
limiting value of C-factor as the minimum pressure location 
moves rearward (Fig. 4). Maximum surface Mach numbers up 
to 1.3 existed in some of these test points, so it can be assumed 
that the trends shown are not sensibly affected by local Mach 
numbers up to 1.3. 
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Another interesting point is the relation between the theoretical 
choking Mach number and the value observed in high-speed 
cascade tests. Due to boundary layers on the blade surfaces and 
a variation in Mach number from unity at the throat due to curva- 
ture of the flow, blade passages choke at less than the ideal one- 
dimensional value calculated (Fig. 5). At an entering relative 
Mach number of 0.70, an allowance of about 2 to 3 per cent in 
throat area is required, and at M; = 0.80, 4 to 5 per cent allowance 
is required. 


Development of the Transonic Cascade Tunnel 


The performance of the high-speed rotor employing loaded 
trailing edge sections was considerably better than had been 
anticipated. Previous rotors of similar design had shown satis- 
factory performance at inlet Mach numbers up to about 0.75. 
It was hoped that through the use of loaded trailing edge sections 
the Mach number at which the performance would begin to de- 
teriorate seriously would be increased to about 0.8 or slightly 
higher. At the time of these tests in 1950 the first supersonic 
compressors had been run over their speed range with satisfactory 
performance in the transonic region. However, due to the great 
difference in the design and configuration of the loaded trailing 
edge rotor and a typical supersonic compressor, it was not an- 
ticipated that satisfactory performance near Mach 1 could be ex- 
pected. Actually, very acceptable performance was achieved at 
Mach numbers up to unity. Following this first transonic rotor 
a series of single and multistage axial flow transonic compressors 
were designed by Melvyn Savage and Willard R. Westphal. 
These compressors employed modified meanlines of the types de- 
veloped in the low-speed and high-speed cascade tunnels. A 
further description of these compressors will be presented sub- 
sequently in this paper. 

Following the successful operation of supersonic and high- 
speed compressors in the transonic region, and the successful 
breeching of the sonic barrier by the slotted throat wind tunnel 
approach, it became desirable to determine whether these ap- 
proaches could be applied to cascade wind tunnels. In a cascade 
tunnel the interference problem is more difficult than in the 
usual wind tunnel because the blades in cascade provide a much 
larger disturbance to the flow and a more extended series of shock 
waves than does a single small model in a large wind tunnel. It 
was realized from the beginning that the extended wave pattern 
which occurs upstream of a transonic compressor could not be 
duplicated, and difficulty in establishing truly two-dimensional 
flow was anticipated; nevertheless, it was felt that useful per- 
formance details could be obtained in a wind tunnel in the ab- 
sence of any other practical method of obtaining such data. 
For this reason, Mr. W. R. Westphal designed an eight-slot upper 
floor of about 30 per cent open area for the 7-in. high-speed 
cascade wind tunnel. Several attempts using NACA 65-406 
blade sections at a solidity of one were made to establish transonic 
flow in the cascade tunnel. We were unsuccessful in our first 
tries. Probably because we had anticipated a great deal of 
difficulty, and also because of a desire to continue with high- 
speed (subsonic) cascade tests, the attempts to produce satisfac- 
tory transonic flow were abandoned for approximately one year. 

The interest of Mr. James C. Dunavant and others in the 
possibility of obtaining satisfactory transonic flow continued to 
be high, however, and after extensive analysis and discussion of 
the results, we concluded that it was the blade sections them- 
selves which had prevented us from establishing a uniform flow 
and not the design of the slotted floor nor our limited ability to 
remove flow through the slots. Once we arrived at this conclu- 
sion we were too eager to wait for the manufacture of new blade 
sections. Therefore, the slotted floor was replaced in the tunnel 
and the best substitute at hand to test was used with what may 
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now be viewed as ingenuity but which was then primarily despera- 
tion. The 65-405 section was selected for test since it was the 
thinnest of the high-speed sections available. We used it back- 
wards (i.e., trailing edge forward) and to our considerable surprise 
it worked very well and it was possible to establish flow in the 
tunnel at a Mach number of 1 without difficulty. It later turned 
out, just as in the case of transonic or supersonic axial flow com- 
pressors that cascade wind tunnels seem to work best at Mach 1 
rather than at lower or higher Mach numbers. 


Biade Sections for Transonic Compressors 


Following the demonstration of the feasibility of transonic 
cascade testing, special blade sections intended for use in tran- 
sonic compressors were designed and constructed. From the re- 
sults of the transonic rotor tests and the preliminary transonic 
cascade tests, it was believed that significantly large work input 

i.e., flow turning) could not be achieved if the static pressure rise 

that would occur with two-dimensional flow were required to 
exist in the cascade tunnel. For this reason, despite the obvious 
difficulties of construction, the first transonic blade section, the 
TI-(SA.Ts 06“, was run in a test section having converging glass 
walls [22]. Under these conditions satisfactory performance of 
the Tl section was obtained at Mach numbers up to 1.2. Whether 
satisfactory performance could have been obtained at higher 
: Mach numbers was obscured by the nonuniformity of the flow 
upstream of the blades, due primarily to the small number of 
blades employed in this 7-in. cascade tunnel. In attempting to 
increase the Mach number of efficient operation, the CW, section 
was designed to minimize or eliminate expansion of the flow be- 
The CW, section was 
constructed with a flat pressure surface, a 5-deg wedge in the 
leading edge which extended to 70 per cent chord, and with the 
last 30 per cent of the suction surface consisting of a circular arc 
through the trailing edge and tangent to the wedge at the 70 
per cent chord station (providing a 6 per cent thick section). A 
flexible lower floor was installed to provide a diverging nozzle and 
permit higher test Mach numbers. 
tained at inlet Mach numbers up to about 1.4 with the CW; 
airfoils. 

Only a few more tests of transonic compressor blade sections 


tween the leading edge and the bow wave. 


Good performance was ob- 


were conducted using this facility before the turbomachine effort 
of the NACA was drastically reduced and the Cascade Laboratory 
Most of the facilities have been sent 
Brussels. The low-speed 
facilities have been returned to operation. Efforts are now under 
way to provide the additional funds and equipment necessary to 


at Langley discontinued. 
to the NATO Training Center in 


place the high-speed and supersonic cascade wind tunnels in 
operation. These facilities should contribute significantly toward 
providing a well equipped laboratory for training engineers of the 
NATO nations and are capable of producing information not now 
being obtained in government laboratories of any free country. 


Transoni¢c Compressor Research 
Development of First Langley Transonic Rotor 


The blade sections that had been used in subsonic axial flow 
compressors usually had circular arc, parabolic, or constant-load- 
ing meanlines with the position of maximum section thickness 
well forward at the 30-40 per cent chord point [14, 23, 24]. At 
design angle of attack the surface velocity over the forward 
portion of the convex surface is considerably above the free- 
stream inlet velocity. Hence, at moderate subsonic inlet Mach 
numbers, supersonic velocities would occur over the forward por- 
tion of the blade. 

It was felt that blade sections capable of efficient operation at 
higher inlet Mach numbers could be obtained by effecting a re- 
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duction in blade surface velocities over the forward portion of the 
blade. One method of effecting this reduction was by altering the 
loading distribution, that is, the meanline shape, while still 
utilizing a conventional subsonic thickness distribution such as 
the 65-series thickness distribution. The theory proposed was 
that, by providing greatest curvature and, hence, loading in the 
rearward portion of the blade where free stream Mach numbers 
were reduced, surface Mach numbers would be reduced. This was 
the approach followed in the earliest transonic research efforts at 
the NACA Langley Laboratory. The blading first used to check 
the validity of this theory utilized the A,Iy meanline and the 65- 
series thickness distribution. A detailed description of this 
blading is presented in [16]. 

Another effective method of effecting a reduction in surface 
Mach numbers which was employed at the Lewis Research 
Center was to reduce blade thickness in the forward portion of 
the blade as well as the maximum thickness and utilize a mean- 
line that has an elliptical loading distribution. 

It will, however, be the purpose of this paper to describe the 
results obtained at the Langley Laboratory. A rotor utilizing the 
Aol, meanline and the 65-series thickness distribution was de- 
signed with the following pertinent design parameters: 


Tip speed; 808 ft/sec 

Mean radius relative inlet Mach number: 0.77 

Design efficiency: 0.92 

Design total pressure ratio: 1.25 

Hub tip ratio at inlet and exit: 0.75 

Solidity at all radii: 1.0 

Maximum thickness: 10 per cent of chord at hub to 8 per cent 
at tip 


In May, 1951, tests of this rotor indicated that efficient rotor 
performance was indeed possible at rotor inlet Mach numbers in 
excess of critical speed. These data were reported in [26]. Fig. 
7 presents a comparison of mass weighted rotor efficiency (7) 
plotted against mean radius relative inlet Mach number for the 
afore-mentioned rotor and a somewhat similar rotor designed 
for the same pressure ratio and using conventional constant load- 
ing blading (Ajo meanlines). The corresponding mass weighted 
total pressure ratios are indicated. It is apparent that high ef- 
ficiency had been maintained to much higher Mach numbers than 
had been realized with conventional subsonic blading. 


Comparison of Low-Speed Cascade Data With Rotor 
Performance 


The effects of varying mean-radius Mach number on turning 


angle for the afore-mentioned rotor were negligible. Over most 
of the angle of attack range the difference in mean-radius turning 
angles as obtained from rotor tests and low-speed cascade tests 
was at most 2 deg. It therefore was felt that low-speed cascade 
data could be utilized for selecting blade camber and setting 
angles for calculated velocity diagrams. However, analysis of 
the rotor test data indicated that peak rotor efficiency occurred 
at angles of attack greater than those corresponding to the middle 
of the minimum drag regime in low-speed cascade data denoted as 
a, Fig. 8 indicates that above mean radius Mach number of 
0.87 peak efficiency occurs at an angle of attack some 4 deg above 
the low-speed cascade design angles of attack, a,. Hence, when 
low-speed cascade data are used to select blading for transonic 
rotors, it is important to select the blading at angles of attack 
greater than a@,. This amounts to selecting lower cambered 
blades operating above the so-called low-speed design angles of 
attack. 

A fairly extensive series of low-speed cascade tests were com- 
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pleted [16] to provide design data for selecting camber, solidity, 
and blade settings once velocity diagrams were computed. 


Detailed Blade Element Data on the First Langley 
Transonic Rotor 


A rerun of the rotor presented in [25] was completed with im- 
proved instrumentation and improvements in the test rig. The 
results on an over-all performance basis as well as blade element 
data were presented in [26]. 

The over-all results indicated somewhat higher pressure ratio 
and lower efficiencies than were obtained in the first tests of this 
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Fig. 7 Variation in peak efficiency and associated total-pressure ratio 
with relative inlet Mach number at mean radius 


Fig.8 Variation in rotor efficiency with Mach number at the mean radius 
or various mean radius angles of attack 
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rotor. Efficiencies were nevertheless still appreciably above those 
of conventional blading. The previously mentioned trend of 
peak efficiency occurring at angles of attack several degrees above 
those of design angle of attack based on low-speed cascade data 
was evident at all radial stations. 

Fig. 9 presents the minimum values of total-pressure-loss co- 
efficient, min (defined as the total pressure loss divided by the 
difference between the inlet total and inlet static pressures, all 
values relative to the blade section being considered), for an in- 
board, mean radius and outboard radial station as a funetion of 
inlet relative Mach number. Values of loss coefficient began to 
rise significantly at Mir of 0.95. The rotor results reported in 
[27 and 28] however, indicated that blade losses did not inerease 
rapidly until Mach numbers exceeded 1.0. This delay in loss rise 
was felt to be due mainly to the decreased blade thicknesses 
of the blading used in these rotors. It is therefore believed that 
it is desirable to employ blade sections whose thickness-chord is as 
low as practicable for transonic application. 


Fig. 9 Variation of minimum loss coefficient with inlet relative Mach 
number 


Rotor Pressure Rise Limits 


The flow separation that occurs in compressor blading is un- 
doubtedly related to the adverse pressure gradients that exist on 
the blade surface. The analysis reported in [21] verified this fact 
for incompressible conditions. The problem in transonic blading 
is further complicated by the strength of the shock waves that 
exist on the blading, the boundary-layer growth up to the shock 
waves, and the magnitude of the adverse pressure gradients the 
flow must negotiate. It is difficult to correlate all the variables in 
such a mixed flow field. However, the static pressure rise co- 
efficient, C, (defined as the static pressure rise across the blade row 
divided by the difference in inlet total and inlet static pressures 
relative to the blade section being considered), is somewhat in- 
dicative of the magnitude of the adverse surface pressure gradients 
that may exist. At least as it increases the pressure gradient that 
the boundary layer attempts to negotiate is increased. It there- 
fore can be used as a rough loading limit parameter. 

Fig. 10 presents minimum loss coefficient for each speed versus 
C,. C,’s above 0.65 at the hub and 0.52 at the tip represented the 
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Fig. 10 Variation of minimum loss coefficient with static pressure rise coefficient at three blade elements 
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Fig. 12 Comparison of extrapolated local Mach numbers for an inlet 
Mach number of 0.75, and design low-speed pressure distributions at 
Ga = 10.8 deg for the NACA 12Adly blade section and at az = 12.4 deg 
for the NACA 12A;, blade section. 8 = 60 deg; ¢ = 1.0. 


maximum pressure rise conditions that could be obtained for the 
blading tested. These limiting values could very likely be in- 
creased if surface Mach numbers were reduced by using thinner 
blading. They, nevertheless, do represent a somewhat arbitrary 
upper limit that can be applied as a rough rule of thumb for pre- 
liminary design purposes. 


Effect of Reducing Static Pressure Rise on Transonic Rotor 
Performance 


It was reasoned that, by contracting the annulus across a rotor, 
thereby reducing the required static pressure rise, high efficiency 
can be maintained to a higher inlet Mach number level. In fact, 
it is felt that one of the reasons that efficient transonic operation 
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Comparison of over-all rotor efficiencies at various rotor speeds 


was not achieved earlier was that rotors were designed and the 
annulus contracted a smaller amount for the proportionately 
lower density change anticipated for subsonic operation. When 
such a rotor was run at higher speeds the required pressure rise 
increased rapidly and performance deteriorated. If such rotors 
had the larger annulus contraction associated with an acceptable 
pressure rise coefficient at the high-speed condition, more ef- 
ficient transonic operation would have been realized. 

Reference [29] presents the results of reducing C, by increasing 
the rotor discharge hub tip ratio in the Langicy first transonic 
rotor. Fig. 11 indicates the considerable increase in efficiency 
that resulted at the higher speed conditions. 

A comparison of the variation in minimum loss coefficient with 
pressure coefficient for the contracted hub and the uncontracted 
hub conditions indicated that the C, limits were the same except 
for the tip. The lower tip limit of 0.45 for the contracted case re- 
sulted because inlet Mach number at that condition was apprecia- 
bly higher than occurred at that condition in the uncontracted 
case. Hence, inlet Mach number level must also be considered in 
attempting to utilize design C, limits. 


Transonic Capabilities of the Loaded Trailing Edge Blades 
65 (Azl,) Blading and the Conventional 65 (A,.) Subsonic 
Blades 


Extrapolations of the low-speed cascade data presented in [14] 
to high-speed conditions were made for 65 (A2I#) and 65 (Ano) 
blades. Fig. 12 presents the results of such comparisons at de- 
sign angles of attack for an inlet angle of 8 = 60 and a solidity 
of o = 1.0 (typical tip conditions). The loaded trailing edge blad- 
ing exhibited lower peak surface Mach numbers. Hence the 
A:T» meanline appeared desirable for tip sections. 

Fig. 13 presents a similar comparison for 8 = 45 and o = 1.5 
typical hub conditions. The loaded trailing edge blade exhibited 
a higher peak surface Mach number. This results because the 
AsI» blading produces a smaller minimum passage area at low 
stagger angle and high solidity conditions. It was therefore 
postulated that: 
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Fig. 13 Comparison on extrapolated local Mach numbers for an inlet 
Mach number of 0.70, and design low-speed pressure distributions at 
ag = 13.4° for the NACA 12A2ly blade section and at aq = 15.5 deg 
for the NACA 12A), blade section. 8 = 45 deg; o = 1.5. 











a The selection of meanlines for transonic rotor application 
must be dictated by the design inlet air angle, solidity, camber, 
and section thickness required. For typical hub type conditions 
(8 = 45 deg or less and o = 1.5 or more) it is advisable to use 
meanlines such as Ajo or meanlines intermediate between it and 
the AI». In this way the ratio of minimum passage area to 
inlet area (A;) may be kept high to effectively reduce the maxi- 
mum surface Mach numbers and therefore the surface pressure 
recovery. For typical tip conditions (8 = 60 deg, o = 1.0 or 
less) the AsIg meanline was most desirable. 

b The blades investigated employed the NACA 65-series 
basic thickness distribution (maximum thickness at approxi- 
mately the 40 per cent chord state). Since at low inlet angles (8 = 
45 deg) and high solidity (o = 1.5), minimum passage area and, 
hence, peak Mach number occur in the forward 50 per cent of 
the blade, further improvement in high-speed performance might 
be realized by modifying the thickness distribution by shifting 
the maximum point rearward. 


Development of the Langley 37.5 Ib/sec/ft? Frontal Area 
Transonic Compressor Design Philosophy 


In the design of the next Langley transonic compressor it was 
decided that the ideas that had been generated in past transonic 
research would be utilized to design an efficient transonic rotor 
designed to handle 37.5 lb/sec/ft? frontal area. This high flow 
condition was desirable to achieve engines of low frontal area for 
high-speed flight. 

A rotor for axial inlet flow was designed and described in [30] 
with the following thoughts kept in mind: 


a In selecting the proper combination of axial velocity and 
rotor tip speed, a compromise between low hub inlet angle and 
maximum tip Mach number had to be made since as inlet angle 
decreases the hub section chokes and tip Mach number decreases. 
The design tip Mach number selected was 1.1 and the inlet 
angle that resulted at the hub was 26.7 deg, with a tip speed of 
972 fps and an inlet axial Mach number of 0.628. 

b Design total pressure ratio was deliberately kept low (1.293) 
to keep blading loading down. The hub radius was increased to 
keep the static pressure ratio well below the limits that were re- 
ported in [26 and 29}. 

c Total pressure ratio was increased from hub to tip to keep 
the Mach numbers for the succeeding stator low. The following 
presents the resulting velocity diagram data. 
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d Inselecting blade sections the following actions were taken: 


1 Blade camber and angles of attack: Cambers and angles of 
attack were selected from the low-speed cascade data of [14 and 
16]. Angles of attack some 2-3 deg above the low-speed design 
angles of attack were selected and correspondingly lower cambers 
were used. This should increase design efficiency since previous 
rotor tests indicated that peak efficiency and minimum loss oc- 
curred at a’s greater than a, selected from low-speed cascade 
data. 

2 Solidity: Solidity was held to 1.5 at the hub to avoid chok- 
ing and 0.75 at the tip. It was felt that a lower tip solidity might 
compromise tip performance and higher solidity would have re- 
sulted in a greater axial projection of the tip chord than of the 
hub chord. 

3 Meanline selection: Since the tip section has the highest 
inlet Mach numbers, the tip meanline selected was one having a 
significant rearward shift in loading, namely, the A,I~ meanline. 
High-speed cascade tests [18] for the 7:(18AcI2)08 blade at con- 
ditions similar to the hub conditions indicated a fairly severe 
second velocity peak in the rearward portion of the blade. To 
reduce the peak, it was decided to utilize the Ai meanline at the 
hub. The 0.750 r; meanline was arbitrarily selected as the Agly 
since the inlet Mach number was significantly below that at the 
tip. 

4 Thickness distribution: Following the theory that surface 
Mach numbers should be minimized, a new thickness distribution 
called the 7, was developed. Fig. 14 presents the thickness dis- 
tribution used. It had its maximum thickness at the 65 per cent 
point and attempted to keep surface curvature to a minimum. 

5 Section thickness: The maximum section thickness varied 
linearly from 8 per cent of chord at hub to 4 per cent at the tip. 
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Performance Obtained 


Fig. 15 presents the over-all performance of the 37.5 lb/sec/ft? 
transonic rotor. Over-all efficiency of 0.91 was obtained at the 
design point. The measured relative tip Mach number at this 
condition was 1.08 and the mean area station Mach number was 
0.90. These values are significantly greater than the Mach num- 
bers associated with 0.91 efficiency reported for the first Langley 
transonic rotor. It is apparent that the lower maximum thick- 
nesses, the reduction in static pressure rise, the transonic type 
thickness distribution, and the meanline selection varying with 


jury 1961 / 215 





radial station, all combined to provide a high performance, high 
flow transonic rotor. 

Fig. 16 presents the variations in minimum loss with Mir at 
an inboard, mean, and outboard station. 

Fig. 17 presents the variation in w with @ at the inboard, mean, 
and outboard stations. It appears that minimum loss occurs some 
4 deg above the design angle of attack specified from low-speed 
cascade data. Hence the attempt in the design to use angle of 
attack some 2 to 3 deg above a, did not quite go far enough. 


Variation in w,.;. With Cc, 


Fig. 18 presents the variation in ®mia with C,. It appears that 
a tip region limit of 0.43 with hub and mean regions nearer 0.48 
maintained low losses. It is believed that working levels of C, 
ean be established by coraparing the limiting values for this rotor 
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with those of other transonic rotors. The use of such limits must, 
of course, be tempered by considering the inlet Mach number 
level, blade thickness, and solidity. 

Fig. 19 presents data for several rotors in the tip region. The 
relative inlet Mach numbers were approximately 1.1 for the high- 
est Wmin Of each rotor. The double-circular-are blading tested 
solidity, ¢ = 0.66, 0.88, and 1.04 showed a systematic increase in 
limiting C, with increasing 7. The results of the rotor presented 
in [28] indicated a higher limiting C, than that of the double- 
circular-are blading of comparable solidity. 

The results presented in this figure indicate: 


a For values from 0.78 to 1.32 and Miz ~ 1.0, the range of 
limiting C, values is from 0.37 to 0.43. 

b The data for o of 0.66 showed a much lower limiting C, 
level (0.315). 


60 48 52 56 


, Ib/sec 


ae a 
33 35 37 39 4 
Ib/sec/sqft 


Fig. 15 Over-all performance characteristics 
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Fig. 16 Variation in rotor loss coefficient with relative inlet Mach number 
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Fig. 17 Variation in rotor loss coefficient with angle of attack. Arrow 
indicates low-speed cascade design angle of attack. 
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Fig. 19 Variation of minimum total pressure loss with ~ near 
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the tip of five transonic rotors including the present rotor 


ce For Mach numbers near 1.1, values of C, = 0.37 to 0.43 
invariably produced flow separation for the rotors examined. 


Langley Three-Stage Transonic Compressor 

Transoniec rotors had already been shown to be capable of pro- 
ducing pressure ratios of from 1.3-1.65 and specific weight flows 
of from 30-36.5 lb/sec/ft? frontal area at efficiencies of 0.90 |30, 
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31, 32]. The performance of such rotors when combined with 
stators indicated high-stage efficiencies [31, 33]. 

To determine whether there are adverse effects in grouping 
transonic stages into a multistage unit it remained to design and 
test a multistage unit. Such tests, for example, would indicate 
whether the axial velocity profiles which develop after several 
transonic blade rows adversely affect performance. They would 
also indicate whether satisfactory part speed performance charac- 
teristics of transonic multistage compressors could be obtained, 

A three stage compressor having the following design parame- 
ters (a detailed description of the compressor parameters and de- 
sign philosophy are presented in [34] ) was constructed: 


Over-all total pressure ratio ~ 3.0 

Specific weight flow = 30 lb/sec/ft? frontal area 
Tip speed = 1200 ft/sec 

Inlet hub tip ratio = 0.50 

5 Exit hub tip ratio = 0.75 

6 Ratio of discharge axial velocity to inlet axial velocity = 
0.75 

The resulting first stage rotor tip relative inlet Mach number 
was 1.24. A moderately large annulus contraction across the 
first rotor was used to reduce the static pressure rise. It was 
reasoned that, if performance did fall off at this high Mach number 
level, some tip speed lower than 1200 ft/sec would be a more de- 
sirable operating point. 

A maximum stator turning limit of 29 to 32 deg was arbitrarily 
selected. Later tests showed that high turning stators can be 
used without detrimental effects. Rotor tip C, values varied 
from 0.29 to 0.47 from stages 1 through 3. Stator hub C, values 
varied from 0.30-0.55 from stages 1 through 3. Tip rotor solidi- 
ties ranged from 1.0 to 1.15. 

Blading was selected using low-speed cascade data. Stators 
used 65-series blading with Aio meanlines. Rotors used 65-series 
thickness distributions with section meanlines Ajo at the hub and 
AolIy at the tip for the first rotor. This first stage rotor blade 
was used in other rotors at different settings with the tip section 
cut off. 


Test Results 

The compressor was tested utilizing a freon atmosphere to re- 
duce power and stress problems (aluminum rotor blades were 
used). An analysis of the effects of using Freon for a compressor 
designed for air operation indicated that blade surface Mach 
numbers and pressure recovery are comparable at subsonic 
Mach numbers and greater in Freon than in air at supersonic Mach 
numbers. Hence Freon efficiency results will be on the conserva- 
tive side. The density ratio variation between air and freon is 
not too great. 

Fig. 20 presents the performance obtained. The grouping of 
speed lines above N/N, = 0.92 indicates that the back end of the 
compressor was choking, which would result if the first stages do 
not produce enough pressure rise. Inefficiency in the first stage 
would account for the result that the air equivalent of 30 lb/sec / 
ft? frontal area was not quite attained. It is apparent that high 
efficiency occurred over a rather wide speed range. 


Stage Performance 

The performance of the individual stages can be investigated 
by an examination of outer casing static pressure measurements. 
Such data are plotted in Fig. 21. 

At design speed the first stage developed considerably less pres- 
sure rise than occurred at 0.92 N,, indicating a severe fall off in 
first stage performance at design point. (Note the air design 
static pressure ratio.) The tip angle of attack was 1.3 deg below 
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low-speed cascade design. Some improvement in performance 
might have been realized at rated speed if higher angles of attack 
had been used. 

At 92 per cent Ng, first stage performance has been improved 
markedly. At peak compressor efficiency (0.90) rotor tip Mach 
number for the first stage was 1.13. It appears that this speed 
is a more desirable design speed from efficiency considerations 
for this compressor. At this speed the first two stages were well 
matched. However, the third stage is operating on the low side 
of the peak pressure ratio point over most of the flow range. At 
0.85 Nd all three stages are well matched and efficiency has in- 
creased 2 per cent. 

The following summarizes the results of these tests: 
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1 High efficiency performance can be realized in transonic 
multistage compressors. 
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2 The design point of M = 1.24 was too high for high ef- 
ficiency for the blading used. A tip Mach number of 1.13 is a 
more reasonable limit for the blading selected. 


Compressor Supersonic Research 
Introduction 


In 1942, a 1-in. wide supersonic jet was constructed for studying 
the behavior of supersonic diffusers. This program was intended 
to provide background information for the design of supersonic 
compressor rotor and stators as visualized by Kantrowitz and 
Jacobs. Because the blading was expected to be primarily two 
dimensional, the first diffuser models which were tested were 
two dimensional. No provision was made for removal of the wall 
boundary layers, however, and poor performance of the two- 
dimensional diffusers was obtained. It was therefore decided to 
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conduct a series of tests using conical supersonic diffusers of small 
size which would receive only the high energy flow in the center 
of the one-inch jet. Early in this program Donaldson formulated 
the starting requirements for supersonic diffusers. Following this 
understanding, rapid progress in supersonic diffuser development 
was obtained [35]. Efficient diffusion of supersonic streams was 
possible provided the starting area contraction ratio was not 
exceeded and the normal shock necessary for transition to sub- 
sonic velocity was positioned in the divergent portion of the dif- 
fuser as near the throat as possible. Because the blading of an 
axial flow compressor can be viewed as forming an infinite set of 
diffusing passages, it was apparent that considerably higher pres- 
sure ratios per stage could be obtained with supersonic than with 
subsonic velocity and still maintain reasonable efficiency. The 
problems of flow regulation and off-design operation were 
analyzed by Kantrowitz [36]. It was determined that at design 
speed the flow rate would be invariant with pressure ratio and 
that operation through the transonic range would be continuous. 
There was, therefore, no theoretical obstacle to the use of super- 
sonic velocity in an axial flow compressor. The use of supersonic 
flow was expected to result in higher flow rates and pressure ratio 
per stage with a significant decrease in size and weight of turbojet 
engines of the period. 

No attempt will be made in this portion of the paper to present 
in detail all the experimental data obtained on test rotors; rather, 
the salient features of their operation will be reviewed as well as 
operational limitations imposed by aerodynamic considerations. 
In addition, an analysis of compressor operation with supersonic 
axial inflow velocity for use with supersonic airplanes will be 
discussed. 

The test rotor constructed for experimental verification of the 
operational characteristics of supersonic compressors was of the 
type since designated as shock-in-rotor, in that only the inlet 
velocity component relative to the rotor is supersonic and reliance 
is placed on shock diffusion within the blade rows for energy addi- 
tion to the flow. It was felt that this type of compressor could 
most rapidly be developed as a practical machine in light of the 
meager empirical data on supersonic flows although all-supersonic 
rotor types have greater work input potentialities. Discussion 
of the pressure ratios theoretically obtainable in the various type 
supersonic compressors are contained in [36, 37, 38]. 


Shock-in-Rotor Supersonic Compressors 


The first supersonic compressor was constructed of cambered 
sheet metal blades 0.016 in. thick, with sharpened leading and 
trailing edges, riveted to a sheet metal shroud. Balsa wood was 
glued to the blades and shroud during several modifications to 
change the area contraction for more efficient supersonic dif- 
fusion as well as changing the area expansion behind the throat 
in the blade passage. The best performance was achieved when 
the contraction ratio was approximately equal to that com- 
puted for supersonic starting and the area expansion was limited 
to 10 per cent of the throat area [39]. The rotor in its final 
modified form is shown in Fig. 22. When tested in Freon gas (as 
were all subsequent rotors) it produced a pressure ratio of 1.98 
with an efficiency of 84 per cent at an air equivalent tip speed of 
1610 feet per second. The air equivalent weight flow was 27.6 
Ib per second, or 92 per cent of the maximum flow the 
annulus could pass under choked conditions. Based upon the 
results of this first rotor and upon single passage cascade studies, 
a second rotor was constructed with contoured blades with the 
supersonic portion designed using shock and characteristics 
theory. A photograph of this rotor is shown in Fig. 23. It pro- 
duced a pressure of 2.20, an efficiency of 84.5 per cent at an air 
equivalent tip speed of 1610 ft per sec [40]. However, the 
blades were too thin (4 per cent thickness chord ratio at the mean 
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Fig. 22 First shock-in-rotor supersonic compressor (reference [39]) 
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Fig. 23 First unshrouded shock-in-rofor supersonic compressor (reference 
[40]) 
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radial station) to be considered practical for use in turbojet en- 
gines. By altering the design procedure of the supersonic portion 
of the blading to turn the flow supersonically upstream of the 
throat, and increasing the rate of area growth downstream of 
the throat, a considerably thicker (8 per cent thickness chord 
ratio) blade resulted. The performance of a rotor fabricated with 
these sections was disappointing in that the peak efficiency reached 
at design speed was only 78.6 per cent at a pressure ratio of 2.06 
which was well below design value. This rotor was tested with 
both sharp leading edges [41] and rounded leading edges [42]. 
Attempts to improve the efficiency by reducing the expansion 
ratio to approximately 1.0 by means of recontouring the hub of 
the round leading edge rotor increased its efficiency from 74.6 to 
70.6 per cent. Several other rotors were tested, none of which 
were more efficient or produced higher pressure ratios or ex- 
hibited performance characteristics differing from those obtained 
on the three mentioned above. One series of tests was made with 
the shrouded rotor in conjunction with a double row of down- 
stream stators turning the flow to the axial direction to determine 
the effect of stators upon rotor performance. Within the ac- 

iracy of measurements, the stators did not affect the rotor 
characteristics and therefore were not employed with other 
rotors. 

All rotors were designed for an axial inlet Mach number of 0.8, 

Mach number of 1.6 relative to the tip section, an assumed rela- 
tive total pressure loss equal to that through a normal shock at 
the relative inlet Mach number, a relative discharge Mach number 
of 0.8 at the mean radial station, simple radial equilibrium at 
discharge, and the turning angles limited to small values to en- 
sure subsonic velocity into the stators. The assumption of the 
relative discharge Mach number (based upon preceding rotor tests 
as well as cascade tests) in conjunction with constant annular 
irea through the rotor violates the continuity equation for mass 
It was realized that due to the presence of the strong shock 
in the passage forcing flow separation without an opportunity for 
reattachment because of the necessarily short passage length, con- 


flow 


tinuity calculations would be in error. 

The operational characteristics of the shock-in-rotor supersonic 
compressors are in agreement with those predicted by Kantro- 
witz. As noted in Fig. 24 which presents typical data reported in 

43}, the compressors did not exhibit any discontinuity of opera- 
tion in accelerating through the transonic regime to establish 
supersonic flow in the blade passages. Shadowgraphs taken 
during rotor operation indicated that shock patterns predicted 
for flow regulation at lower than design speeds do indeed exist 
ipstream of the rotor and that transition to started supersonic 
flow occurs gradually and smoothly. In almost all rotors tested 
the weight flow at design speed and above was invariant with 
back pressure; however, the weight flow was less than that 
which would cause the relative inlet flow to be parallel to the 
entrance region on the rearward or suction surface of the blade 
as required by theory. The entrance region is defined [36] as 
that portion of the blade from which Mach waves generated on 
the surface pass upstream ahead of the following blade and 
thereby regulates the inflow velocity. In general, the relative 
inlet flow angles was '/, to 2'/, degrees greater than the entrance 
region blade angle. This variation is thought to be caused by the 
macroscopic leading edge thickness and boundary-layer build up 
at the leading edge which effectively changes the surface slope. 
For the few cases in which the weight flow did not remain con- 
stant with back pressure at design speeds and above, either the 
contraction ratio was too great to permit starting, or for the case 
shown in Fig. 24 the passage normal shock caused a laminar-type 
separation of the flow which was propagated forward into the 
entrance region. 

An attempt to use external compression to increase the starting 
-ontraction ratio and pressure recovery of the rotor in a manner 
280 
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utilized in supersonic inlets was made. The shape of the en- 
trance region of the rotor shown in Fig. 23 was altered by plastic 
fairings to focus compression waves on the leading edge of the 
following blade at design speed. The throat area was sized as- 
suming a total pressure loss half that of a normal shock. When 
tested in this condition, the design wave pattern was never 
achieved. A minimum reduction of 7 per cent in weight flow and 
a reduction of 25 per cent in the peak efficiency at design speed 
was observed. 

With increasing empirical knowledge of shock-boundary layer 
separation criteria and supersonic channel diffuser length re- 
quirements, it beeame apparent that separation could not be 
avoided at the tip speeds associated with supersonic shock-in- 
rotor compressors. The reasons for this belief were: (a) the 
starting contraction ratio requirement, and (b) the blade length 
necessary for efficient diffusion in the presence of separation 
would result in thickness chord ratios too low to be mechanically 
practicable. Therefore, research emphasis was placed on develop- 
ing transonic compressors utilizing the experience gained (par- 
ticularly the satisfactory performance obtained with shock-in- 
rotor compressors at transonic speeds) and upon developing high 
pressure ratio shock-in-rotor supersonic compressors. 


Shock-in Stator Supersonic Compressors 

The high-turning all-supersonic impulse type rotor in conjunc- 
tion with efficient shock diffusion in the stators has the capability 
of producing in a single stage the pressure rise associated with 
multistage compressor components of present day turbojet en- 
gines [37, 38]. Two-dimensional cascade studies [44, 45] re- 
vealed that turning angles as great as 120 deg could be obtained 
with relatively low total pressure loss, provided little or no dif- 
fusion of the flow was required. Extremely high energy input 
(in kinetic form) could be accomplished efficiently by the rotor. 
Single passage diffusing stator cascade tests [38] as well as those of 
supersonic inlets indicated high pressure recovery was obtainable 


¥ —————— SPEED PFRCENT DESIGN 


ADIABATIC EFFICIENCY 




















Fig. 24 Typical performance curves shock-in-rotor type 
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at Mach numbers up to 2.5. By making use of variable geometry 
and boundary-layer control by means of suction in the stationary 
blade row of the compressor, the limitations experienced in the 
shock-in-rotor compressors theoretically could be avoided and 
efficient diffusion could be expected. 

Demonstration of the fact that high-turning all-supersonic 
rotors can operate efficiently at high total pressure levels is con- 
tained in [46 and 47]. The rotor of [46], shown in Fig. 25, was 
designed by a quasi-three-dimensional approach utilizing a 
modified two-dimensional supersonic vortex blade section [45]. 
It produced a pressure ratio of 7.2 with an efficiency of 90 per 
cent at an air equivalent tip speed of 1450 feet per second (Fig. 
26). To obtain near-impulse operation of the rotor it was 
necessary to contract the annular area through the rotor. The 
shape of the hub contour was calculated in conjunction with that 
of the blades such that nowhere did the through flow area de- 
crease to less than 90 per cent of the inlet area to ensure starting. 
Although the performance of the rotor in terms of efficiency and 
pressure ratio was better than anticipated for a prototype, the 
radial distribution of existing flow parameters varied considerably 
from that anticipated in its design. 

For rotors of this type, the application of back pressure pro- 
duced a discontinuous reduction in pressure ratio and efficiency 
as the shock moved upstream into the rotor decreasing the work 
input (because the flow turning was beyond axial) and increasing 
the internal rotor losses. ‘The use of properly designed stators 
would prevent the shock movement into the rotor and consequent 
reduction of work input. Although destruction of this plastic 
rotor prevented the complete stage performance evaluation from 
being made, cascade tests indicated that turning and diffusion could 
not be accomplished efficiently in a single stator. It would appear 
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Fig. 26 Performance of impulse-type supersonic compressor rotor (reference [46] ) 
design tip speed 1450 feet per second 
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desirable to turn the rotor exit flow back to the axial direction 
by means of a supersonic stator and diffuse in an annular passage 
which has provision for boundary-layer suction and movable 
components to vary the throat area. Such stators were designed 
and constructed; however, they were never tested as all com- 
pressor research at the NASA was terminated prior to the recon- 
struction of the rotor. 

As a final note, the results of research on supersonic compressors 
conducted at the Lewis Laboratory and reviewed in [48] are in 
general agreement with those obtained at the Langley Laboratory. 


Supersonic Inlet Axial Velocity 


Published results of supersonic compressors have all been ob- 
tained with subsonic axial velocity entering the rotor, for as 
pointed out in [36] it appeared likely that discontinuities in per- 
formance would occur as the normal shock moved downstream in 
the convergent-divergent annulus ahead of the rotor. The point 
was made that, in the case of supersonic aircraft, the use of super- 
sonic inlet axial Mach velocity may be desirable to avoid the 
losses inherent in decelerating through the speed of sound in the 
inlet. With the advent of turbojet powered supersonic flight the 
use of supersonic inlet axial velocity operation was re-examined 
and in particular the inlet-compressor matching problem was ana- 
lyzed. Several preliminary compressor tests were performed in 
conjunction with supersonic annular nozzles; however, since the 
results were preliminary they have not been published. What 
follows is a brief outline of the method of operation and possible 
advantages that could occur due to the use of supersonic compres- 
sors in combination with supersonic axisymmetric inlets. 

When the inlet and compressor are viewed as a complete com- 
pression system at supersonic speeds, the inlet pressure recovery 
plays an increasingly important role in the over-all system ef- 
ficiency. For example, at a Mach number of 2.5, the inlet can 
potentially produce a pressure ratio of 17 whereas the compressor 
pressure ratio may be only 3 or 4 due to the high temperature 
of the inlet air and limited mechanical speed of the compressor. 
If, as first pointed out by Ferri [49, 50], the inlet can be made 
more efficient by not decelerating through the speed of sound, then 
a less efficient supersonic compressor which internally shocks to 
subsonic velocities can produce the same over-all compression 
efficiency as conventional or transonic compressors which are 
limited to subsonic axial inlet velocities. In addition, the sizable 
loss in pressure recovery attributed to viscous effects in diffusing 
to subsonic velocity or pumping drag for boundary-layer control 
can be eliminated, as will be shown later. 

To understand the compressor behavior when operating with 
supersonic axial velocity, assume the compressor to be mounted 
in a test rig behind a converging-diverging annular nozzle. As 
the compressor accelerates from rest and until the flow at the 
throat reaches sonic velocity, the flow at the compressor face has 
the same subsonic velocity it would have in a constant area 
annulus. With increasing speed and the necessity for higher in- 
flow velocity at the compressor, a normal shock must form (with 
real gases) in the divergent portion of the nozzle and gradually 
move downstream toward the rotor. When the rotational speed 
is reached for which the velocity behind the shock at the nozzle 
exit is that required to make the relative flow entering the rotor 
tangent to the entrance region, the normal shock will lie across 
the face of the rotor and be anchored to it so that to the relative 
inlet flow it appears as an oblique shock. Any further increase 
in speed will cause the shock to rotate about the rearward or suc- 
tion surface leading edge and enter the blade passage. The com- 
pressor is then operating at a negative angle of attack with a 
contraction ratio well beyond that for starting based upon the 
relative inlet Mach number and streamtube area. 

If, at a contant tip speed, the axial Mach number could be con- 
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tinuously varied by means of variable annular geometry, the start- 
ing process would be similar ‘to that presented above in that the 
normal shock would move downstream in the nozzle as the throat 
area decreases. There is then a limiting supersonic axial velocity 
for any given rotor below which a shock must exist ahead of the 
rotor and true supersonic entry is not achieved. The compressor 
cannot operate at an inflow Mach number at its face between 
that subsonic value which it induces in a constant area annulus 
and the supersonic Mach number which produces that same 
subsonic Mach number behind a normal shock. 

In flight the forward velocity of the aircraft can provide super- 
sonic inflow velocity to the compressor without the need of a 
Laval nozzle. Because the compressor would probably be 
mounted at or near the cowl lip of an axisymmetric spike inlet, its 
inability to accept a range of transonic inflow velocity would re- 
quire subcritical inlet operation, that is, a bow shock will stand in 
front of the cowl at some flight Mach number. To avoid this 
source of high external drag, the compressor should be designed 
for sonic axial inlet velocity at the design equivalent tip speed, in 
which case the compressor will accept any supersonic inflow ve- 
locity imposed upon it by theinlet. The inlet terminal shock will 
then always remain in the blade passage. For moderate super- 
sonic speeds at the cowl face the shock will be nearly parallel to 
the line formed by the blade leading edges. The compressor per- 
formance characteristics under standard inlet conditions at a 
tip speed of 1400 feet per second would appear as shown in Fig. 27 
where the toal pressure ratio and efficiency have been corrected 
for the additional shock losses due to the leading edge oblique 
shock and higher throat Mach number. It should be noted that 
only a small penalty in compressor performance occurs for com- 
pressor inlet Mach numbers up to 1.3, whereas the inlet pres- 
sure recovery when diffusing to a Mach number of 1.3 may be in- 
creased as much as 6 per cent depending upon inlet design. 
Furthermore, because such a compressor can accept a range of 
weight flows at constant speed, the inlet and compressor could 
be supercritically matched at peak recovery over a range of 
flight speeds without the use of variable geometry or by-pass 
necessary for conventional compressor matching [49]. 

<xperimental verification of the starting and performance 
characteristics were obtained with the rotor of reference [43] in 
conjunction with a Mach number 1.5 annular nozzle. Shadow- 
graphs demonstrated the normal shock movement into the rotor 
with increasing speed as predicted. The rotor efficiency as.a 
function of total pressure ratio at an air equivalent tip speed 
1760 feet per second is shown in Fig. 28 for both a constant area 
annulus and a contoured supersonic nozzle ahead of the rotor. 
The performance of the rotor obtained with the supersonic nozzle 
was, within experimental accuracy, equal to that predicted from 
the constant annulus test corrected for the additional shock 
loss. The static pressure ratio across the rotor was slightly 
greater than 4. The velocity leaving the rotor in both magni- 
tude and direction was identical in both cases. This is to be ex- 
pected in the event that the viscous shock interactions with the 
annular boundaries do not affect or are masked by the internal 
rotor flows because the velocity entering the rotor behind the 
leading edge shock was equal to that obtained in the constant 
area inlet. Thus it appears, in this case at least, that the losses 
due to viscous interaction in decelerating to subsonic velocity in 
inlets can be avoided through the use of supersonic compressors. 

At supersonic flight speeds, the high inlet stagnation tempera- 
tures will preclude compressor operation at a constant equivalent 
tip speed if the takeoff and acceleration potential of the engine is 
not to be seriously compromised. Therefore an examination of 
the operating characteristics of the inlet and compressor under 
constant mechanical speed operation is necessary. At any given 
supersonic flight speed, there is a limiting Mach number at the 
cowl lip below which the rotor leading edge shock cannot be at- 
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Fig. 27 Hypothetical performance characteristics of supersonic compressor de- 
signed for an entrance Mach number of 1.0 operating at a constant equivalent tip 


speed of 1400 feet per second 
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Fig. 28 Performance of supersonic compressor with supersonic inlet 
axial velocity at an air equivalent tip speed of 1760 ft/sec 


tached and the inlet must spill. This limiting Mach number is 
determined by the condition that the vectorial sum of the blade 
speed and the velocity behind the normal shock at the rotor 
leading edge yield a velocity parallel to the entrance region at 
the leading edge. As an illustrative example consider the case of a 
simple 30 degree semiapex angle conical inlet at an altitude above 
35,000 feet. As shown in Fig. 29, the Mach number at the cowl 
face is assumed to be equal to 1.0 up to a flight Mach number of 
1.69 for constant equivalent tip speed operation of the com- 
pressor which acts as a flow inducer. Beyond that flight Mach 
number the cowl face Mach number determined from supersonic 
cone flow theory is supersonic, and the values are shown both on 
the cone surface and at the cowl lip for a fixed geometry inlet de- 
signed for shock-on-lip operation at a flight Mach number of 
2.69. For acompressor operating at constant speed equal to that 
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for design sea level standard conditions, the inlet must spill some 
flow by means of a bow shock between Mach numbers of 1.2 and 
1.9 because the inlet delivered Mach number is less than the 
limiting Mach number. If, however, the compressor is pro- 
grammed to operate at constant equivalent tip speed at sea level 
up to a flight Mach number of 1.0 (the so-called Mach 1.0 engine), 
and hold constant mechanical speed thereafter, then at high al- 
titude the compressor will accept full inlet flow at all speeds. The 
divergence between cowl face Mach number and the limiting 
compressor inlet Mach number, furthermore, is a measure of the 
angle of attack variation that may be permitted without penalty 
in compressor or inlet performance as the leading edge shock in 
the rotor will vary in strength circumferentially such that throat 
Mach number in the blade passage will remain nearly constant 
and the rotor discharge flow will be essentially unaffected. The 
compressor-turbine matching problem has not been investigated 
other than to determine that the turbine nozzle will be capable of 
passing the full compressor flow at all conditions. For fixed tur- 
bine inlet temperature it may be necessary to employ movable tur- 
bine nozzles for constant speed operation. 

In summary, it appears that the application of a supersonic 
compressor with supersonic inlet axial velocity may be attractive 
for use at supersonic flight Mach numbers in that such compres- 
sors appear to be capable of operation with a fixed geometry 
axisymmetric inlet without spillage over the entire flight spec- 
trum with a consequent reduction in complexity and saving in 
weight. 

Several special techniques were developed for observing flow 
in transonic and supersonic cascades and compressors. These 
techniques included the use of a two-pass schlieren system to 
photograph waves upstream of supersonic rotors, a shadowgraph 
method of photographing wave patterns in supersonic [43] and 
transonic rotors [28], and an inexpensive, easily adjusted diffrac- 
tion-grating interferometer [51]. In photographing transonic 
cascade flows, the use of color schlieren proved to be of technical 
as wellasartistic interest since local recompression regions were ob- 
served which were not anticipated nor noticed in black and white 
schlieren photographs. Some of these techniques were used in 
making the film which was shown when this paper was presented. 
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Fig. 29 Operating limits for supersonic compressor at altitudes above 35,000 feet with 
30 deg semiangle conical inlet designed for flight Mach number of 2.69 deg 
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Some Investigations Into Transonic Axial- 
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Flow Compressors With High Stage Load 
Coefficients and Low Degrees of Reaction 


A design for a transonic axial-flow compressor is described, in which a rotor wheel 
with a low degree of reaction operates in subsonic flow and the stator operates in super- 


sonic flow. 


A compressor was run as a single-stage compressor and an outlet pressure ratio equal 
to that of an orthodox compressor with 4 stages. 

Some discussion of another compressor in which both the rotor wheel and the stator 
operate in supersonic flow is also given. 


Introduction 


ie turbo jet engines as currently developed cover 
the entire practical power range required for civil application. 
Therefore, the reduction of these engines in their size and weight 
must become our primary objective. With this reduction 
increase in payload ability will be realized. 

This paper describes an approach made by SNECMA' to the 
development of transonic compressors for gas turbine engines. 
In these compressors the number of stages required for a given 
outlet pressure can be greatly reduced. An engine retrofitted 
with such a compressor can be made as much as 30 per cent 
shorter and lighter. Fig. 1 illustrates this by comparing two 
transonic compressors with a conventional type. 


Program 

Two compressors were designed for the two phases of the 
development program. 

Phase 1: The compressor designed for this phase had a rotor 
wheel operating in subsonic flow and a downstream stator operat- 
ing in supersonic flow. Even with high stage load coefficients, 
such a wheel can only replace part of an orthodox compressor. It 
was, therefore, decided to use the wheels together with at least 
three stages of a conventional design located upstream. 

Phase 2: In this design both the rotor wheel and the down- 
stream stator were to operate in supersonic flow which would 
be relative at the wheel and absolute at the stator. In this 
design, one stage could be substituted for seven or eight stages of 
a conventional compressor. 

Fig. 1 shows a schematic sketch of three different compressors 
based on the same performance output. The upper design is a 
conventional subsonic axial flow compressor. The middle 
design shows a compressor using three conventional stages 
followed by one of the S-1 type and at the bottom is shown a 
8-2 type compressor (Phase 2). It will be seen that the over-all 
length of the S-1 combination type compressor is about 77 per 
cent and the S-2 type compressor is 42 per cent of the length 
of the conventional type. 


1 Société Nationale d’Etudes et de Construction des Moteurs 
d’Aviation, Paris, France. This paper is presented with the special 
permission of SNECMA. 

Contributed by the Gas Turbine Power Division and presented at 
the Winter Annual Meeting, New York, N. Y., November 27—Decem- 
ber 2, 1960, of Tue American Society OF MECHANICAL ENGINEERS. 
Manuscript received at ASME Headquarters, October 12, 1960. 
Paper No. 60—WA-310. 
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Technical Approach 


Design Description of the S-1 Compressor (Phase 1). The S-1 (Fig. 
2) represented a development of the ‘“Schicht’’? fans which had 
high pressure coefficients but low Mach numbers. Although 
these fans are within the field of axial flow compressors, an 
analogy exists with the “‘Sirocco’’* design in the field of centrifugal 
compressors in the sense that the wheel is designed for low degrees 
of reaction. 

The deflection in the Schicht fan was very high and the 
relative velocities entering and leaving the wheel at the hub are 
symetrical to the axis. Although the pressure coefficient is high, 
the obtainable pressure ratio is low because of the tip speed 
limitations necessary to avoid the absolute velocities of the 
flow entering the downstream stator from reaching dangerous 
Mach numbers. 

Therefore such a wheel can only develop high performance 
using high wheel velocities so that the relative velocity of flow 
at the wheel is just below the critical speed, while the absolute 
velocity entering the downstream stator is definitely supercritical. 

This design philosophy was followed because the flow prob- 
lems at the stator are less complex than those at the wheel; 
the stator can handle supersonic velocities better because the 
flow is not complicated by centrifugal forces which are always 
present at the rotor. 

Fig. 3 shows how the energy concentration was achieved by in- 
creasing the applied Mach number at the different stages. 

In the conventional design (annotated 101), the applied Mach 
numbers’ range was between 0.4 and 0.8. 

In the combined design, S-1, the first three stages show the 
same Mach number distribution, but the outlet guide vane is 
exposed to Mach numbers of more than 1.3. 

The single stage version, S-2, shows Mach numbers up to 
1.5 in both the rotor and the stator. 

Certain initial assumptions had to be made, such as efficiencies 
and boundary layer effects. The first assumption to be con- 
sidered was the rotor efficiency. 

Since the velocity field through the rotor cascade was sub- 
critical, the rotor blade efficiency of nz = 0.94 was reasonable, as 
obtained several times in previous results on conventionally 
designed wheels. As seen from Fig. 2, the inlet guide vane had 
very little load; the pressure drop was therefore neglected. 

From Fig. 4, we read that the net outcome was Hyq = 25,000 ft 
lb/Ib or that gross input was equivalent to H.s: = 29,000 ft lb/Ib. 

*Schicht: Axial flow fan with a low degree of reaction similar in 


function to the Sirocco design. 
* Sirocco: Squirrel type fan design. 
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Fig. 1 A dimensional comparison between a conventional compressor (Atar 101), the S-1 
compressor preceded by three conventional stages, and the one-stage S-2 compressor 
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Fig.2 A cross section of the S-1 compressor. 
diameter denoted by the section line "A-B.” 


In other words, the over-all efficiency was expected to be in the 
neighborhood of nwt = 0.86. This means an 8 per cent loss in 
the stator, 5 per cent due to friction losses and 3 per cent due to 
shock losses at the design point. 

The stage load coefficient err = 2gHer:/u* varies from Wert = 
3.1 at the hub to Werr = 1.7 at the tip. Conventionally designed 
compressors normally do not exceed Wert = 0.6 at the tip. The 
8-1, therefore, presented a 183 per cent higher load per stage. 

The limitations in stage load were due to the relative inlet 
velocity to the wheel at the tip and to the relative exit velocity 
at the hub, neither of which should exceed predicted subcritical 
Mach numbers depending cn the blade profile thickness. 

The values given in the following were chosen as the best com- 
promise to meet the limitations described in the foregoing. 
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Below this, sections of the blades are given with the mean 


1 Diameter ratio D,/D, = 0.74 

2 Relative velocities definitely subcritical. 

3 Exit angle of the absolute velocities a2 = 30 deg. 

4 Absolute velocities should be supercritical over the blade 
height. 

The last requirement was not met at the tip. Therefore, the 
convergent part between the rotor and the stator accelerates and 
turns the velocity vectors so that the inlet conditions to the 
stator become not only more uniform, but definitely supercritical 
over the whole blade height. It also has the effect that the angle 
of flow to the stator (a2) becomes approximately 30 deg. 

After the fluid leaves the wheel, its vectors have a certain 
value and direction at different radii. This fluid, after it leaves 
the wheel, maintains its momentum of impulse (C,r = constant). 
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Fig. 3 Presents the distribution of Mach number along a mean diameter 
of the compressor. These Mach bers, in all instances, are in reference 
to the velocity of sound at any critical throat area at which the Mach 
number 1.0 is reached from initial entry conditions of P, and Ty (total). 
it has been proposed that this should be called the “Laval Number"; 
however, in this report, the term “Mach number" has been used under 
the above definition. 
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Fig. 4 A table giving the design characteristics of the wheel of the 
S-1 compressor. They are based on inlet temperatures which would 
occur with a three orthodox stage compressor ahead of the S-1. Ambient 
inlet pressures were used when the compressor was run as a single-stage. 


Transforming the velocity field into the axial system (as we 
do when we transfer the oblique shock into a straight one in 
order to apply the same mathematical equations), we realize 
that all axial components, referred to the axial system, are still 
subcritical. 

By converging the axial flow channel, downstream of the wheel, 
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Fig. 5 A photograph of the top view of a rotor blade of the S-1 compres- 
sor 
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Fig. 6 A vector diagram which shows change in the vectors due to con- 
vergence of channel as it affects the axial velocity component 


the axial component increases, while the tangential components 
show only a slight variance. 

With this in mind, and to make sure that we would not have 
any unsteady and any undefined condition in the radial dis- 
tributions at the inlet of the following stator, the design of the 
channel between the wheel and the following stator was our 
first concern. 

Fig. 6 presents schematically, the vector diagram for the mean 
diameter. The next concern was the disturbance to the flow 
due to any obstacle such as a stator blade. 

With reference to the axis, any Mach line is still inclined 
toward the upstream part. If any shock wave is produced by 
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Fig. 7 Performance curve of the compressor S-1 in the form: H.a/T, 
versus the flow factor W \/ T,/(P,Dr) 


the stator blade, it will travel upstream and affect the flow 
through the wheel. This leads to a third concern which was to 
obtain expansion waves rather than compression waves to aid 
acceleration of the fluid before it reaches the stator. In order to 
obtain this, the stator blades were given a positive angle-of- 
incidence thus creating an expansion sector. At this point, a 
phenomenon may be noted without discussing it further. The 
stator row presents a cascade of infinite length. Starting from 
one leading edge, and drawing its expansion sector, the next 
blade already sees a deviated and accelerated velocity which 
means its effective angle of incidence has already been decreased. 
This then applies to the next one which is even more pro- 
nounced. Going all around and coming back to the first 
one, we finally find that even the first one could not have that 
angle of incidence and, therefore, could not create the expansion 
sector we started with. In other words, between the wheel and 
the leading edges of the stator, an expansion field will build up 
which cannot be presented by any kind of Mach lines. 

Another feature of the blade design was to insure separation 
of the supercritical part from the deviation which was designed 
only into the subcritical end of the blades. 

Aerodynamic Characteristics. ‘The S-1 compressor consisted of 
a rotor wheel having a degree of reaction approaching zero fol- 
lowed by the stator operating in supersonic flow. Design data 
of the S-1 are given in Fig. 4. It was assumed that three 
stages of the conventionally designed compressor of the Atar 
101 engine were to be employed upstream of the S-1. 

At sea level conditions, the inlet total pressure of the S-1 
amounts to Pitot = 31 psia and a total temperature of 660 deg R. 
With the respective density, the static volume flow amounts to 
91 ft3/sec based on a weight flow of 113 lb/sec. 

A specific adiabatic head of 25,000 ft lb/lb could be achieved 
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Fig. 8 A nondimensional performance curve given in the form of the 
pressure coefficient (¥) plotted against the flow coefficient (4) derived 
from the data given in Fig. 7. Note: The design point coincides with 
the data obtained experimentally. 


in the S-1 stage. The preceding three stages from the con- 
ventional compressor would deliver an adiabatic head of Hua = 
24,300 ft lb/lb which amounts to a total energy developed in 
combination with the S-1 of Haq 49,300 ft Ib/Ib. 

Constructional Details. For test purposes, a scaled-down wheel was 
designed for a power input of 1500 kw; the dimensions and 
geometry of this wheel are given in Figs. 2 and 4. 

The lower part of the sketch (Fig. 2) shows the profiles and 
arrangements of the blades at one mean diametrical section. 
The gap between the trailing edge of the inlet guide vane and the 
leading edges of the rotor blades was provided to obtain enough 
space for instrumentation and to insure accurate readings with- 
out interference with the wakes of the inlet guide vanes or of the 
rotating stagnation zones of the rotor. The large gap between 
the rotor trailing edges and the leading edges of the outlet 
stator was necessary partly for the same reason, but mainly 
because of the convergence of the annular channel. 


Test Conditions 


In order that standard instrumentation could be used, the 
scaled-down rotor wheel was run at about 60 per cent of its 
maximum design speed to insure that the Mach number of the 
exit velocity remained subcritical. 

The tests were run at an ambient inlet temperature of approx- 
imately 520 deg R. For a given adiabatic head of approximately 
25,000 ft Ib/Ib, the available hp of 1500 kw permitted a weight 
flow of 30.4 lb/sec which dictated a rotor tip diameter of 21.3 in., 
but maintained the diameter ratio D,/D, = 0.74. 
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Test Results 

Fig. 7 shows plots of H/7; against W VT;/(P:D:2) for speeds 
N/+/T. From this, Fig. 8 is derived, showing the pressure co- 
efficient versus flow coefficient @ using the definitions: 


g gravitational constant 
= adiabatic head 
u = tipspeed 


C,, = axial component of the inlet velocity to the wheel 


Conclusions 


Although work at SNECMA was not continued on these 
investigations and the test results are therefore limited, the close 
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agreement between the theoretical pressure rise and that ob- 
tained on test is very encouraging. It is considered that more 
work on this concept would provide further information which 
could be applied to the design of transonic axial-flow compressors 
much shorter and lighter than those of orthodox design. 

Some consideration has already been given to further possible 
developments. In Fig. 1 the configuration of the stator blade 
shows a one-piece blade, the supersonic field being in the straight 
part of it, while the deflection takes place in the subcritical region. 
Since it is well known that the boundary layer is much affected 
by shock waves, another design was envisaged using slotted 
blades. 
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The J83 Seven-Stage 
Transonic Compressor 


The J83 turbojet engine was a high-performance, lightweight engine with a maximum 


thrust of 2450 lb, a diameter of 18 in., and a weight of approximately 300 Ib. 


The com- 


pressor for this engine was a seven-stage, transonic, axial-flow compressor with an inlet 
tip diameter of 15.2 in. and a hub-tip ratio of 0.433. Details of the aero-thermodynamic 
design of this compressor and the problems encountered during its development are given 


in this paper. 


Introduction 


URING the early 1950’s the NACA conducted a 
research program on transonic compressors, the high light of 
the program being the publication of reference [1].1_ During the 
early part of this program, the Fairchild Engine Division was 
awarded a contract to design and construct a small turbojet 
engine. At that time the future of the transonic compressor 
was beginning to look very promising, so a seven-stage transonic 
machine was selected as the compressor component for this 
engine, the J83. 


The J83 Turbojet Engine 


Design Features. The J83 turbojet engine was a high-perform- 
ance, lightweight engine with a transonic axial-flow compressor, 
annular burner, two-stage turbine, and fixed-area nozzle. The 
engine structure was amenable to the addition of afterburner, 


1 Numbers in brackets designate References at end of paper. 

Contributed by Gas Turbine Power Division and presented at the 
Winter Annual Meeting, New York, N. Y., November 27—December 
2, 1960, of Tae American Society OF MECHANICAL ENGINEERS. 
Manuscript received at ASME Headquarters, July 26, 1960. Paper 
No. 60—WA-93. 


Fig. 1 
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variable-area nozzle, and aerodynamic thrust-reversal device. 
The engine was controlled with a hydromechanical speed-density 
governor with temperature trim. 


Dimensions and weight 
Basic engine diameter, in 
Over-all length including nose bullet, in 
Dry weight, lb 


Design performance at standard sea-level conditions 

Specific fuel 

consumption, 

Ib/hr/|b 

thrust 
0.94 
0.88 
0.87 


Jet thrust, 
Ib 


Rating 
Military 
Nowa 3). bs05.0 25. 2000 
Cruise 1500 


Rpm 
16150 
15470 
14720 


Absolute Altitude. The absolute altitude of the engine was to 
be not Jess than 60,000 ft at 2.2 ram ratio. 

Operational Altitude. The operational altitude of the engine 
was to be not less than 60,000 ft. 

The over-all J83 program called for a fully rated, 15-hr qualified 
missile engine; a fully qualified, 150-hr, long-life, man-carrying 
engine; and an afterburning version. 


Cutaway view of J83 engine 
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Fig.2 Cross section of J83 engine 


Engine Construction. Fig. 1 shows a cutaway view of the en- 
gine and Fig. 2 a cross section. The low weight of the engine 
is apparent from the slim compressor disks, the small blade 
footings, the built-up casing, and other design features, such as 
the use of the first-stage stator as a bearing support and the 
hollow drum-type construction of the main rotating assembly. 
The engine was supported on two main bearings and was of all 
steel construction, although alternate designs utilizing titanium, 
aluminum, and glass-fiber-reinforced plastics were also developed 
to provide further weight reduction 


Compressor Aero- Thermodynamic Design 


Design-Point Selection. In formulating the design of a compressor 
for an engine that has low SFC cruise requirements, high take-off 
thrust, high Mach-number capability at moderate altitudes, 
and at the same time minimum weight, the selection of design 
point is quite critical. In view of the low weight requirement, 
a transonic compressor with the minimum number of stages was 
selected. Preliminary studies were made wherein various design 
points were selected and several flow paths analyzed, together 
with their performance maps. The results indicated that all 
contractual requirements could best be met by (a) sizing the com- 
pressor to meet the maximum overspeed requirements of flow 
and pressure ratio, and (6) stacking the individual blade-incidence 
angles to insure that peak efficiency was obtained under the 
The overspeed design point selected was at 
At this speed 


cruise conditions. 
a corrected tip speed of 1127 fps at 17,000 rpm. 
the compressor was designed to pass 43.55 lb per sec air flow at 
@ pressure ratio of 8.4 to 1. At rated speed the design point 
(as shown later on the compressor maps) was at a pressure ratio 
of 7:1, weight flow of 42.3 lb per sec, efficiency of 83 per cent, 
and corrected speed of 16,150 rpm. Seven stages of transonic 
blading were required with an inlet diameter of 15.2 in. and a 
hub-tip ratio of 0.433. This design resulted in an inlet axial 
Mach number of M = 0.68 

Compressor Design. It was the opinion of the design department 
that minimum compressor weight would result if the tip were 
tapered inward. The use of a constant hub diameter would 
have resulted in additional stages, so the diameter was at first 
maintained constant at the root-mean-square, and a compressor 
was designed. This type of design results in a curved outer 
wall; therefore, to ease construction, a straight outer wall was 
used starting at the entrance of the first stage and ending at the 
exit of the last. The compressor was then redesigned using this 
new outer wall. The design flow path was of the repeating-stage, 
free-vortex type. The velocity distribution entering the first stage 
was determined from full-size mock-up tests. Two first- 
stage designs were completed, one in which all the profile was re- 
moved in the rotor, and one in which the profile was straightened 
in the first two rows. Each rotor was designed to take the maxi- 
mum aerodynamic loading possible within the state-of-the-art 
knowledge existing at the time except for the first rotor, which 
had a lower loading because of first-stage stator Mach-number 
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Fig. 3 Blade-velocity diagram 


limitations at the hub. Fig. 3 is a typical blade-velocity diagram, 
and Table 1 gives the velocities entering and leaving all stages 
as well as other pertinent information. Fig. 4 lists the blade- 
angle notation, while Table 2 gives the compressor-blade and 
channel data. Note the high solidities at the hubs of the rotor 
blades. These values were used to keep the blade loading 
(D-factor) at a minimum. 

The first rotor was designed to give a Reynolds number of 
200,000 based on chord and hub conditions at 40,000 ft, Mach 
0.8. The other rotors were then calculated to provide the same 
Reynolds number. However, this resulted in chords in the 
last rotor of only '/, in., and the design and production depart- 
ments were skeptical as to whether these blades could be manu- 
factured with any degree of accuracy. The solution was a com- 
promise resulting in the chords as listed in the table. Table 
3 lists the resulting Reynolds numbers of the rotors, and Table 4 
gives the values for the stators. 

Fig. 5 shows the rotating assembly with both compressor and 
turbine blades in place. 
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Table 2 Compressor-blade and channel data 





Devia- 
tlon 
Angle 


8 


Stagger 
Angle 


iv 


Leading 
and 
Trailing 
Edge 
Radii 
Inches 


Number 
of 
Blades 


Stage 
HUB 


Inches 


Entrance Entrance 


Radius, |Radius, 


Stage 
HUB 


Inches 





0.00 


-20 


-010 


31 





-010 





STATOR NO. | 


+010 


23 





08 
3 
te) 


010 





ROTOR NO. 2 


+010 


43 





-010 





STATOR NO. 2 


-010 


52 





-010 





ROTOR NO. 3 


-010 





-010 





STATOR NO. 3 


+010 





-010 





ROTOR NO. 4 


-010 





-010 





STATOR WO. 4 


-010 





+010 





ROTOR NO. 5 
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STATOR NO. 6 
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Table 3 Rotor Reynolds numbers 
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671,282 
298,544 
718,570 
313,656 
754, 944 
346,550 
634,117 
364,434 


817,163 


Tip 


353, 500 
650, 745 


391, 


- Mach No. 


« (40,000 - Mach No. 


SLS 


. (40,000 


+ (40,000 

924,643 

385,250 Alt. (40,000 
927,263 
415,540 
1,000, 168 
430,398 


1,035, 930 


- Mach No. 


- Mach No- 


- Mach No. 


- Mach No. 


- Mach No. 


Stetor 


Stator 


Stator 


Stetor 


Stator 


Stator 


Table 4 Stator Reynolds numbers 


Root 


306,475 
737, 660 
205, 767 
495,265 
202, 456 
487,295 
216,461 
521,001 
239,918 
577, 462 
261,194 
628,672 
542, 136 
1,304,875 


Lp 


291,716 
702,135 
195, 943 
471,617 
195,216 
469, 868 
210,359 
506,316 
234,349 
564,058 
255,410 
614, 751 
530, 762 

1,277,497 


Alt. (40,000 
SLs 
Alt. (40,000 


SLS 
Alt. (40,000 


SLS 


Alt. (40,000 
SLS 
Alt. (40,000 
SLs 
Alt. (40,000 
SLS 


= Mach Wo. 
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Compressor Development 


Test of First Two Stages. At the time of the J83 design, new facili- 
ties for compressor and turbine testing were in the process of 
construction. These consisted of a 1500-hp electric drive for 
single-stage testing and an 8000-hp electric drive for multistage 
evaluation. There did exist at the time a compressor rig driven 
by a 1000-hp engine, so the first two stages were constructed as 
quickly as possible and put on test. However, the compressor- 
exhaust system, which had to be diverted around the gearbox, 
offered too great a restriction to the high-velocity flow, and all 
the data obtained were to the left of the design point. As all 
the points taken at a variety of speeds were in the rotating-stall 
zone, the compressor failed after several hours of testing. A later 
analysis of the failure disclosed fatigue cracks in the few unbroken 
blades, and many of the cross sections of the failed blades showed 
evidence of fatigue. 

The aerodynamic data were not very revealing. The curves 
were in the stalled region and seemed pointed in the right direc- 
tion, but other than that, little information was obtained. 

The First Multistage Test. There was a long lapse of time be- 
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Fig. 4 Blade-angle notation 


tween the first and second tests. Construction of the new test 
rigs had to be completed, and this was followed by the usual 
“‘debugging’”’ process. By this time, construction of the first 
engines was well under way, and it was imperative that informa- 
tion be obtained on a multistage unit. It was, thus, with great 
expectancy that the first seven-stage compressor went on test. 
The results were simply miserable. At design speed the air flow 
was about half what it should have been, the pressure ratio was 
very low, and the efficiency was in the 40’s and 50’s. An in- 
spection of the wall static taps indicated that the first stage was 
producing close to design pressure ratio even at the low flows, 
but all the other stages were obviously in stall. Moreover, the 
test rig showed heavy vibration, the hot wires burned out almost 
immediately, and only the magnetic pickups at the tips of the 
rotor blades enabled us to stay out of regions of dangerous blade 
vibration. These conditions were encountered at almost every 
speed because of the stalled condition of the blades. The mag- 
netic pickups had been installed at the suggestion of engineers 
in the Compressor Division of NACA; they proved to be the 
most useful instrument for detecting blade vibration, and be- 
cause of their use very few failures occurred throughout the test 
program. 

Single-Stage Tests. Shortly after the first multistage test, a 
series of single-stage tests was begun, the rotor of each stage 
being tested both with and without the following stator. The 
results showed that, with the exception of the first stage, all 
stages were low in temperature rise at the design point. Be- 
cause of this, although the efficiencies were good, the pressure 
ratio was low. In the multistage machine this accumulative 
deficiency in pressure resulted in early choking in the last row. 
Because of the choking, the machine could not pass sufficient air 
to ‘‘start’’ or unstall the blades even at design speed. 

The reason for the low temperature rise has always been some- 
thing of a mystery. The blades were designed using the best 
information available at the time, which consisted of Carter’s 
rule and the empirical deviations recommended by NACA for 
transonic-compressor design. Substantially the same method 
has since been published in reference [1] and has usually proved 
to be very satisfactory. The one design feature that may have 
caused the variation was the use of high solidities (2.5 for most 
rotor hubs). It is possible that the additional length of chord 
did not provide the additional turning indicated by the calcula- 
tions. 

Second-Pass Blades. Two new sets of rotor blades were designed 
based on the single-stage tests. The first set used the same in- 
cidence angles as the original blades but provided additional 
camber to make up the deficiency in temperature rise. The 
second set also employed the additional camber but was designed 
with a constant incidence angle of 3 deg for all blades. The 
successful NACA five-stage compressor [7! had used this con- 


Fig.5 Compressor and turbine rotating assembly 
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stant 3 deg, and it was felt that every precaution should be taken 
to obtain the best blades in the shortest possible time. 

Five-Stage Tests. Concurrently with the single-stage 
a test was run on the last five stages of the multistage unit. 
This compressor ‘‘started’’ with no trouble, and a complete com- 
pressor map was obtained. The results bore out the single-stage 
results. The efficiency of each stage, as shown by the inter- 
stage measurements, was good; the efficiency of the entire 
five-stage compressor was low because of the over-all low tem- 
perature rise and the resulting mismatch. The pressure ratio and 
flow were low as was expected. At the time, the broaching 
fixtures for each rotor were of a fixed design and the blades 
could not be reset to gain the desired exit angle, so it was decided 
to try twisting the blades. This was done and the results were 
mechanically very successful. An improvement was also made in 
the compressor pressure ratio and flow; however, as the twist was 
greatest at the tip and diminished to nothing at the hub, a 
distorted profile appeared at the discharge, the tip temperature 
rise through the compressor being much higher than that at the 
hub. 

Three five-stage tests were run with improvements taking 


tests, 


place at each change, and it was found that the blades could 
be cambered as well as twisted. 

First Seven-Stage Test. Initial attempts to test the seven-stage 
compressor had proved unsuccessful because the compressor 
remained in a stalled condition with wide-open throttles and full 
suction up to design speed. A similar problem had been circum- 
vented in the prototype-engine program through the adaptation 
of interstage bleed, so a decision was made to employ the same 
antistall device on the compressor test rig. The location of 
the bleed ports was determined by an examination of the inter- 
stage static pressures obtained on the first unsuccessful test of 
the seven-stage unit. 

The highest static pressure 
after the fourth stage, so bleed holes were drilled between the 


obtained was found to exist just 


fourth-stage stator vanes, and a manifold was constructed around 
The 


manifold discharged into a duct through a valve that could be 


the compressor at this location to collect the bleed air. 


opened or closed. 
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Fig. 6 Performance of early seven-stage compressor 


Following the tests of the five-stage compressor, the first suc- 
cessful test of a seven-stage compressor was made. Fig. 6 shows 
the results of these tests. At the design speed of 16,150 rpm, 
the pressure ratio was 6:1 instead of 7:1, the weight flow was 
38.5 lb per sec instead of the design value of 42.3, and the effi- 
ciency was 13 points shy of the desired 83 per cent. Shown on the 
curve is an interim design point, which was a necessary goal for 
obtaining specified interim engine performance. 

One fact of interest may be seen from the curve. The points 
in black were taken with the throttles and the fourth-stage bleed 


open. At the higher speeds these points are, as might be ex- 


296 / suty 1961 


pected, at the bottom of the choked portion of the curve and 
are displaced by the amount of air being bled off, the air flow 
being measured at the inlet. The efficiencies are at corresponding 
locations. However, at low speeds, even with the throttles wide 
open, the compressor went into a stalled condition as soon as 
the bleed was closed, and the curves as shown were taken entirely 
in the stalled range. No data could be taken between 11,000 
and 13,600 rpm because of severe vibration of the test rig. There 
probably existed somewhere in this region a one-point curve. 

One favorable sign may be noted. The efficiencies of several 
of the bleed points were high, indicating that the problem was 
mostly one of mismatch. A later test in which a full map was 
made with the bleed open verified the data and produced effi- 
ciencies in the low 80’s at high speeds. 
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Fig. 7 Interstage data, first three stages 

Interstage Data. The compressor, as tested, was instrumented 
between each stage with five total-pressure probes and five total- 
temperature probes inserted as rakes from hub to tip across the 
passage. Data from the first three stages are shown in Fig. 7. 
Note that in this test the air flow appears to be limited by the 
first stage, while stage three is operating on the stalled portion 
of the curve with a low pressure ratio even at the peak point. 
The best performance of these three stages in combination would 
be obtained at the corresponding points on the right of each 
curve. The efficiencies are obviously incorrect, and one has to 
reapportion mentally some of the high efficiency of the first stage 
to the next stage or two. 
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Fig. 8 Interstage data, last four stages 

Fig. 8 shows the performance of the last four stages. Here 
the pressure-ratio curves appear to have the proper shape and 
are not too far off from the design values. The corresponding 
points on the right of each curve, however, are now also on the 
bottom; thus the last four are not very happily married to the 
first three. Stage three, which was stalled and producing low 
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pressure ratio, was the apparent offender. If its pressure ratio 
could be brought up, a much better match would be obtained. 
But stage three subsequently proved to be surprisingly stubborn, 
probably because of the poor profile being handed to it by the 
first two stages. Moreover, even if one prorated the high effi- 
ciencies shown by stage six to the other three, the results would 
certainly not be outstanding. There was much work to be done. 

Altitude Tests. At this time, in spite of the compressor mis- 
match, it became necessary to conduct altitude tests, as the 
military personnel had always been concerned as to whether 
such a relatively small compressor could perform well at altitude. 
In the not too distant past, Robert Pinnes had presented in ref- 
erence [2] a fairly convincing correlation of data based on com- 
pressor diameter as the governing length in the Reynolds number. 
Tests run by NACA and presented in references [3] and [4] 
tended to bear this out. In the NACA tests the chords of the 
first two stages of an efficient test compressor had been increased 
so as to double the Reynolds number based on chord, but the 
compressor performance had deteriorated at approximately the 
same inlet pressure. 

The performance of the compgessor, slightly modified in ac- 
cordance with previous test data, was defined at altitude in an 
attempt to evaluate the Reynolds-number effect on the compres- 
sor. In the first test the inlet pressure was reduced to 7.35 in. 
Hg abs. This represented a pressure altitude of 45,000 ft at 
a flight Mach number of 0.9. On a standard-temperature-day 
Reynolds-number basis, the simulated altitude was 48,000 ft. 
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Fig. 9 Performance at altitude, P,| = 7.35 in. Hg 
Fig. 9 shows a comparison of the sea-level tests (solid lines) with 
the altitude tests (shown only as points), indicating that virtually 
no deterioration in performance appeared at this flight condition 
at a corrected speed of 16,150 rpm 

In the second test the inlet. pressure was reduced to 3.3 in. 
Hg abs, corresponding to a pressure altitude of approximately 
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Fig. 10 Performance at altitude, P; = 3.3 in. Hg 
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62,000 ft at a flight Mach number of 0.9. The simulated altitude 
on a Reynolds-number basis was 65,000 ft at this Mach number. 
Under these conditions a change in air flow and pressure ratio 
was observed, Fig. 10. The efficiency, however, remained un- 
changed, a result that was never quite believed. Nevertheless, 
the over-all deterioration was even less than had been optimisti- 
cally predicted. 

Reynolds Number. The Reynolds number has always played an 
important part in the performance of turbomachinery, but the 
size of the number is so dependent upon the length chosen, 
whether compressor diameter, blade chord, vane length, and 
the like, that correlation has been difficult. A discussion of 
a possible substitute may be found in the Appendix. 

Interim Compressor and Some of the Problems Involved. During 
the next several months, multistage compressor testing was 
carried out on a high-priority basis to assist in the finalization 
of an interim engine-compressor design. Two seven-stage car- 
tridges were put into operation with two rotating assemblies for 
each cartridge, giving four different rotating assemblies which 
were tested in sequence. Maximum rate of testing reached 
about three tests every two weeks. In detail, the aerodynamic 
approach for the program provided four courses of action and 
a goal for each of the four rotating assemblies, as follows: 

Unit 1 was aimed at obtaining better over-all efficiency by the 
selection of stages that showed good efficiency in the previous 
tests. 

Unit 2 contained the first two stages whose interstage perform- 
These two stages combined gave ex- 


ance was shown in Fig. 7. 
The remaining 


cellent performance and high pressure ratio. 
stages were recalculated to match these two. 

Unit 3 was based on the calculated volume the turbine was 
capable of handling, and blades were selected to produce this 
volume. 

Unit 4 was aimed at obtaining final design pressure ratio and 
air flow, if necessary at lower (interim) efficiencies. 

Rotor-blade aerodynamic modifications were obtained in 
various ways by: 

1 Mechanically twisting and cambering in separate steps. 

2 Resetting of blade angles by blade footing or disk-slot- 
angle changes. 

3 The cold-coining process, which was a refinement in that 
one operation set the desired leaving and entering angles on the 
blade. 

4 The use of new redesigned blading machined from solid 
barstock. 


The “brute-force” method of running many tests in the shortest 
possible time was used in preference to the more straightforward 
method of testing one compressor, correcting the poor stages, 
and then rerunning. The latter method would have been more 
time-consuming and the test cell would have been idle during the 
several weeks it took to rebroach a slot or cold-coin a set of 
blades. Moreover, we were not too sure of our results; interstage 
data such as shown in Figs. 7 and 8 (which comprised one of the 
better sets) gave peak stage efficiencies that varied from 75 to 
101 per cent. Further, as the amount of data increased, it 
was found that good stages were not always good either in dif- 
ferent cartridges or in the same cartridge, and this included stage 
one. Quite often (and consistently for some stages), it was found 
that a stage that showed good total pressure-ratio and efficiency 
characteristics gave a very low static-pressure ratio, and these 
were checked, rake to rake and probe to probe, so that bad in- 
struments could be eliminated. Conversely, some stages that 
had high static-pressure ratios indicated low total-pressure ratios 
and low efficiencies. 

One of the factors causing a large loss of time was the fact that 
the compressor test rig was a new facility and had its share of 
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problems. Following is a typical excerpt from one of the mechani- 
cal reports: 

“All parts were received for the extended capsule which per- 
mitted actuated probe installation in the latter stages of the com- 
pressor without interference with the discharge collector housing. 
Initial testing with this configuration was limited to 95 per cent 
compressor design speed due to vibration. After the first test, 
activity was instigated to determine and eliminate the source of 
vibration. Immediate steps included reduction of spline en- 
gagement length on the quills, reduction in weight of quill shafts, 
stiffening forward supports of the rig holding the cartridge, and 
increasing the hydraulic loading of the collector bearings. These 
items improved the vibration and permitted running at 100 per 
cent speed. However, when surge was encountered abnormal 
loadings were produced in the system, damaging a cartridge on 
test (Cartridge 5, Test No. 13). Various approaches were tried 
including use of new bearings with lower clearances and higher 
hydraulic loadings, measuring thermal growth of system com- 
ponents, and tightening alignment procedures in an effort to 
eliminate forces which contribute to an operating shaft unbalance. 
Little success was achieved. 

“A deflection test was performed on the multistage rotor 
assembly, but, in general, the rotor assembly proved to be very 
rigid, deflecting approximately 1 mil for a centrally applied 
load of 5,000 Ibs. 

“Regardless of the vibration problems several multistage 
tests have been successfully carried out in the facility. This 
was accomplished by closely monitor‘ng vibration characteristics 
and detecting when the vibration phenomena were imminent. 
Determination of compressor surge points is handled very care- 
fuily to prevent the unit from being loaded abnormally.” 
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Fig. 11 Interim compressor performance 

Nevertheless, progress was made in small, jerky steps and a 
compressor reaching interim design values was attained. This 
compressor incorporated changes made only by cold-coining, as 
the new blades were not available for the interim engines. Fig. 
11 gives the performance of this unit, which had a pressure ratio 
of 6.4:1 at a weight flow of 38.7 lb per sec. At a lower flow the 
characteristics approached the final design pressure ratio of 7:1. 
This compressor was also tested at a pressure altitude of 55,000 
ft (M = 0.9) and suffered a deterioration equivalent to a 3 per 
cent reduction in speed. 

Last Four Stages—Second-Pass Blades. As soon as sufficient new 
blades were obtained for a multistage test of the last four stages, 
they were assembled and a test was run. As can be seen from 
Fig. 12, the results were disappointing. Again it was primarily 
a problem of mismatch, so the four-stage compressor joined 
the parade of the seven-stage compressors in and out of the test 
rig. 


Hybrid I. As the new blades became available, they were 
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Fig. 12 Performance of last four stages 


sometimes tested in the single-stage rig, sometimes in the four- 
stage compressor, and sometimes in a seven-stage unit. Thus, 
when a certain seven-stage compressor was assembled from a 
variety of old blades, cold-coined blades, and new blades, it 
was called a “hybrid” by the engineer co-ordinating the test 
program. Hybrid I showed promise and Hybrid III was superior 
to all previous seven-stage configurations. The Build Configura- 
tion of Hybrid III reads as follows: 


Data 
points 
116 


Running 
time 
20:28 


Configuration 

Hybrid I1I—Original design blades in 
Ist stage; Ist pass redesign blades in 
2nd and 6th stages; 2nd pass rede- 
sign blades in 3rd, 4th, 5th, and 7th 
stages. 

Ist stage opened 1 degree 

2nd stage opened 2 degrees 

3rd stage opened 3 degrees 

4th stage opened 5 degrees 

5th stage opened 3 degrees 

6th stage as designed 

7th stage opened 2 degrees 
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Fig. 13. Performance of Hybrid Ill 


The performance of Hybrid III is shown in Fig. 13. At design 
speed and pressure ratio the compressor passed 41.0 lb per sec 
at an efficiency of 74.2 per cent with a peak of 75.5 per cent at 
a slightly lower flow. All interstage instrumentation was then 
removed to note the effect. Without the instrumentation the 
weight flow increased slightly and the efficiency rose to 77 per 
cent. Analysis of interstage data showed stages two, six, and 
seven to be operating satisfactorily, while a study of the spanwise 
distribution of pressure ratio in stages three, four, and five in- 
dicated a common tendency to stall at the rotor-blade tips. This 
was later found to be a general tendency. The blades had to 
be reset open to increase the mass flow and then twisted closed 
to avoid tip stall. 
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Stage-Stacking Program. The obvious way to develop a com- 
pressor is to develop the first-stage rotor until it performs as 
designed. The first-stage stator is then added, and the procedure 
is repeated. This is followed by the second-stage rotor, and so 
on. Such a stage-stacking program was set up for the J83 com- 
pressor and was run concurrently with the multistage program. 
Its purpose was to arrive at the best possible compressor at some 
future date and to furnish accurate information on the early 
stages of the compressor that would be of immediate use. 

Fig. 14 shows the results of an early test of the first two stages 
on the stage-stacking program. A good pressure ratio-weight 
flow map was obtained, but again there was scatter in the effici- 
ency curves. An inspection of the peak-efficiency envelope 
would indicate that at design speed the peak efficiency should 
have been about 88 per cent instead of 85 percent. A subsequent 
test showed that this was indeed the case 


T  daaiaak | iors 100 


| 
4 
| 
+ 
| 


EF FICIENCY 


ea 
; T 


mh ee | 4 ee 
} ot—? ¥ 
13,600 | 14,450 | otro, oe 

| Se Secs Be. y 
TOs | OT A f 

= mg 8 | A } 
15,3007 


> 


12,750+ 





PRESSURE RATIO 


a: + >-“$—_—_+- = 
ip,150” 17,000 





°o 





26 28 30 32 34 36 38 40 42 44 


AIR FLOW -(L8/SEC) 


Ld 
a 


Fig. 14 Performance of first two stages 
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Fig. 15 Performance of first three stages 


Che addition of stage three gave the results as shown in Fig, 
15. The over-all efficiency of the three-stage compressor was 
some 5 points lower than that of the two-stage. 

A large amount of trial-and-error research went into the devel- 
opment of stage three. There seemed to be a high degree of 
interaction between the first three stages. Stage one had a 
tendency to choke at the root of the stator where both the amount 
of turning and Mach number were high. Stage two seemed to 
have an unlimited capacity for being overworked, and each time 
that the blade was twisted or camber added, its pressure ratio 
and flow increased with no change in its high efficiency. As 
an example, the rotor in the two-stage test of Fig. 15 had been 
reset open 6 deg from the original. Thus stage two made up 
the deficiency of stage one. Stage three, as tested in the three- 
stage cartridge, was low in both pressure ratio and flow. The 
same stage, as shown in the interstage data of Fig.7, had indicated 
too high a flow. A third-stage rotor, reset open but with tip 
twisted closed, gave the performance shown in Fig. 16. This 
compressor had good pressure ratio-flow characteristics and ex- 
ceeded the design requirement in this respect; it was, however, 
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Fig. 16 Performance of first three stages with modified third stage 


about 5 points lower in efficiency than was desired. Also, al- 
though the third-stage characteristics looked good on the inter- 
stage data of this test, they looked poor on all following multistage 
tests. As greater care had been taken in instrumenting the 
three-stage compressor, these data were, for a long while, be- 
lieved in preference to those obtained on the multistage units. 
Low-Solidity Rotors. As the tests of many of the new blades had 
proved to be disappointing, it was decided to reduce the solidity 
of the rotors to note the effect of this variable upon performance. 
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Fig. 17 Performance of last four stages, low solidity rotors 
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Fig. 18 Performance of low-solidity BB" compressor 


Accordingly, the solidity of stage seven was reduced from 2.5 
to about 1.8 at the hub. The results were very encouraging, 
so the solidities of rotors four, five, and six were reduced by the 
same amount, and a test was made of the last four stages. The 
results are shown in Fig. 17. A comparison with the original 
test shows that a substantial improvement was made in pressure 
ratio, flow, and efficiency as well as an increase in operating range. 
It should be emphasized that the solidity was low only in com- 
parison with that of the original rotors, so the title “low-solidity 
rotors’”’ is something of a misnomer. 
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Low Solidity "B.” The last four stages just described were first 
tried on a seven-stage compressor named Low Solidity “B.” 
This compressor gave the performance shown in Fig. 18 and was 
the first J83 seven-stage compressor to reach an efficiency of 
80 per cent. It can be seen from the curve that at design pres- 
sure ratio the air flow was just shy of the design requirement of 
42.3 lb per sec. 

Low Solidity "E.” Fig. 19 is a photograph of the top half of the 
compressor casing showing the stator blades. These blades, 
most of which were untapered and untwisted, were inserted in 
accurately cut holes in the inner and outer rings and welded in 
The result was a rigid structure that was difficult to 
For 


place 
change experimentally without new and expensive fixtures. 
this reason no changes were made in the stator blades during the 


previously described development program. Both calculations 
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Fig. 20 Performance of low-solidity "E" compressor 


and interstage measurements, however, had indicated that the 
leading-edge angles should be opened. The calculated amount 
varied from 1 deg in stage three to 8 deg in stage seven. 

The configuration named Low Solidity “E’’ contained a 
seventh-stage stator in which the leading edges of the blades 
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had been cut loose at the shrouds, uncambered open 8 deg, and 
rewelded in place. Fig. 20 shows the results of the test of this 
compressor. At design speed the design requirements for weight 
flow and pressure ratio were both surpassed at an efficiency of 
79 per cent. A new set of accurately calibrated semishielded 
thermocouples was tried during the test, and the corresponding 
efficiency as measured with these instruments was slightly over 
80 per cent. Also shown on the curve for comparison purposes 
is the performance of the PFRT (interim) compressor and Hybrid 
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Fig. 21 J83 engine performance at 55,000 ft, 820 knots 
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Fig. 22 J83 engine performance at 61,700 ft, 650 knots 
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Fig. 23 Blowout limits of interim engine 


J83 Engine Tests. The engine with the Low Solidity “E”’ com- 
pressor performed very well at simulated altitude. Fig. 21 shows 
the thrust, air flow, and specific fuel consumption at tunnel 
conditions corresponding to 55,000 ft, 820 knots. It can be 
seen that both the thrust and fuel consumption meet the final 
specifications. 

Fig. 22 gives the performance at 61,700 ft, 650 knots, and again 
it may be noted that the engine meets its requirements. 

In the meanwhile, the interim engine had performed well in 
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the tunnel at WADC. Fig. 23 is a summary of blowout data 
taken at a variety of speeds and altitudes. Several of the points 
shown in the high-altitude region were taken at the limit of the 
tunnel capacity, so it was not possible to determine the blowout 
limit. Note the point at 50,000 ft at a flight Mach number of 
zero. 

Final Tests With the success of the Low Solidity “E’”’ compres- 
sor in the J83 engine, the emphasis and priority were shifted to 
other phases of engine development. A few tests were made with 
other stators opened up, but only one other result of significance 
occurred. The opening up of the fifth-stage stator gave slightly 
more operating range, particularly near the ‘“‘knee’’ of the curve; 
the use of this stator in several of the marginal test engines com- 
pletely eliminated a tendency for instability during acceleration. 

The following period of relative inactivity provided an oppor- 
tunity for study of accumulated data, particularly surveys made 
with actuated temperature and pressure probes. The inter- 
stage data indicated that a surprising amount of mismatch still 
existed, and simple calculations showed that an additional 5 
or 6 points of efficiency could still be obtained if this mismatch 
were eliminated. Thus stage characteristics were plotted at 
different streamlines and these results were compared with the 
averaged results and with the static-pressure ratios. All the 
probe data verified the fact that stage three was not performing 
as indicated by the test of the first three stages. After about 
2 months of careful analysis, during which time the compressor 
rig was occupied with tests of plastic stators, aluminum rotors, 
and production blades of doubtful accuracy, the specifications 
of Low Solidity “L’’ were delivered, and construction of this 
unit was started. At this time, missile 
for which the J83 was intended was canceled, and shortly after- 
ward the J&83 itself was terminated. 
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APPENDIX 
A Possible Substitute for Reynolds Number 


The impact force per unit area of a fluid is proportional to 
the density and the square of the velocity 


F; « pV? 


The viscous force per unit area of a fluid is proportional to the 
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velocity and the coefficient of viscosity and is inversely propor- 
tional to the length 
lactis 

The ratio of the impact forces to the viscous forces is a dimen- 
sionless number, so pVL/y is also dimensionless and is called 
the Reynolds number. In the expression, u is in the same system 
of units as p, V, and L. 

The number is important in the design and performance of 
turbomachinery, but the absolute value of the number is vague 
because each term is relative. In a compressor, for example, 
the density chosen may be ahead of or behind any particular 
rotor or stator and may be either static or total density. The 
velocity may be the axial velocity entering a rotor or stator or 
the velocity relative to a particular row of blades either at the 
hub or tip or at some particular mean radius. It is conventional 
to use the compressor entrance as the reference station, but vari- 
ous researchers do not agree as to the value of velocity. The 
most difficult dimension to define, however, is the length. In 
evaluating the performance of single-stage rotors the average 
chord length is usually used. However, good correlations have 
been obtained by using the blade length or the compressor diam- 
eter. As these different lengths can vary by a ratio of 10, the 
absolute value of the Reynolds number is rather meaningless. 

These laws are known about turbomachinery: 

1 If the inlet pressure of a compressor or turbine is decreased, 
the performance will deteriorate, slowly at first and then more 
rapidly. 

2 Decreasing the viscosity of the working fluid results in 
an increase in performance. This fact can be observed readily 
in the testing of oil pumps. 

3 Large machines tend to be more efficient than small ma- 
chines 

If we look at our original expression of F; we observe that it 
is the force per unit area or pressure. We define it as total pres- 
sure and our dimensionless number becomes 


PL 
K = — 
MV 
As velocity has the dimensions L/T we can write 


P 


(7) 


and as the rpm has the dimensions 1/7 we finally arrive at: 
P 
uN 


K= 


K 


P and wu represent laws Nos, 1 and 2 and, for symmetrical ma- 
chines running at constant corrected tip speeds, the N would 
vary inversely as the diameter. We thus account for law No. 3. 

For convenience should be based on inlet total conditions. 
Correlation of efficiency with this number promises to be an 
interesting research project. To avoid log paper it may be better 
to use the inverse ratio 

uN 
K = Pp 

Thus, at zero viscosity or infinite pressure, the efficiency would 
reach 100 per cent. For standardization, it is suggested that u 
be in lb-sec/sq ft, N in revolutions per minute uncorrected, and 
P in |lb/sq ft. 
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DISCUSSION 
Robert W. Pinnes? 


Mr. King has given us, in this paper, an excellent review of a 
practical compressor development program. Those of us who 
have been through essentially the same experience—with some 
minor variations as to the types and magnitudes of the difficul- 
ties—can feel a strong kinship with Mr. King and his associates. 

Because our our past efforts in this area, I was particularly in- 
terested in Mr. King’s discussion of Reynolds number effects. 
In the work discussed in reference [2] of the paper, we did use 
diameter as the length in the Reynolds number. However, this 
was uscd only as a rough representative dimension—some relative 
indication of smallness or bigness. It was not intended to argue 
that diameter was the critical dimension. 

Actually, the problem of which is the critical dimension in the 
Reynolds number has bothered all of us in this field. The aerody- 
namicist’s Reynolds number is based on blade chord. This would 
appear to be essentially an isolated airfoil concept, where the 
development of a new boundary layer over the airfoil is the pri- 
mary concern. The mechanical engineer’s Reynolds number, 
primarily from his hydraulics background, is based on “hydraulic 
diameter.’’ This is essentially a passage flow concept, where the 
boundary layer is fully developed. A compressor would appear 
to be some complicated combination of these two, and conse- 
quently, I don’t think we will ever get a single dimension which 
will tell the whole story. 

However, without attempting to pin down which is the critical 
dimension in the Reynolds number, we can list the following 
physical effects of a decreasing pressure level in a compressor: 


(a) The boundary layer thickens, therefore, effectively reducing 
the air flow area. 

(b) The frictional forces become relatively more important. 

(c) The blade becomes more susceptible to flow separation. 


As a result of (a), the air flow rate will tend to be reduced, and it 
would appear that this effect would be especially significant in a 
transonic compressor. As a result of (b) and (c), the efficiency 
and pressure ratio will be reduced—especially so, if serious flow 
separation is actually induced. 

Let us now consider the effects of doubling the blade chord, as 
mentioned in the paper—without worrying about whether this 
actually will “double the Reynolds number.” It should be noted 
that the blade chord may be doubled in two ways: First, main- 
taining the same number of blades, thus doubling the solidity; or 
second, reducing the number of blades to half, thus maintaining 
the original solidity. 

If the compressor has experienced a reduction in air flow rate, in 
accordance with (a) above, doubling the blade chord with the 
same number of blades would actually make conditions worse. 
Doubling the blade chord with half the number of blades would 
relieve the blockage condition in the blade passage, but obviously 
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would not help the hub and casing boundary layer blockage up- 
stream of the blade row. 

If friction is the problem, as in (b) above, doubling the blade 
chord with the same number of blades would again make condi- 
tions worse. Doubling the blade chord with half the number of 
blades would appear to be essentially neutral, neither helping nor 
hurting. 

If flow separation is the problem, as in (c) above, doubling the 
blade chord with the same number of blades would help. For the 
same total lift force per blade, the pressure gradients would be cut 
in half and the tendency to separate would be reduced. Doubling 
the blade chord with half the number of blades would leave the 
pressure gradients about the same, and consequently, separation 
conditions would remain essentially the same. 

From the foregoing discussion, it would appear that doubling the 
blade chord can either help, hurt, or do nothing. On this basis, 
one could conclude that a Reynolds number based on any single 
dimension would be of very limited value. It would appear that 
it is necessary to diagnose the disease accurately before one can 
prescribe an effective cure. 

This brings us to Mr. King’s proposal for a “possible substitute 
for Reynolds number.’’ This is an intriguing thought, but I 
suspect that the substitute will be just as fallible as the original. 
Specifically, the rpm N is proportional to the tip speed U divided 
by the tip diameter D. Substituting for N in the definition for K 
gives: 

Ke « UD 
pu 

Comparing this with the definition for Reynolds number: R = 
pVL/p, shows that (V2/U) is being used as the characteristic 
velocity and D is being used as the characteristic length. This 
leaves unanswered the question of which is the ‘‘correct’’ velocity 
to use for V (axial velocity, relative velocity, tip velocity, etc.), 
and whether U represents a significant velocity for Reynolds 
number. However, more important, K is still essentially a 
Reynolds number based on tip diameter as the critical dimension. 
Consequently, I would predict that a correlation of data with K 
would produce the same sort of results as a correlation based on 
Reynolds number using diameter as the characteristic length. 

However, my major objection to the K concept is that it implies 
that there is essentially nothing the designer can do to counteract 
the Reynolds number effects. After all, tip speed requirements 
and compressor diameter fix N, and there is little that can be 
done about u and P. As discussed previously, I believe the de- 
signer can do something about Reynolds number effects—within 
the usual design compromises—once he understands clearly what 
sort of difficulties are being encountered. 

All in all, the J83 compressor represented an ambitious develop- 
ment program which was pushing the state-of-the-art. Mr. King 
and his associates should be congratulated on their accomplish- 
ments in this program. From a technical standpoint, it is cer- 
tainly unfortiinate that the program could not have been carried 
through to a successful conclusion. 
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Aerodynamic Design and Performance of 
Five-Stage Transonic Axial-Flow Compressor 


A five-stage axial-flow compressor with all rotors operating with transonic relative inlet 
Mach numbers was designed as a research vehicle at the Lewis Research Center in 1952. 
The compressor was designed and tested as a component of a turbojet engine. This 
paper summarizes the research work done on this compressor including the aerodynamic 


design and detailed performance characteristics. 


Introduction 


HE requirements of effective aircraft propulsion in- 
dicate the desirability of operating lightweight compact turbojet 
engines that are highly efficient over wide ranges of operation. 
From the viewpoint of the compressor, reduction in the size and 
weight can be effected by reducing the number of stages required 
to produce the desired pressure ratio and decreasing the diameter 
by increasing the mass flow per unit frontal area. These require- 
ments for higher levels of stage performance can be met theoreti- 
cally by increasing the inlet Mach number relative to the rotor. 

It has been demonstrated by the single-stage compressor work 
{1, 2]* that rotors and stages of high specific mass flow and high 
pressure ratio, while maintaining high efficiency, can be obtained 
by designing for operation in the transonic region of rotor relative 
inlet Mach numbers. Stator-outlet conditions and general per- 
formance of the transonic inlet stages appeared to be satisfactory 
for purposes of multistaging with succeeding stages of conven- 
tional design. The results obtained by employing transonic rotors 
in the first two stages of a multistage compressor have been il- 
lustrated in [3]. 

Further successful single-stage testing of high-turning axial- 
discharge stators [4] suggested that transonic operation need not 
be restricted to inlet stages. With such a design, further in- 
creases in average stage pressure ratio could be realized and conse- 
quently a fewer number of stages could be used. However, for 
multistage application other factors must be considered. Since 
the single-stage testing indicated that the transonic compressor 
was more sensitive to design compromises, closer design control 


1 Formerly employed at NASA. 

2? Numbers in brackets designate References at end of paper. 
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Manuscript received at ASME Headquarters, September 2, 1960. 
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was suggested. Also, because of the reduced high-efficiency range 
of operation of rotor-blade sections at high inlet Mach numbers, 
the compromises in blade setting that are necessary to aid part- 
speed performance are limited for both the inlet and outlet stages. 

To investigate the problems and potentials of a high-stage- 
pressure-ratio compressor obtained by use of transonic rotors in 
all stages, an experimental five-stage compressor was designed 
and constructed at the NASA Lewis Research Center in 1952. 
The compressor was designed for an average stage pressure ratio 
of 1.38 with stators operating at conventional inlet Mach numbers 
but turning the flow back to the axial direction. 

This paper summarizes the work conducted on this compressor 
and includes the design procedure, the selection of the blading, 
and the over-all and interstage performance. The complete de- 
tails of the work summarized in this paper are given in [5 to 8}. 


Over-All Design 

The research compressor was designed for installation in an 
existing turbojet engine in order to obtain a convenient power 
source. Accordingly, geometry and over-all design specifications 
of the compressor were governed to a large extent by the me- 
chanical and aerodynamic characteristics of the test engine and 
its other components. The following over-all characteristics were 
chosen for the design of the compressor: 


1 Total-pressure ratio = 5.0 (average stage total-pressure 
ratio = 1.38). 

2 Compressor-rotor outer diameter, 20 in. (constant). 

3 Inlet hub-tip radius ratio, 0.50. 

4 Tipspeed, 1100 fps. 

5 Inlet axial Mach number, 0.6 (inlet axial velocity = 648 fps 
at standard inlet conditions). 

6 Discharge axial velocity, 520 fps. 

7 Constant radial work input. 


For an assumed value of wall boundary-layer blockage at the 





Nomenclature 


= compressor frontal area, 2.18 sq ft 
= blade-chord length 


diffusion factor [9] 
total or stagnation enthalpy 


= incidence angle, angle between in- 


let relative air-velocity vector 
and tangent to blade mean line 
at leading edge, deg 

wall boundary-layer blockage fac- 
tor 

Mach number 

rotational speed, rpm 

absolute total pressure, psf or in. 
Hg 
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= static pressure, psf 
= radius measured from axis of ro- 


tation, ft 


= blade spacing, in. 


absolute total temperature, deg R 
blade speed, fps 

velocity of air, fps 

weight flow of air, lb/sec 

ratio of radius to tip radius 


= air-flow angle measured from 


axial direction, deg 

air turning angle, change in rela- 
tive flow from inlet to outlet of 
blade row, deg 


blade angle, angle between tan- 
gent to blade mean line at lead- 
ing or trailing edge and axial 
direction, deg 

ratio of inlet total pressure to 
NACA standard sea-level pres- 
sure of 2116 psf 

deviation angle, angle between 
outlet relative air-velocity vec- 
tor and tangent to blade mean 
line at trailing edge, deg 

adiabatic temperature-rise  ef- 
ficiency 
(Continued on next page) 


suty 1961 / 303 





compressor inlet of 1 per cent, these design values give a cor- 
rected weight flow of 31 lb per sec per sq ft of rotor frontal area. 
Because of the approximate symmetry of the inner and outer 
walls at the first rotor inlet, the axial velocity was considered to 
be constant across the annulus. The 1100-ft-per-sec tip speed 
and 0.60 inlet axial Mach number combine to give a relative 
Mach number of 1.18 at the tip of the first rotor. 

The magnitude of the compressor-outlet axial velocity was de- 
termined after consideration of the existing diffuser and com- 
bustor designs. The outlet axial velocity chosen was believed to 
be compatible with the existing diffuser capability and the com- 
pressor-blade loading. 


Detail Stage Design 


The number of stages required to produce the desired over-all 
pressure ratio of 5 was determined from preliminary calculations 
of average stage pressure ratios obtainable from reasonable values 
of blade loading (diffusion factor of 9) at the design tip speed of 
the compressor. 

Adiabatic Efficiency. The prediction of the adiabatic efficiency 
of a multistage compressor presents a very complex problem, since 
a detailed knowledge of the flow losses is involved. Consequently, 
efficiencies are generally assumed, based on previous experience. 
From considerations of [4, 10] the adiabatic efficiency of the first 
stage was assumed to be 0.89. Over stages 2 to 5 a continual de- 
crease in stage efficiency was assumed, since the hub and casing 
boundary layers influence an increasing portion of the blade span 
as the flow area is decreased across the compressor. Rotor ef- 
ficiencies 2 points higher than the stage efficiencies were assumed 
for the design. Stage efficiencies selected are given in Table 1. 
For the design compressor total pressure ratio of 5.0, these stage 
efficiencies give an over-all efficiency of approximately 0.85. 
The efficiencies given in Table 1 are representative of mass-aver- 
aged values that include the losses in the wall boundary layers. 
Strictly speaking, since the velocity-diagram calculations are in- 
tended to represent the free-stream portion of the flow, average 
blade-element efficiencies, which consider only the losses asso- 
ciated with the flow around the blade element, should have been 
used. It would also be desirable to consider the effects on the 
design velocity distribution due to any radial variations of en- 
tropy (blade-element efficiency ) that may exist in the free-stream 
region [11]. This procedure would have been especially de- 
sirable in the later stages. 

Axial Velocity. In order that transonic-rotor relative inlet Mach 
numbers be maintained in succeeding stages and, for simplicity 


Table 1 Stage characteristics used in final design 
Stator- 
outlet 

axial 
Stage velocity, 
Axial efficiency, 2 pressure 
station ” fps ratio 
648 0.99 
0.890 620 .390 0.95 
0.885 600 .480 0.94 
0.875 570 425 0.93 
0.870 550 .350 0.92 
0.850 520 .265 0.90 


Boundary- 
layer 
blockage 
factor, 
K 


Stage 
total- 


Cite oho 


in the design calculations, axial discharge from each stator row 
was prescribed. This design condition combined with the as- 
sumptions of constant enthalpy, constant entropy, and equi- 
librium of static pressure from hub to tip results in an axial veloc- 
ity that is constant at all radii. For the design, all the drop in 
axial velocity was assumed to occur across the rotor. The pre- 
scribed diffusion of axial velocity across the compressor was ap- 
proximately uniformly distributed among the stages, Table 1. 

Pressure Ratio. The stagewise distribution of total-pressure ratio 
was chosen from considerations of individual stage blade-loading 
limitation and of off-design performance characteristics. Accord- 
ing to [12] improved off-design performance can be obtained by 
lightly loading the inlet stages, designing the intermediate 
stages close to their loading limit, and moderately loading 
exit stages. For this design a measure of the blade loading was 
obtained by means of the diffusion factor [9] 


V , 
D= (: _ a 
Via'-3 


Experience has shown that, for a typical transonic stage, the 
value of design diffusion factor in the rotor-tip region is a critical 
determinant of the efficiency of the stage [10]. Accordingly, a 
stagewise distribution of total-pressure ratio at the tip section 
was obtained to correspond with the suggested stagewise varia- 
tion of blade loading (diffusion factor). The values of solidity 
selected for the diffusion-factor calculations were chosen from 
previous transonic compressor experience. 

Boundary-Layer Blockage Factor. As indicated previously, the 
design approach considered that the flow across the annulus at 
any station was divided into two different portions, a main or 
free-stream portion where the viscosity effects of the fluid on the 
flow are small and a portion near the casing walls where the 
viscosity effects on the flow become appreciable. A typical radial 


Ven <a Ve’ wn (1) 


2cV,'-1 
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& = ratio of inlet total temperature to 


NACA standard sea-level tem- 
perature of 518.7 deg R 

chord angle, angle between blade 
chord line and axial direction, 
deg 

static density of air, pef 

solidity, ratio of blade chord to 
blade spacing 

camber angle, difference between 
blade angles at inlet and outlet 
of blade row, deg 

total pressure-loss coefficient 


e = equivalent, indicates that 
parameter to which it is 
affixed has been cor- 
rected to that which 
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would be obtained at = bellmouth inlet (Fig. 2) 


design speed 

free stream 

hub 

ideal 

mean 

axial station location num- 
ber (from 0 to 13, Fig. 2 

rotor 

radial direction 

stator 

total or stagnation condi- 
tions 

tip 

wake 

wake rake 

axial direction 

tangential direction 


10, 125 


4a, 6a, 8a, } 
10a, 12a 


13 
Superscript: 


, 


compressor-flow measur- 
ing station (Fig. 2) 


compressor inlet 


interstage measuring sta- 
tions at exit of first, 
second, . . ., fifth rotors, 

Fig. 2 

interstage measuring sta- 
tions at exit of first, 
second, . . ., fifth stators, 
Fig. 2 

interstage station at inlet 
of second, third, . . ., 
fifth rotors, Fig. 2 

compressor discharge 


= relative to rotor 
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HUB BOUNDARY LAYER 


TIP BOUNDARY iia tie 








TIP 





RADIUS, R 


Fig. 1 Assumed radial division of flow at blade-row outlet illustrating 
free-stream and boundary-layer regions 


variation of the product pV, might then appear as shown by the 
solid line in Fig. 1. Integrated flow at any axial station is given 


by 
PR? 
W = 2e - pV.RdR 


where (pV) refers to local values along the radius. 


Since the design equations used herein consider only the free- 
stream flow and since it was convenient to work with the geo- 
metrical limits of hub and tip radius, an ideal flow, or flow com- 
puted as if no wall boundary layers existed, was defined by 


eR, 

Wia = 29 f (pV,)skdR (3) 
Rh 

where (pV,)fs are the free-stream values extrapolated to the wall 

boundaries (dotted line in Fig. 1). The actual flow may then be 

related to the ideal flow by means of the blockage factor K, as 


Rt 
W = KWiaor W = 2K £ (pV, jak dR (4) 


The boundary-layer blockage factor then serves as a measure 
of the wall boundary-layer displacement thickness. As defined 
it bears no relation to the free-stream efficiencies, since only 
blade-element losses should be considered in the computation of 
density and axial velocity. The blockage factor, as a displace- 
ment thickness, however, will be proportional to the loss in total 
pressure and efficiency in the wall boundary regions and _ will, 
therefore, be a measure of the relation between average free- 
stream conditions and mass-averaged conditions. 

A valve of K of 0.95 at the outlet of the first stage was obtained 
from previous transonic-compressor experience [4] and an ap- 
proximately linear variation to 0.90 at the compressor discharge 
was assumed. The stagewise distribution of AK is shown in 
Table 1. 

It is recognized that such a flow division may not be representa- 
tive of conditions in later stages, where because of short blade 
heights, the viscous effects extend over a much greater portion of 
the passage height and the parabolic velocity distribution makes 
the strict division of flow more difficult. However, for simplicity, 
this procedure was used for all stages. 

Hub Contour. With stage total-pressure ratio, total-temperature 
ratio, boundary-layer blockage factor A, and average stator-outlet 
axial velocity known, the annulus area and, therefore, hub radius 
(for fixed outer diameter) at the outlet of each stage was com- 
puted. Axial chord lengths and axial clearances between blade 
rows were selected and a smooth profile was drawn through the 
calculated hub points. Because this compressor was designed as 
a research vehicle, axial spacings of */, in. behind each rotor and 
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Fig. 2 Passage contour of five-stage axial-flow transonic compressor 
showing axial location of blade-row inlet and outlet stations 


11/s in. behind each stator were maintained to facilitate the inter- 
stage instrumentation. 

In view of the large axial clearances between blade rows and the 
low blade-aspect ratios, the effects of streamline curvature in the 
radial-axial plane on the equilibrium of the flow were considered 
negligible. However, in view of the sensitivity of transonic-rotor 
performance to incidence angle, the change in axial velocity 
across the large axial clearance between stator trailing edge and 
the rotor leading edge was taken into account. A sketch of the 
passage contour of the compressor showing various blade-row 
inlet and outlet stations is shown in Fig. 2. 

Velocity Diagrams. Velocity diagrams were computed at the inlet 
and outlet of each blade row for six equally spaced positions along 
the blade height. For simplicity, the streamlines were assumed 
to lie along conic surfaces. The radial passage height at each sta- 
tion was divided into the same number of equal radial incre- 
ments and the streamlines were assumed to pass through these 


points. Thus, for a given streamline, at any axial station 


= Tove constant (5) 
- = consté f 

Reine Be , 
where F is the radius at which the streamline intersects the com- 
putational plane. 

The various conditions and assumptions and the complete 
equations used in the calculation of the stage-velocity diagrams 
are presented in [5]. In the numerical calculations the radial- 
angle terms in the velocity diagrams were neglected. Tabulated 
values of velocity and angle in the tangent plane are listed for all 
stages in Tables 2 and 3. Fig. 3 gives definitions of the angles 
used to compute blade properties. 


Blade Design 
Rotor 

Blade Shape. The blade shape selected for the rotor was the 
double-circular-are profile consisting of a circular-are pressure 
and suction surfaces. Experience with transonic rotors at the 
time indicated that this blade profile was a satisfactory blade 
shape for transonic operation (see [13, 14] for considerations of 
transonic blade shapes). The circular-are blade has the added 
advantage of simplicity of design and analysis. 

Incidence Angle. From considerations of limited available high- 
Mach number data [4, 15], a constant positive incidence angle 
of 4 deg was selected for all radii and all blade rows. For this 
design no serious consideration was given to part-speed per- 
formance problems when choosing the incidence angles. 

Deviation Angle. At the time of the design, no deviation-angle 
rules were known that had proved accurate for this type of design. 
For the first two stages, in view of the similarity between this 
design and the design and performance of [1], the design values 
of deviation angles were selected to correspond to the measured 
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Table 2 Rotor velocity-diagram data on streamline (tangent) plane 


's__| Change across row| Diffu-| 





Entrance vectors 


@| Vv, | M' 


‘} sion 
| fac- 
| tor, D| 
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p* | avg | av, | 28", 
| deg 
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| : 
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| | IO | 


values of the rotor of [1]. For the other stages, it was found that, 
for a fixed incidence angle of 4 deg, the deviation angle could be 
approximated by the empirical relationship 


_0.405¢ . 


6° = (6) 


1 
o—5eing 


obtained from a survey of very limited amounts of circular-are 
transonic data. Design values of deviation and camber angle 
are given in Table 4. 

Blade Construction. For ease of manufacture, it was desirable 
that the co-ordinates of a blade element be specified on a plane 
perpendicular to the radial stacking line (called horizontal plane). 
Since all computed air and blade properties lie along the stream- 
line (tangent) plane, it was necessary to obtain these blade proper- 
ties on a horizontal plane. Computed blade angles at the inlet 
and outlet were projected to the horizontal plane by means of 
geometric considerations that incorporated corrections necessary 
because the blade leading and trailing edges were not radial ele- 
ments [16]. 

To simplify further the blade co-ordinate calculations and the 
fabrication of the blades, the desired circular-are blading was as- 
sumed along horizontal blade elements. 

Radial variations of maximum thickness were selected from 
both aerodynamic and stress considerations. A hyperbolic radial 
variation of maximum thickness with thin tip section was used. 
The thin tip sections were aerodynamically desirable for the high- 
inlet-Mach numbers encountered. Maximum blade thickness at 
the hub was chosen so that the blade sections were not choked. 

Blade-chord lengths were selected on the basis of previous 
transonic experience [1] and structural considerations including 
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Fig.3 Angles used to compute blade properties 


blade strength, shaft critical speed, and existing engine construc- 
tion. 
All pertinent blade information is summarized in Table 4. 


Stator 


Blade Shape. In the first two stator rows, double-circular-arc 
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Table 3 Stator velocity-diagram data on streamline (tangent) plane 





Sta- Entrance vectors Change across row 
tion 7 

Vol v2] v M AV, | AV, | 8, 
| deg 
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Table 4 Rotor-blade design data on horizontal plane 
(Leading and trailing-edge radii, 0.015 in.) 
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Fig. 4 Five-stage axial-flow transonic compressor with upper casing 
removed 


blades were used and for the last three stages, an NACA 65-series 
distribution of [17] was modified and used in conjunction with the 
circular-are mean line. The 65-series thickness distribution was 
used from the leading edge to the 60 per cent chord point, but 
from there the conventional thickness distribution was modified 
by using a linear fairing from the 60 per cent chord point to an 
0.8 per cent chord radius at the trailing edge. 

Incidence Angle. The first two rows of circular-arc stators were 
set at an ineidence angle of 0 deg which was held constant 
while, because of the increased camber angles, the last 


radially 
three rows of 65-series-ty pe stators were set at an incidence angle 


9A 
otf —2 deg 
I « Geg. 


Deviation Angle. The deviation-angle rule used for the stators 
was quite similar to the one used for the rotors except that a 
radially varying value of the constant in the numerator of equation 
6) was found to be desirable from a correlation of limited availa- 


ble stator data. 


Blade Construction. As was done for the rotor blades, a hyper- 
bolic distribution of maximum thickness was employed. Design 
values of the pertinent parameters of the stators are given in 
Tables 3 and 5. Because of the small hub-slope angle for stators 
3 to 5, the blade properties calculated along streamline planes 
were used. 

A view of the assembled compressor with the upper casing re- 
moved is shown in Fig. 4. 


Test Setup and Procedure 


Engine Installation. The performance results reported here were 
obtained when the compressor was operated as a component 
of an engine in order to obtain a convenient power source. All 
parts used except the compressor and diffuser were standard en- 
gine parts. 

The engine was equipped with an inlet bellmouth to meter the 
air and insure smooth flow at the compressor inlet. In order to 
vary the compressor air flow at any particular speed, the engine 
To meet the 
compressor power requirements and obtain additional flow-range 


was equipped with a variable-area exhaust nozzle. 


control, the flow area of the first-stage turbine stators was varied. 
For low-speed acceleration control, when the turbine was equipped 
with the small area diaphragm, air was bled from the engine 
diffuser. 


Instrumentation 

Engine Bellmouth Inlet. ‘The instrumentation at the engine bell- 
mouth inlet, station 0, Fig. 2, consisted of a cross-rake containing 
ten bare-wire thermocouples and three total pressure tubes. 
These readings were considered to be the compressor inlet stagna- 
tion conditions. 

Compressor Flow-Measuring Station. ‘The compressor flow-measur- 
ing station, station 1, Fig. 2, 
stream of the rotor in the constant-area portion of the bellmouth. 
At this station was located a five-tube radial static-pressure rake, 
Fig. 5(a), with the tubes equally spaced across the passage. In 
the same plane, on the outer wall of the bellmouth, were six static- 
Also 


was approximately 10'/, in. up- 


pressure orifices equally spaced around the circumference. 


Table 5 Stator-blade design data on horizontal plane 
( Leading-edge radius, 0.015 in. for stages 1 and 2, 0.023 in. for 


stages 3, 4, and 5; trailing-edge radius, 0.015 in. for all stages) 


adius | Ti 


308 / suty 1961 


i- nci- De- 


1 7 
Satting | 
petting 


Camber 
via- angle, 
©z0n } a » 
a, angle, leg leg 


dence 


ngle 
angle, 


angle, 


deg 
aeg 








Transactions of the ASME 





in the same axial plane were two five-tube boundary-layer rakes, 
Fig. 5(b), one at the outer wall and one at the inner wall. 

Compressor Inlet. At the compressor inlet, station 2, Fig. 2, 
four equally spaced static-pressure orifices were located on both 
the inner and outer walls. In addition, a wedge-type static-pres- 
sure probe, Fig. 6(c), was used to traverse the passage. 

Survey Stations. Radial surveys were made at stations 4 to 12, 
inclusive, Fig. 2, using combinations of the following instruments: 


| 


(b) OUTER-WALL 
BOUNDARY- 
LAYER RAKE 


(di SPIKE-TYPE fe) CLAW - 
TYPE TOTAL- TOTAL~ 
TOTAL- TEMPERATURE PRESSURE 
PRESSURE RAKE PROBE 
RAKE 


ta} STATIC- (c) KIEL- 


PRESSURE 
RAKE 


Fig. 5 Compressor instrumentation 


3 


(c) WEDGE {d) WAKE RAKE 
STATIC 

PROBE USED 

AT FIRST~ 

ROTOR INLET. 





(b) WEDGE 
STATIC 
PROBE 
USED AT 
SURVEY 
STATIONS 
3 TO 12. 


Instrumentation used for radial surveys 


(a) COMBINATION 
PROBE. 


Fig. 6 
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1 A combination probe, Fig. 6(a), consisting of a single total 
pressure, an angle-sensing claw, and two slotted-shield stagnation 
thermocouples. 

2 A wedge-type static-pressure probe, Fig. 6(b), with separate 
static-pressure orifices located on both sides of the wedge. 

3. A wake rake, Fig. 6(d), which consisted of 19 total-pressure 
tubes mounted circumferentially. The rake covered at least one 
blade spacing at all radial positions. 


The positioning of these probes behind each rotor and stator 
row is described completely in {7}. 

Four static-pressure orifices, equally spaced circumferentially, 
were located at the outer wall at each measuring station. 

Compressor Discharge. The compressor-discharge station was 
approximately 2 in. downstream of the fifth-stator trailing edge, 
station 13, Fig. 2. The instrumentation consisted of four fixed 
Kiel type total-pressure rakes, Fig. 5(c), with five equally spaced 
pressure tubes per rake, and four fixed bare-wire spike-type 
thermocouple rakes, Fig. 5(d), with five equally spaced thermo- 
couples per rake. Four equally spaced static-pressure orifices om 
both the inner and outer walls were also installed at this station. 

Pressures were measured with manometers containing either 
mercury or tetrabromoethane. Temperatures and angles were 
measured and recorded with a self-balancing digital potentiometer 
that recorded readings at the rate of approximately 2 per sec. 

Operation. All tests were conducted with ambient-air inlet 
conditions; consequently, no control of the compressor-inlet condi- 
tions could be employed. For over-all performance the compres- 
sor was operated over a range of corrected speeds from 40 to 100 
per cent of design. For each speed the flow range extended from 
maximum flow to a flow where surge was encountered or to a 
flow where operation was limited by the turbine-inlet tempera- 
ture. Excessive blade vibrations in the speed range from 40 to 70 
per cent speed deferred extended operation in this speed range 
before the full flow range could be evaluated. 

Since instrumenting all blade rows simultaneously would have 
required a prohibitively large number of actuators, three series of 
tests were run during which several blade rows were instru- 
mented successively. During the interstage traversing, total and 
static pressures were recorded once on film while each angle was 
recorded three times and each temperature twice on the digital 
This procedure yielded a time as well as circum- 
Since the traverse probes were 


potentiometer. 
ferential variation of the data. 
alternately immersed behind two rotor rows and then behind 
the stator rows, the running time necessary to complete a test 
run was approximately 1'/, hr. 


Calculations and Limitations 

Compressor Airflow. The compressor airflow was calculated 
from the measurements of the radial variation of static pressure 
given by the static-pressure rake and the wall orifices, the inlet 
stagnation conditions, and a wall boundary-layer blockage al- 
lowance determined from the measurements of total pressure 
from the boundary-layer rakes. 

Compressor Inlet. Data necessary to compute conditions at the 
inlet to the first rotor were obtained by assuming a radially con- 
stant value of total temperature and total pressure equal to the 
conditions measured at the bellmouth inlet (minus a slight total- 
pressure drop in the bellmouth and frame). The radial distribu- 
tion of static pressure was obtained from a series of surveys over 
the speed and flow range. 

interstage Data. The equations used to compute the blade ele- 
ment and over-all performance of the stages are presented in [8]. 
A complete derivation of the stage-characteristics parameters is 
given in [18]. Previous use of this type of analysis for transonic 
stages is given in [19]. 

The compressor surge and choke limits restricted each indi- 
vidual blade row to operation over a relatively small portion 
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of its flow range at a given speed, thus limiting the range of per- 
formance parameters as compared to single-stage results. The 
range of operation of this compressor was further restricted at 
high speeds by limiting turbine temperature before compressor 
surge was encountered. 

In the calculation of the various blade-element parameters, it 
was tacitly assumed that the data represented an average circum- 
ferential value. As the increased number of blade rows provide 
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additional sources for accentuating the unsteadiness and circum- 
ferential variation of the flow, it becomes more difficult to obtain 
average values of data with the type and number of instruments 
used in these tests. This poses the most serious qualification of 
the performance data downstream of the inlet stage. 

Compressor Discharge. The over-all performance of the compres- 
sor is presented in terms of pressure ratio as determined from 
calculated discharge total pressure [20]. Comparisons of the 
total pressure as calculated and by arithmetically averaging the 
20 discharge total-pressure readings indicated excellent agree- 
ment. 

Reliability. The criteria used as an estimate of the accuracy and 
consistency of the data are the ones generally used in the in- 
vestigation of a compressor stage: 


1 Comparison of the integrated flow at each station with the 
compressor inlet flow, Fig. 7. 

2 Comparison of integrated momentum and temperature-rise 
efficiencies. 

3 Comparisons of total temperatures at the rotor and stator 
exit stations, Fig. 8. 


Because of the time required to record a single test point and 
the previously discussed “circumferential average value” prob- 
lem, the standards of comparison of flow and efficiency advanced 
in the more closely controlled single-stage tests are not applicable 
to the results presented herein. 


Over-All Performance Results 


Over-All Performance. The over-all performance results of the 
compressor are presented in Fig. 9. The maximum pressure 
ratio obtained at design speed was 5.0 and occurred at a flow of 
69.8 lb per sec. This peak operating point was not a surge point 
for the compressor. Operation beyond this point was not at- 
tempted because of limiting turbine temperature. In fact, in the 
performance map of Fig. 9, compressor surge was encountered 
only at speeds of 50, 70, and 80 per cent of design. The design- 
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point pressure ratio and flow were 5.0 and 67.5 lb per sec, respec- 
tively. 

The efficiency characteristics of the compressor are shown in the 
upper part of Fig. 9. The maximum peak efficiency of 0.87 is 
obtained between 80 and 90 per cent of design speed and the de- 
sign-speed efficiency is 0.81 as compared to 0.85 for the design. 

Compressor-Inlet Conditions. The radial variation of relative 
inlet Mach number and relative inlet-air angle for the first rotor, 
station 2, Fig. 3, is shown in Fig. 10 at the peak efficiency point 
for equivalent speeds of 80, 90, 95, and 100 per cent of design. 
At design speed, because the flow exceeded the design value, the 
relative Mach number was higher than the design value and 
the relative inlet-air angles and incidence angles were lower than 
design. A maximum inlet Mach number of 1.24 was obtained at 
the tip of the first rotor and approximately 60 per cent of the 
blade span was operating at Mach numbers greater than 1. From 
80 to 100 per cent of design speed the compressor was operating 
at transonic tip relative inlet Mach numbers. 


Average Stage Performance 


Stage Characteristics. The choke and surge limits imposed by the 
compressor restrict the flow range of each stage of the compressor 
at any given speed. However, the use of generalized stage 
characteristics with certain limitations [19] can approximate 
the complete design-speed flow range for any stage. For the 
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presentation herein the stage characteristics will be discussed in 
terms of stage equivalent pressure-ratio (P,,/P,-2),, stage equiva- 
lent-temperature-rise ratio (A7’,-(n—2)/T'n-2),, adiabatic efficiency 
n, and flow coefficient y. The complete derivation of these 
parameters is given in [18]. 

First Stage. The performance characteristics of the first stage 
are given in Fig. 11(a). Although the stage operated over a 
narrow range of flow coefficient at each speed, it operated over a 
wide range of flow coefficient for the range of speeds investigated. 

Design flow coefficient was obtained at 90 per cent corrected 
speed where the curves indicate that a higher than design value 
of energy addition and pressure ratio are attained. Since the 
design and measured values of efficiency are the same, the in- 
creased work input could result from a higher than design turning 
of the air (overcambering of the rotor) or the effect of excessive 
annulus area at the stage discharge on the axial-velocity ratio 
across the rotor. The design value of boundary-layer blockage 
was felt to be reasonable for this stage since it was chosen from 
experimental single-stage results. Therefore, it was concluded 
that the rotor-blade overcambering was the cause of the higher 
than design performance at the design flow coefficient. 

The higher than design flow at design speed forced the first 
stage to operate at a higher than design flow coefficient. Conse- 
quently, although design energy addition was attained, the poor 
efficiency resulted in lower than design pressure ratio. 

It can be observed that the 70 per cent speed points are on the 
stall portion of the stage-performance curve and suggest the use 
of caution when employing these data. Hot-wire data behind the 
rotor indicated very unsteady flow even though a well-defined 
rotating stall was not present. 

Second Stage. The second-stage performance characteristics 
are presented in Fig. 11(b). The flow-coefficient range for this 
stage was slightly smaller than the first stage with all points free 
of the stall region. However, the small margin between the peak 
and design values of equivalent pressure ratio and temperature- 
rise ratio is not typical of a stage whose blade sections are de- 
signed to operate at their minimum-loss incidence angle. 

At design speed a slightly higher than design energy addition 
was obtained, but the low stage efficiency resulted in a lower than 
design pressure ratio. No evaluation of the possible effects of any 
discrepancies between design and actual effective flow areas on the 
axial-velocity ratio is made. 

Third Stage. The third-stage performance parameters are pre- 
sented in Fig. 11(c). The third stage is typical of an intermediate 
stage that operates over a small flow-coefficient range with over- 
lapping of the individual speed curves. 

The third stage did not produce design energy addition at any 
of the speeds. One reason for this might have been too low rotor- 
blade camber. A second possibility is insufficient camber in the 
second stator resulting from too low deviation-angle assumption. 
Insufficient stator turning would affect both the rotor incidence 
and inlet Mach number thus displacing the third-stage per- 
formance toward lower values of flow coefficient and energy 
addition. 

Fourth Stage. The fourth-stage performance characteristics 
are presented in Fig. 11(d). The flow-coefficient range is small 
and shows an overlapping of the individual speed curves, with all 
operation on the negative-slope side of the equivalent total- 
pressure-ratio curve. 

The higher than design values of pressure ratio and tempera- 
ture-rise ratio at design speed combine to give a higher efficiency 
than assumed in the design of this stage. Although the data in 
Fig. 8 indicate a total temperature discrepancy in this region, 
either rotor or stator-temperature values show that this stage 
produced a higher than design energy addition, though reserva- 
tions on the quantitative values of temperature-rise ratio and 
efficiency are necessary. 
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Fifth Stage. The performance characteristics of the fifth stage 
are presented in Fig. 11(e). Typically, the flow-coefficient range 
covered by the stage is larger than that covered by the inter- 
mediate stages. Also, this stage operates exclusively on the 
negative slope of the equivalent pressure-ratio curve. 

At design speed the fifth stage produced a higher than design 
energy addition and pressure ratio at approximately the as- 
sumed design value of adiabatic efficiency. 

Stage Matching. The point selected for the stage-matching 
evaluation was the design-speed point at which the compressor 
produced the design total-pressure ratio. At this operating point 
the higher than design flow forces the first stage to operate at 
higher than design flow coefficient on the choked portion of the 
At this mode of operation the first stage produced lower 
The combination of 


curve. 
than design pressure ratio and work input. 
increased flow and below design performance forced the second 
stage to operate at a higher flow coefficient and consequently 
below design performance, although the energy addition was 
higher than the design value. Continuing this type of reasoning 
across the third stage, where both the temperature rise and pres- 
a large difference should 
exist between the measured values of flow coefficient entering the 
third and especially the fourth stage assuming that the design 
variation of flow area is correct. Actually the characteristic 
curves show that the flow coefficients entering the third, fourth, 
and fifth stages approach the design values. The fifth stage did 
have the assistance of the fourth stage which produced a higher 
This could only occur if an excessive 
annulus area existed for these stages. Reference [6] has indicated 
that an excessive annulus area extended to the compressor dis- 
charge by comparison of the compressor-discharge velocities with 
the design values. Sources of the excessive annulus area could be 
rotor-blade overcambering, excessive design blockage allowance, 
and assumed design efficiencies which were too low. Indications 
of overcambering have been noted already. Also, as previously 
mentioned, the performance levels for stages two and three are 


sure ratio are below design values, 


than design density ratio. 
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lower than design. It is, therefore, fairly obvious that the area 
allowances for boundary layer used in the design were the main 
cause for the excessive annulus area. Although not as obvious 
for the fifth stage, it is believed that the blockage allowance is 
responsible for the major share of the excess annulus area. 

The evidence of overcambering in the inlet stages plus a higher 
than design axial-velocity diffusion throughout the compressor 
leads to the conclusion that the compressor could not have 
operated at design flow. The latter stages would have been 
forced over the stalled portion of their stage curves. The best 
match point appears to be at approximately 90 per cent speed. 
This is reflected in the increased efficiency of the first two stages 
as well as the location of the peak over-all compressor efficiency, 


Fig. 9. 


Blade-Element Performance 


Because the restricted flow range of the individual blade rows 
precluded clear definitions of minimum-loss operating regions, the 
blade-element performance parameters are plotted as a function 
of radial blade height rather than the conventional form as 
variations with incidence angle. Figs. 12 and 13 present radial 
distributions of these parameters for rotor and stator-blade rows 
at equivalent speeds of 90 and 100 per cent of design. 

For comparison and for aiding the blade-row performance 
analysis, the following quantities are included where applicable 
in Figs. 12 and 13: 

1 Design value [5]. 

2 Minimum-loss incidence angles and deviation angles com- 
puted from design rules of [21 }. 


Because of the small amount of stator data with circular-arc 
mean lines, the stator correlations of [21] are incomplete; conse- 
quently, only the angles based on low-speed two-dimensional cas- 
cade data are presented. 

Carter’s rule [22] has been used widely for computing deviation 
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Fig 12 Radial variation of rotor-blade-element characteristics 


angles. For the blading used in this compressor, deviation angles 
computed from Carter’s rule proved to be very close to those ob- 
tained from the method of [21] (maximum difference less than 
2 deg for both rotors and stators); consequently, only the latter 
are presented. 

In general, since the curves in Figs. 12 and 13 are self-explana- 
tory and the individual blade-element parameters have been dis- 
cussed rather completely in numerous single-stage investigations, 
only general observations will be made. 


Rotor Blade-Element Performance 

Losses and Incidence Angle. The loss levels of the inlet stages shown 
in Fig. 12 can be explained by a combination of the following fac- 
tors that influence the loss across an individual blade-element 
[10]: (a) Incidence angle of the approaching air, (b) relative inlet 
Mach number (compressibility and shock losses), (c) blade loading. 
For example, at design speed the tip regions of the first and second 
rotors exhibit all the flow conditions that tend toward the in- 
currence of high losses, including (a) incidence angles below 
minimum-loss values, (b) high inlet relative Mach numbers, and 
(c) for the second rotor especially, high diffusion factor. A com- 
parison of these same regions at part speed demonstrates the 
drop in loss level as the factors which influence loss reach less 
critical levels. 

Utilizing the method of [23] a surface Mach number of ap- 
proximately 1.6 at the tip blade element of both first and second 
rotors was calculated. At these Mach numbers, normal shock 
losses alone become significant, in addition to the detrimental 
effect of shock on the blade surface boundary-layer growth. 

Additional factors that tend to complicate the Joss picture are 
the interaction effects and the losses associated with the blade 
wakes from preceding blade rows. Consequently, the losses ob- 
served across a given blade row may not be related entirely to 
the flow process about that particular blade row. Reference [24] 
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reports the interaction effects observed behind a single stage pre- 
ceded by a set of inlet guide vanes. No results on these effects 
can be presented from the test data of this machine. However, 
a summary of observed blade-element losses for all stages at points 
near the computed minimum-loss incidence angle indicated that, 
at the measured diffusion-factor levels, the measured losses fell 
within the range of loss reported in [23]. 

Deviation Angle. As mentioned previously, at the time of this 
design no rules for computing deviation angle were known that 
had proved accurate for this type of design. Consequently, the 
design deviation angles were obtained from the small amount of 
available data [5]. 

Differences between design and measured deviation angles at 
design speed in Fig. 12 give an indication of the overturning that 
would have occurred if design incidence angle had been at- 
tained. In general, Fig. 12 shows that, for all rotor rows and 
at each speed, whenever the observed incidence was close to 
the computed minimum-loss incidence angles, the observed and 
computed deviation angles were approximately equal. The 
deviation-angle rule of [21] seems to be applicable to all stages 
of this design. 

Blade Loading. The parameter used herein to indicate the level 
of blade loading is the diffusion factor D developed and discussed 
in [9]. Curves from this reference, which represent single-stage 
data correlation, where shock losses are not excessive, indicate 
that the rotor-tip-region diffusion factor is the principal de- 
terminant of the blade-row efficiency. Values of tip diffusion fac- 
tor of 0.35 to 0.45 have been used in transonic-stage designs as 
approximate limiting values for acceptable tip-element efficiency 
(approximately 0.90 or better). 

Some evidence from other multistage-compressor investiga- 
tions indicated that, for stages other than the inlet stage, good 
efficiency was observed in the tip region for diffusion factors 
greater than 0.50. Similar examples may be noted with the 
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Fig. 13 Radial variation of stator-blade-element characteristics 


data presented herein. The data are insufficient to determine 
whether this trend represents something which is universal or 
fundamental in nature. 


Stator Blade-Element Performance 

The total-pressure loss associated 
with the subsonic flow across a stationary blade row is the result 
of two separate effects: (a) A total-pressure loss due to boundary- 
layer build-up on the blade surfaces (wake loss), and (b) a de- 
crease in free-stream total pressure due to turbulent mixing of the 


Losses and Incidence Angle. 
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air leaving preceding blade rows (free-stream loss). For this com- 
pressor an attempt was made to determine experimentally both 
types of losses. 

The wake loss is computed from the difference between the 
average free-stream total pressure and the average total pressure 
at the stator outlet. A detailed description of the method used 
to compute these average total pressures is presented in [8]. 
The total, or complete, loss across a stator row is defined as the 
difference between the average total pressure measured at the 
rotor and stator-outlet measuring stations. These total-pressure 
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Fig. 13 Radial variation of stator-blade-element characteristics 


losses are presented in Fig. 13 in terms of a total-pressure-loss co- 
efficient (equations (45) and (A6) of [8]}). 

In general, the flow range covered by the stators is not large 
enough to define minimum-loss incidence angles. 

An interesting feature noted during the surveys with the wake 
rake at radii near the compressor hub was the presence of regions 
of low total pressure (sometimes called ‘‘cores’’) located between 
the stator-blade wakes. References [25, 26, 27] present and 
discuss similar results observed in a compressor cascade. Fig. 
14 presents a number of examples of the circumferential pressure 
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variation near the compressor hub. All stages have a moving wall 
except the fifth stage. 

Deviation Angle. As previously discussed, the stator deviation 
angles were computed from an empirical rule based principally 
on the data from [28]. 

At points of low loss or points near the computed minimum-loss 
incidence angles, a comparison of the deviation angles measured 
and those used in the design with those computed from the 
methods of [21] indicated that the measured deviation angles are 
within 2 deg of design values and both design and measured de- 
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viation angles are from | to 4 deg higher at the tip and 2 to 4 deg 
lower at the hub than the values computed from [21]. These 
values were exceeded somewhat at the hubs of stages four and 
five possibly because of the effects of the low-energy region on the 
angle measurements at those stages. 

Comparison With Design. Most of the results of the individual 
stage performance and matching to be discussed have been pre- 
sented already in the discussion of the stage-performance curves. 
The curves in Figs. 12 and 13 probe more deeply into the flow 
processes of all stages and further substantiate the conclusions 
that have been drawn already. 

First Stage. With the higher than design flow passing through 
the compressor, the first rotor-blade row operates at lower than 
design incidence. However, the overcambering of the blade 
balanced the reduction in turning resulting from the lower in- 
cidence angle so that the air turning and axial-velocity ratio 
eombine to produce approximately design energy input at all 
radial locations. 

Since the blade row produced approximately the design work 
input, at all radii the element efficiency (and pressure ratio) 
varied according to the radial distribution of loss. In the tip 
region, the observed losses resulted in below design performance. 
In the hub and mean regions the low losses that resulted in higher 
than design efficiencies and pressure ratio reflect the use of design 
blade-element efficiencies that were too low. 

A comparison of measured and design deviation angles at the 
stator exit indicate that the air was discharged axially at all 
radii. 

Second Stage. The higher than design flow, an average density 
rise below design across the first stage, and some shifting of the 
flow resulted in the radial distribution of incidence angle and 
inlet relative Mach number shown in Fig. 12. The axial-velocity 
ratio was approximately equal to the design value at all radii. 

- Consequently, the incidence and deviation angles (again indicat- 
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ing overcambering) combine to produce the indicated radial gradi- 
ent of energy addition. 

The high losses measured across the blade row are not unex- 
pected, since the same conditions that usually lead to the forma- 
tion of surface shocks and separation noted for the first stage 
were also present for this stage. In addition, the blade overcam- 
bering caused high values of diffusion factor at the tip. The 
efficiency was lower than design at all radii except the hub 
region, while the pressure ratio showed a gradient from hub to .- 
tip similar to the work input. 

Flow across the stator row indicates that the desired turning 
was not obtained from the mean to the tip section. It should be 
noted that, in the design of this stator, the solidity was lowered 
from the original level without computing new camber angles and 
therefore the solidity and design deviation angles are not com- 
patible with the design empirical rule. 

Third Stage. The higher than design flow, the below design per- 
formance of the inlet stages, and the below design turning in the 
second stator all combine to force the third rotor to operate at 
incidence angles lower than design except at the tip element. 
Deviation angles again indicate a slight overcambering and com- 
bine with the incidence angles and axial-velocity ratio to produce 
a sudden gradient of energy addition in the tip region. Except in 
the tip region, the energy addition is below the design value. 

Losses showed a decreasing trend from tip to hub and, in gen- 
eral, were higher than would be expected for the measured diffusion 
factors. The increased loss appears to result from rotor operation 
at lower than minimum-loss incidence angles. Another possibility 
is the effect on this blade row of operation in an environment 
where circumferential flow variations exist as a result of poor per- 
formance of preceding stages. The combination of work input 
and efficiency resulted in pressure ratios below design except in 
the tip region. 

It is evident that, although the work input and pressure ratio 
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Fig. 13 Radial variation of stator-blade-element characteristics 
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0.180 INCH, 


were below design over most of the passage height, the axial- 
velocity ratio was approximately equal to or lower than design. 
This indicates that the area ratio across the stage was larger than 
necessary and apparently resulted from the use of excessive wall 
boundary-layer allowance in the design. 

Observed stator deviation angles were close to the design val- 
ues, indicating that axial discharge was achieved. Wake losses 
appeared reasonable at all radii. 

Fourth Stage. Incidence angles entering the fourth-stage rotor 
were approximately equal to the design values. Since the average 
performance thus far had been below design, this is again an indi- 
cation of excessive passage area. Although the blade overcamber- 
ing, and a slightly higher than design axial-velocity ratio have 
opposite effects on the work input, a higher than design energy 
addition was produced at all radii. 

The high losses across the fourth rotor are difficult to explain. 
The difference in level of total temperature measured at the rotor 
and stator outlets, Fig. 8, immediately suggests either tempera- 
ture-measurement errors or the inability to obtain circumferen- 
tially averaged values of performance data at this stage and 
speed. 

Although the high losses resulted in efficiencies lower than de- 
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Fig. 14 Circumferential variation of total pressure measured at exit of 
stator blade row; equivalent speed, 100 per cent design 


sign at all radii, the increased work input produced a higher than 
design pressure ratio at all radii. 

Across the stator row the wake losses appear reasonable, while 
deviation angles were slightly higher at the tip and slightly lower 
at the hub than the design values. 

Fifth Stage. Except for the measured losses, the performance of 
the fifth stage paralleled that obtained in the fourth stage, with 
incidence angles equal to or slightly higher than design, over- 
cambering of rotor blades at all radii, and a higher than design 
energy addition. 

Losses measured across the fifth rotor appear low. No obvious 
temperature error to explain the loss level can be observed, Fig. 8. 
Comparisons of the observed results with the values of [9] indi- 
cate that the measured losses were lower than those anticipated 
from the survey of single stage results. 

The efficiencies were above design at all except the hub stream- 
line, and pressure ratios were above design at all radii. 


Summary of Performance Results 


The following results were obtained from an investigation of 
over-all performance of the five-stage axial-flow transonic com- 
pressor: 
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1 The maximum total-pressure ratio obtained at design speed 
was 5.00 at an equivalent flow of 69.8 lb per sec with an adia- 
batie efficiency of 0.81 compared with design values of 5.00, 67.5, 
and 0.85. 

2 The maximum peak efficiency was 0.87 and was obtained 
between 80 and 90 per cent of design speed. 

From the analysis of the interstage performance data the 
following conclusions were reached: 

1 Overcambering to some extent in all rotor-blade rows. 

2 High losses in the first two stages especially at the tip sec- 
tion. 

3 Excessive annulus area from the first-stage exit to the com- 
pressor discharge. 

4 The overcambering and excessive values of annulus area 
caused stages to be mismatched at design speed and probably 
helped the low-speed performance. The best match point for all 
stages occurred in the range between 80 and 90 per cent of design 
speed. 


Concluding Remarks 


The need for more detailed measurements in multistage com- 
pressors for use in the design systems and for an understanding 
of the internal flow in a multistage compressor is recognized. The 
data presented in this paper provide the designers with one 
example of characteristics as observed through a multistage com- 
pressor and give some insight into the applicability of inlet-stage 
data to the design of later stages. 

This paper is by no means a complete discussion of all the de- 
tailed information that has been published in [5 to 8] concerning 
this compressor program but is rather an attempt to summarize 
the work done and give some of the more significant design and 
performance results. 
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DISCUSSION 


P. Schwaar® 

This paper provides a comprehensive account on the design 
and the test results of an interesting multistage transonic com- 
pressor unit of unusually high stage work input. Also, the 
analysis of the test performances is commendable, as it supplies 
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valuable practical informations to the designer, especially on 
stage matching conditions. 

There are several points pertaining to the design assumptions 
that could be debated, such as the choice of the rotor incidences, 
the distribution of the work input between the stages, and the 
calculated values of the stator deviation angles. I would also 
suspect that too high aerodynamic blade loadings were generally 


accepted in the design. 
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However, the results clearly show that the basic aerothermo- 
dynamic design conception, i.e., the velocity triangles with zero 
stator exit flow rotation, was a fundamentally correct solution. 
Therefore it would have been very pertinent, from both the re- 
search and practical standpoints, to order a second blading version 
modified according to the experimental findings. Since this 
apparently was not done, I venture to ask the authors to indicate 
the blading design modifications they would have suggested for a 
revised proposal. 
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A Practical Method of Predicting 


W. C. SWAN 


Unit Chief, Research — Mechanical 
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Transonic-Compressor Performance 


A real fluid-stream filament axial-flow-compressor performance method is deduced from 
theory and statistics. 
tion is combined with the continuity, energy, and flow-process equations to yield a group 
of equations which is readily adaptable to solution on a digital computer. 


The nonisentropic complete radial equilibrium-momentum equa- 


The real fluid 


effects, such as subsonic viscous losses and shocks at cascade entry, are deduced from 
statistics in terms of a blade-loading parameter. A program suitable for rapid calcula- 
tions on a digital computer is presented in schematic form. A comparison between the 
deduced and the measured performances uf an arbitrary stage is made. The correlation 
obtained indicates that the performance method is reliable. 


Introduction 


N THE process of designing a modern jet-engine com- 
pressor it is not merely sufficient to obtain an adequate descrip- 
tion of the flow process at design point, but a reliable means of 
estimating performance at flows and speed far from design is 
essential in order to match the engine components properly prior 
to the initial build. The pressing demand for lighter engine 
weights has made the available techniques of performance 
prediction of axial-flow compressors even more critical, particu- 
larly when compressibility effects and passage shocks occur. In 
general, these complex flow conditions have been resolved only 
through extensive development testing of single-stage designs 
before a reliable multistage compressor map could be defined. 
The purpose of this study was an attempt to develop a practical 
digital-computer program which could be used to describe rapidly 
the performance of high-performance single stages of arbitrary 
geometry at speeds and flows significantly removed from de- 
sign, such that the stage characteristics could be presented and 
analyzed without the need for extensive testing. If an acceptable 
method could be devised, then the multistage characteristics of 
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any compressor could be determined by stacking these individual 
stages, using techniques which are currently available in the 
literature. Thus a wide range of single-stage designs could be 
examined rapidly in order to sort out the most favorable single- 
stage features for a given engine mission. 


Real Fluid Approximations 

General. The impetus to attempt to solve such a problem, which 
of necessity deals with three-dimensional compressible flow in 
which shocks may be present, occurred when Lieblein [1] pub- 
lished his blade-loading parameter, the equivalent diffusion, Deq, 
which appeared to describe satisfactorily the low-speed relation- 
ship between blade-element loading and losses at any flow condi- 
tion. The previous inability to tie down element losses made the 
stream-filament method of analysis questionable at least for 
flows significantly removed from design. Although Lieblein’s 
study was restricted to two-dimensional cascade flow at low 
speed, he paved the way for consideration of the more interesting 
compressor problem. The equivalent diffusion parameter, Deq, 
for the compressor-rotor case is defined [1] by 


sin? 6; 


Deq = [x oa Kili — i*)Ks aa Ki-——- 


1 Numbers in brackets designate References at end of paper. 





Nomenclature 


= rotor air angle 
axial velocity 
swirl velocity 
radial velocity 
diffusion factor 
equivalent diffusion 
= deviation angle 
) = cotangent of rotor air leaving 
angle, 6:, as a function of 
radius 
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incidence angle 

“ ‘ p/P, 

= ratio of specific heats 

= stator air angles 

= dimensionless mass flow, m = 
Ww 


2nP.R, P, 
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ov 
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Mach number based on total 
velocity, M 
where ® = 


= compressor speed 
polytropic exponent 
polytropic efficiency 
wake loss coefficient 
angular velocity of rotor 
= pressure 
= dimensionless pressure, P = 


reference total pressure 

density 

dimensionless density, Q = 
wR 2p 


= gas constant 
p upper-surface radius 
(yr)? tip radius 
(B? + 24 92)'/2 = radius 
= reference-tip radius 
dimensionless radius, 
r/R, 
absolute temperature 
dimensionless temperature, r 
Ro 
¢ wk? 
specific work coefficient, Af 
- wA(rCu) 
ur? 
= peripheral speed 
= tip speed 
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where the constants Ki depend on the choice of blade planform 
and thickness distribution, as determined from statistics. 
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Fig. 1 Typical vector diagram 

Fig. 1 shows the vector-diagram definitions used in this paper. 
Lieblein showed that this element-loading parameter could be 
correlated with a wake-momentum-thickness parameter (@/C) 
such that the loss coefficient of a cascade element could be ap- 


proximated by 
6  @ sin Be sin 6; 2 
en sin B, 
if the form factor of the wake could be assumed constant. Lie- 
blein’s model limits element losses to those caused by surface 
friction, flow separation, and wake mixing. 
This noteworthy accomplishment gave compressor designers 
for the first time a reasonable tool to tie down the loss-loading re- 


lationship in compressor blades in simple terms of the vector- 
diagram quantities and cascade statistics. 

Minimum-Loss Analysis. Using the foregoing procedure, a large 
volume of compressor-element data on rotors and stators re- 
ported in the literature (i.e., Double Circular Arc; NASA 65 
Series; British C Series) were examined in exhaustive detail in 
order to note whether similar compilations could be obtained as 
for the low-speed cascade case of Lieblein. It was found that, so 
long as the flow approaching the blade element was subsonic, a 
reasonable control on data scatter could be maintained. The 
data survey was conducted in two parts, similar to that sug- 
gested by Lieblein. One study was conducted only at minimum 
loss, with separate study covering the off-minimum loss case. 

Fig. 2 presents a typical curve fit of data analyzed at minimum 
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Fig. 2 Estimated variation of wake ft 
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loss, showing Deq* versus (6/C)* for double-circular-are rotors. 
The data used to obtain this compilation also included rotor ele- 
ments which had been operated transonically; i.e., shocks in the 
passage. A device, to be discussed shortly, was used to subtract 
an estimated shock contribution, @,, from the total measured loss 
coefficient, @r, to obtain an estimated loss coefficient represented 
only by the viscous and wake action, compatible with Lieblein’s 
fundamental assumptions. The similarity in the trends of Fig. 2, 
with the work previously published by NASA [2], at minimum 
loss, is not too surprising because at minimum loss it can be 
shown that the earlier NASA parameter, diffusion factor [3], 
behaves in a similar manner to the current loading parameter. 
At off-minimum loss, however, the diffusion factor [3], has no 


meaning. 
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Fig. 3 Estimated off-minimum loss variation of wake-momentum thick- 
ness with equivalent diffusion 
Off-Minimum-loss Analysis. Compilations deduced at off-mini- 
mum loss showed that spanwise location of the element had little 
but that the inlet relative Mach number did influence the 
loss-loading compilations. Fig. 3 presents a typical curve fit ob- 
tained for (@/C) — (@/C)* versus Deq — Deq* for double-circu- 
lar-are rotor-blade elements independent of spanwise location. 


effect 


Each characteristic line was identified by a representative average 
approach Mach number for a range of data, to simplify the com- 
puter problem later on. As with the minimum-loss tabulations, 
values of (6/C) were deduced from statistics by removing an 
estimated shock-loss contribution from the raw compressor data. 

Stall and Choke Limits. 
data showed that flow separation on any blade element, regard- 
less of whether shocks were present or not, became obvious when 
As an expedient measure 


A close examination of blade-element 


Deq reached a magnitude of 2.0—2.2. 
it was decided not to use data where Deq 2 2.20, and to direct 
the ultimate computer program to note when blade-element load- 
ing exceeds this value. The negative-incidence range limit of 
data analysis was established as the point where the total-pres- 
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sure-loss coefficient @ became greater than 2.0 times the mini- 
mum-loss value for the element. This arbitrary termination 
point in data analysis was based on observations that pressure- 
surface separation or channel choking appeared at higher flows. 
Shock Analysis. Since Lieblein’s method was developed for 
flows wherein only viscous flow, separation, and wake-mixing 
losses occur, some gross method for approximating the shock 
contribution was required in order to get by this most complex 
obstacle. From numerous shadowgraph observations of tran- 
sonic elements operating near minimum loss, the flow representa- 
tion shown in Fig. 4 was adopted as a means for approximating the 
shock contribution to the total element loss. The blade section 
in transonic flow was considered to be made of two circular arcs, 
with a bow wave always attached to the leading edge. The flow 
was assumed to approach the leading edge, tangent to the upper 
A Prandtl-Meyer expansion occurs, until an expansion 
The strength of this 


surface. 
wave intersects the neighboring blade. 
expansion, the angle #, was approximated by the geometry shown 
in Fig. 4. The limiting suction-surface Mach number was thus 
estimated. A normal shock was assumed to occur across the 
channel at the minimum area. The upstream average Mach 
number was taken as the numerical average of the free-stream- 
approach Mach number, and the maximum suction-surface Mach 


NOTATION 





Fig. 4 Approximate transonic inflow picture at minimum loss 


relationships 
Hence 


number. The one-dimensional normal shock 
yielded a relative total-pressure loss through the shock. 
the estimated shock loss coefficient @, became 
pe? a 3) 
Pal = Py sis 
where P,,.’ is the fictitious total pressure computed downstream 
of the assumed normal wave. 
Using this great simplification of the true flow picture, the loss- 
loading correlations achieved at least the same consistency for the 
compressor elements as were obtained by Lieblein for two-dimen- 


sional cascade sections. 


Flow Equations 


The performance method chosen was a modification of a com- 
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puter-machine method proposed by Rannie and Holmquist [4]. 
This technique used Cartesian co-ordinates, wherein the fluid is 
treated as a compressible perfect gas, and the real gas effects, 
such as viscous forces and shocks, are treated only as they in- 
fluence the polytropic efficiency. 


(4) 


Using the polytropic-flow approach excluded the possibility of 
considering separation of the flow at the channel walls, or along 
the blades. Hence performance computation had to be ter- 
minated when stall occurred (Deq = 2.20) on any element. The 
occurrence of secondary flows, boundary layers, or shocks in the 
passageway were considered only as they affected the polytropic 
efficiency. 

In the Rannie performance method, the known or assumed 
conditions are the upstream velocity field and state conditions, 
the downstream relative flow-angle distribution, and the poly- 
tropic-exponent distribution. The unknowns are then the blade 
loading, the downstream flow field and state conditions, and hence 
the over-all performance. 

By combining the equation of state, 


P=Qr 
with the continuity equation, 
Qidisidé = Qodrkodé. = Qsbs&:d Es 
the complete radial equilibrium equation, 
i Ff _8¢ 00 
Q o& g og 
and the energy equation across a rotor, 
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J — + (0.2 + A? + G2? — 2X2) 


~ ¥-1Q@ 2 = 


or the energy equation across a stator, 
1 ° 
(8.2 + As? + dat) = 
2 Y- 


1 
t = (8+ + gst) = —— 


aol (8b) 


and incorporating the polytropic exponent in the flow-process 


T\UN=1 
Ti 


equations 


N= 


rag” and 9 = polytropic efficiency 
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Rannie and Holmquist were able to define the downstream 
flow coefficient distribution for a rotor by the following equation: 


a déz , : dt 
i &(1+G? 2 _ {& 2 
ape, Deals. P Si &(1+ G3) 


- Ea4 oy LJ, 
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(10) 


where 
G = cet B.(&), a known or assumed item 
C, = constant of integration 


The constant of integration is determined by inserting equation 
(10) into the continuity equation 


fo2 P.\ WN 
I. ™ (F) e 


Equation (10) is readily solvable by numerical methods on a 


(11) 


computer, because the downstream pressure distribution, P»( £2), 


Ji \& dé, 


dé. NIN ~-1 
— 7 ) dé + c.| (12) 
a2 


where the constant of integration, C2, is determined by applying 
the energy equation at a wall. The term d6./df» in equation (12) 
was shown by Rannie to be readily approximated by the first 
and second derivatives of the assumed streamline slopes in the 
numerical network, through 


th He (8) 4 (#8) 
dts dg \ df /s dg? J's 


is known from 


N-1\ Q 
N ) PN 


P, = 


(13) 


Digital-machine techniques make this a simple procedure for 
given wall boundaries and equal area stream tubes. 

The stator solution is shown by Rannie to be quite similar to the 
rotor. 


Calculation Procedure 
The digital-computer program devised in this study is il- 
lustrated in Fig. 5. Briefly, the method proceeds as follows: 


(a) Given the wall boundaries; mass flow; compressor speed; 
inlet total pressure, P.:(£:); inlet total temperature, 7,:(£); the 
design equivalent diffusion, Deq* (&); design wake momentum 
thickness, (8/C)* (£). For single-stage designs it was assumed 
that the design conditions are minimum-loss conditions all along 
the span, This requirement was believed justified for a single- 
stage design. Stage-stacking procedures may be applied later to 
modify the single-stage characteristics. 

(b) A large number (at least 7 are recommended) of stream- 
lines were defined, based on equal-area stream tubes for simplicity, 
and equations for these streamlines determined. Then the 
numerical magnitude of the streamline first and second deriva- 
tives were determined at the inlet and exit stations from the 
blade row. 

(c) In general, the inlet-flow velocity field is not known for an 
isolated stage. If P..(&) and 7(&) are assumed constant, and 
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\i(E) = zero, as would be the case for an isolated stage, the flow 
coefficient, ¢:(£), can be approximated to close accuracy [5] by 


gs 
tds * ec Lt 


—2{1 = M,.:?! 


dg 


ag 








This expression simply reveals the effect of wall curvature and 
taper on the velocity field. A guess at the value of @ at a 
boundary, followed by numerical integration procedures, which 


1.0 
m = 2 be Qoidé = const (15) 
& 


be satisfied, leads to the ¢,(£) distribution. The distribution of 
the radial velocity, 0,(£), was obtained from the further assump- 


tion that 
0~6(%) 


Knowing the velocity field allows the determination of the re- 
maining inlet data, i.e., Q,(£), 71(£), and P,(£). 

(d) Estimated values of N(E) and G(£) were established. 
The machine calculation procedure started at design point where 
N(£&)* and G(&)* are known. Flow increments of 1 per cent and 
speed increments of 5 per cent were computed and, hence, starting 
with the final values of N(£) and G(&) of the previous computation 
leads to quick machine closures. It was found advisable to find 
the backbone for the stage (line of minimum loss for the mean 
stream tube, generated by changing compressor speed), and 
thence to generate each speed line off from the backbone point. 
Using this procedure each backbone point became a “design 
point’”’ for the given speed. 

(e) Solve equations (10), (11), (12), (13), and (16) to yield 


& 


at (16) 


require that the continuity equation 


$2(£); A2(§); 6,(€); P(£); Q2(£); and 72(). 
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Fig. 5 Single-stage, transonic axial-flow compressor, digital-computer performance program 
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(f) The resulting vector diagrams were determined, from which 
the equivalent diffusion, Deq (&), were found. Entering a 
compilation of blade loading-air deviation angle data, such as is 
presented in Fig. 6, allows a ready modification to the initially 
assumed value of G(£) = cot 8.(£) = f(6). Only small changes 
to G(&) were observed and a single corrective loop is all that was 
required. 

(g) The loss coefficient @; was determined from loss-loading 
statistics, such as Fig. 3. When the approach Mach number toa 
blade element exceeded unity, a shock-loss coefficient Ws was 
estimated (as previously outlined), and hence @p & w + ds. 
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(h) A new value of N(£) was then determined. Downstream 
of the rotor, the total pressure was approximated by 


Wyss 
P.2 > Pa (22) 
Tol 
[a 


The total temperature, 7.2(£), was determined from the vector- 
diagram quantities because 


(18) 


— 1 
Tur = Ta + I y (E22 ite &A1) 


The static pressure, P,(&), was found from 
ax: Paty~3 
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Finally, the new value of N(&) was recomputed from 


N= a (21) 


In T2/T1 


In P;/P, 
(i) Steps (e) through (hk) were repeated until an acceptable 
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closure occurred. Experience with the machine process showed 
the N(£&) closed very rapidly for the rotor case. The stator case 
gave more difficulty, because the omission of the work terms from 
the combined relationships made the polytropic-efficiency terms 
most predominant in the solution. Artificial closure procedures 
were required, although the performance accuracy was main- 
tained. 

The computer program, illustrated in Fig. 5, required ap- 
proximately 20 continuous machine hours (IBM 653) to describe 
a complete single stage using 20 stream filaments. A compressor 
map consisted of 10 points per speed line, and 10 speed lines at 5 
per cent speed increments. An IBM 704 program time was 
estimated at 2 hr per map. Whereas both of these machine 
times are high, it is believed justified if the flow processes evolved 
could check performance measurement accurately. Anyone who 
has followed the transonic-compressor process of design—build— 
test—and modify will appreciate this statement. 


Comparison With Experiment 


An attempt was then made to demonstrate the quality of in- 
formation offered by this approximate three-dimensional per- 
formance procedure. A typical transonic-compressor inlet stage 
was designed using the inverse procedure to that described in this 
paper. The tip loading at design was purposely made ab- 
normally high to insure that stall would occur first in that region. 
Subsequent testing was to include hot-wire measurements in the 
tip region. Fig. 7 shows a view of the rotor section installed in a 
test cartridge. Complete blade-element data were recorded be- 
fore and after the rotor, at several tip speeds, between choking 
flow and flows where significant rotating-stall zones first appeared 
on the hot-wire recording scopes. 

Figs. 8 and 9 shows a comparison between measured and de- 
duced performance at design speed and flow. The close agree- 
ment for M,‘(£) and §,(&) indicates the accuracy of equation 
(14) at predicting inflow conditions. The good correlation be- 
tween theory and experiment on adiabatic-efficiency distribution 
reflects the tremendous job accomplished by Lieblein in devising 
the minimum loss-loading relationships. Only eight measuring 
stations were used experimentally and, where data are omitted, 
instrumentation difiiculties are to blame. 

Fig. 10 presents the mass-averaged performance map as de- 
duced from theory and checked by test measurements. In gen- 
eral, the machine computations yielded higher efficiencies than 
observed on test, at flows far removed from design. However, 
the general trends were remarkably similar. The dotted line in 
Fig. 10 represents the computed stall line as identified earlier in 


Fig. 7 Experimental transonic rotor 
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the paper. The last noted test points reflect incipient stall as 
reflected by the tip hot-wire traces. It is left for the reader to 
judge the validity of this suggested stall limit. 

Even more significant to the detailed compressor designer are 
the blade-element characteristics. In Figs. 11, 12, and 13 are 
shown the comparisons obtained between the measured and de- 
duced characteristics for the tip, mean, and root rotor sections. 
Anyone who has had the task of reducing and defining test data 
of this type will appreciate the probable accuracy of these com- 
parisons. As expected, the mean stream-tube comparisons were 
the most gratifying. 

Subsequent usage of this program on improved stage-design 
types has yielded superior elemental comparisons to those shown 
in the paper. In general, it was concluded that although these 
elemental comparisons may be a little ambitious, the trends ob- 
served in the mean-line element served the fundamental purpose 
of this study, which was to devise a computer method which would 
allow analysis of a large variety of single-stage types in order to 
achieve optimum stage matching for specific engine missions. 


Conclusions 

In this paper an attempt has been made to summarize a real- 
fluid, three-dimensional performance method for a transonic-com- 
pressor single stage, suitable for programming in a digital machine. 
The method was to be practical, in that short-time parametric 
studies could be made of the effect of design variables on unstalled 
range of such a stage. The method proposed combines Lieblein’s 
most recent loss-loading techniques with the classic performance 
method of Rannie and Holmquist. A lengthy statistical search 
was conducted to modify Lieblein’s compilations for the compres- 
sor case. An illustrative example is outlined followed by a com- 
parison between deduced theory and experiment. The test com- 
parisons suggest that this practical machine tool may be of some 
value in examining single stages prior to proceeding with the 
usual stage-stacking practices. 
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DISCUSSION 
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Methods of performance estimation for turbomachinery must 
receive continued attention if the cost of development of gas-tur- 
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bine units is to be reduced. The approach used by Mr. Swan is 
one which offers promise for axial-flow compressors and turbines 
if the required blade-section data are available and properly 
correlated. 

A similar method for predicting axial-flow compressor blade-row 
performance was developed at Iowa State University with NASA 
support. Some of the results were reported in reference [6].* 
The blade-element methods and NACA 65-series blade data 
correlations of Mr. Swan’s reference [2] were used with considera- 
ble success for low relative Mach numbers. The high speed 
results were not too satisfactory, but it is believed that Mach 
number correction procedures such as those used by Swan and 
reported by Miller, Lewis, and Hartmann [7] offer a possible 
solution to this problem. 

One way in which it is likely that some improvement might be 
made in Mr. Swan’s system is in the treatment of the flow condi- 
tions near the inner and outer casing. In the mass flow integra- 
tions (steps 3 and 4 of the author’s Fig. 5) some correction for 
boundary-layer blockage effects might be appropriate to account 
in part for the large velocity gradients which occur near the 
boundaries in experimental investigations of real machines. 
Some allowance might also be made for the rapid change in en- 
tropy with radius which occurs in the wall boundary layer be- 
cause of the effect that these gradients have in determining blade 
row efficiency. It is, however, recognized that estimating such 
corrections is not simple on the basis of currently available in- 
formation. 

Mr. Swan should be commended for his work in developing 
and presenting this paper. The results are encouraging and it is 
hoped that others who have studied the performance prediction 
problem will make similar contributions to the literature in the 
near future. 
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Author’s Closure 


Professor Serovy’s comment on wall flow conditions is an im- 
portant one. In actual practice the single-stage designs were 
determined using a boundary layer factor of varying degree, de- 
pending on stage position. When the off-design calculations 
were performed, no change to the value of this factor was made, 
for lack of physical evidence to support the choice. Those ex- 
perimental tests which were conducted, however, indicated that 
the displacement in flow coefficient profile was no worse at off- 
design unstalled flow points than for the one design conditions. 
I believe this single point of wall boundary conditions to be the 
main obstacle to the application of this method to multistage 
compressors. 


3 Numbers in brackets designate References at end of discussion. 
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